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PREFACE 


The  aerospace  community  has  come  to  realize  that  Computational  Fluid  Dynamics  offers  great  potential  as  an  analysis 
and  design  tool  for  air  vehicles  as  well  as  components.  Great  strides  have  been  made  in  recent  years  in  development  of  both 
computer  hardware  and  solution  algorithms  as  well  as  pioneering  applications.  Design  applications  are  being  made  in  today's 
developments.  In  general ,  CFD  methods  of  today  can  simulate  flows  about  complex  geometries  with  simplified  flow  physics 
or  flows  about  simple  geometries  with  complex  flow  physics,  however,  they  cannot  simulate  both  in  many  cases.  Significant 
progress  still  has  to  be  made  to  help  resolve  these  issues. 

The  ultimate  goal  of  CFD  development  is  a  fiiUy  mature  design  and  analysis  capability  that  is  user  friendly,  cost 
effective,  numerically  accurate  and  fully  verified  by  detailed  experimental  or  analytical  comparisons.  A  critical  step,  as  far  as 
practical  applications  of  CFD  are  concerned,  is  the  thorou^  validation  or  calibration  of  the  CFD  tools.  Through  validation 
the  design  user  of  CFD  can  gain  the  high  level  of  confidence  that  is  needed  to  permit  the  capability  to  realize  its  full  potential 
as  a  design  tool. 

AGARD's  Fluid  Dynamics  Panel  has  sponsored  a  Symposium  with  the  specific  intent  of  examining  activities,  both 
computational  and  experimental,  directed  toward  validating  or  calibrating  CFD  codes  over  a  broad  spectrum  of  fluid- 
dynamics  study  areas.  The  objectives  of  the  Symposium  were  to  identify  the  level  of  agreement  of  numerical  solution 
algorithms  and  physical  models  with  experimental  and/or  analytical  data,  to  identify  regions  of  validity  for  given  flow  solvers, 
and  to  identify  flow  regions  where  significant  gaps  exist  and  further  work  is  warranted. 

Due  to  the  intense  interest  in  this  subject,  a  large  number  of  paper  abstracts  were  submitted  to  the  FDP  ‘*Call  for 
Papers”.  The  Programme  Committee  decided  to  accommodate  this  intense  response  by  inviting  authors  to  prepare  “Poster 
Papers”  for  a  special  session.  Poster  Papers  were  mounted  on  large  display  stands  and  authors  informally  inter-acted  wirh 
interested  participants  during  a  two  hour  period.  This  stimulating  discussion  period  proved  to  be  highly  successful.  Volume  2 
contains  the  formal  written  versions  of  the  Poster  Papers.  Volume  1  contains  the  Symposium  papers  and  the  concluding 
Round  Table  Discussion. 


La  communaute  aerospatiale  est  en  voie  de  se  rendre  compte  des  possibilites  enormes  offertes  par  le  calcul  en 
dynamique  des  fluides  en  tant  qu'outil  d'analyse  et  de  conception.  Des  progres  considerables  on  ete  enregistres  au  cours  des 
demieres  annees  dans  le  developpement  du  materiel  informatique  et  des  algorithmes  de  resolution  ainsi  que  des  applications 
originales  et  des  applications  d'etudes  sont  en  cours. 

En  regie  generale,  les  nouvelles  methodes  de  CDF  permettent  soit  de  simuler  des  woulements  autour  de  geometries 
complexes  selon  des  lots  physique  d'ecoulement  simplifiees,  soit  de  simuler  des  ecoulemcnts  autour  de  geometries 
simplifiees,  selon  des  lois  de  physique  d  ecoulement  complexes,  mais  non  pas  les  deux,  dans  bien  des  cas.  Des  efforts 
importants  sont  encore  demandes  afin  de  resoudre  ces  problemes. 

Le  but  ultime  recherche  par  ces  travaux  de  developpement  du  CDF  serait  la  r^isation  d'un  systeme  d'analyse  et  de 
conception  a  I’epreuve  de  toute  defaillance,  et  qui  serait  en  meme  temps  convivial,  d'un  bon  rapport  qualite/prix,  precis  du 
point  de  vue  numerique  et  confirme  rigoureusemem  par  des  experimentations  detaill^s.  En  ce  qui  concerne  les  applications 
pratiques  du  CDF,  la  validation  poussee,  ou  I’etalonnage  des  codes  CDF  represente  une  etape  critique.  La  validation  assure  a 
I'utilisateur  du  CDF  le  niveau  de  fiabilite  eleve  dont  il  a  besoin,  et  elle  doit  permettre  a  cet  outil  de  r^ser  tout  son  potentiel 
en  tant  qu'aide  a  la  conception. 

Le  Panel  AGARD  de  (a  dynamique  des  fluides  a  organise  ce  symposium  p>our  permettre  un  examen  des  travaux  de 
calcul  ainsi  que  des  travaux  experimentaux  qui  sont  en  cours  a  I’heure  actuelle  et  dont  I'objet  serait  de  valider  ou  d'etalonner 
les  codes  CDF,  et  ceci  pour  la  quasi-totalite  des  domaines  de  recherche  en  dynamique  des  fluides. 

Le  symposium  a  eu  pour  objectif  principal  de  determiner  le  niveau  de  concordance  entre  I&  '  js  physiques  et  les 

algorithmes  de  resolution  numeriques  d*une  part,  et  les  donnas  experimentales  d’autre  part,  aim  t^c- 1  identification  des 
domaines  de  validation  pour  des  r^olveurs  d’^oulements  sp^ifiques  et  I’identification  des  regim'"  -  >ulement  pour 
lesquels  il  existe  des  lacunes  importantes,  et  ou  des  recherches  supplementaires  seraient  justifiees. 

Etant  donne  le  vif  interet  du  sujet  de  nombreux  r^um»  de  communications  ont  ete  soumis  k  I'approbation  du  Comite 
charge  du  programme.  Pour  repondre  k  cette  demande  importante  le  Comite  a  done  d^ide  d'inviter  des  auteurs  a  preparer 
une  session  sp^iale  permettant  une  exposition  de  leurs  communications.  Ces  communications  on  ete  presentees  sur  de 
grands  et  larges  supports  et  les  auteurs  se  sont  tenus  a  la  disposition  des  participants  pendant  environ  deux  heures.  Cette 
exposition  a  stimule  des  discussion  vivantes  et  benefiques  pour  tous. 

Le  Volume  2  contient  les  textes  complets  des  pr^ntatioits  faites  lors  de  cette  exposition  et  le  Volume  1  contient  les 
communications  du  Symposium  et  les  conclusions  de  la  Table  Ronde. 
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SUWIARY 

A  new  computer-program  system  for  the  numerical  simulation  of  subsonic  and  transonic  flows  around  complex 
aircraft  configurations  is  described.  This  system  computes  Euler  flows  on  multi-blocked  grids.  The  system 
consists  of  four  major  parts: 

a  block  decomposer  fpr  the  subdivision  of  flow  domains  into  blocks, 
a  grid  generator  for  blocked  flow  domains, 
a  flow  solver  for  blocked  grias,  and 
a  flow  visualizer  for  flows  on  blocked  grids. 

These  parts  are  interfaced  by  files  with  simple  formats.  Special  attention  was  given  to  provide  this  packa¬ 
ge  of  software  products  with: 

-  excellent  portability  (the  system  was  tested  on  various  front-end  and  supercomputers), 

-  modularity  (with  respect  to  physical  and  numerical  subtasks,  and  with  respect  of  subdividing  the  to 
tai  simulation  task  in  loosely  coupled  subtasks). 

The  system  has  good  growth  potential  towards  a  Navier-Stokes  simulation  environment. 

The  system  is  being  validated  with  various  test  cases.  Results  of  one  of  these  test  cases  (the  wing/nacel¬ 
le/propeller  configuration  tested  in  a  NASA-Langley  wind-tunnel,  NASA  CR  172605)  show  that  the  system  per¬ 
forms  reasonably  from  the  point  of  view  of  both  accuracy  and  operational  manageability.  However,  the  cur¬ 
rent  block-decomposition/grid-generation  procedure  must  be  made  more  flexible  in  order  to  allow: 

everywhere  in  the  flow  domain  sufficient  numerical  accuracy, 

-  sufficient  short  turn-around  times  in  procedures  for  redesigns  of  block  decompositions  and  of  blo¬ 
cked  grids,  and 

more  efficient  central-memory  and  calculation  management  in  supercomputers. 

1.  INTRODUCTION 

About  two  and  a  hj»if  years  ago,  NLR  and  AIT/GVT  started  jointly  the  development  d  computer-program  system 
for  the  numerical  simulation  of  subsonic  and  transonic  flows  around  complex  aircraft  configurations. 

This  development  is  expected  to  cover  a  period  of  four  years.  The  list  of  functional,  operational,  and  ac¬ 
curacy  requirements,  that  was  defined  at  the  start  of  the  project,  mentioned  as  one  of  the  prime  functional 
requirements , the  simulation  of  propulsion-system  effects  on  the  flows  around  configurations  with  a  comple¬ 
xity  representative  for  industrial  applications.  The  emphasis  was  placed  on  the  analysis  of  propeller/slip¬ 
stream  effects  on  the  flows  around  wings,  nacelles,  and  fuselages.  Various  test  cases  were  selected  to  vaH 
date  the  system  (2D  airfoils,  3D  flows).  One  of  the  test  case  is  the  wing/nacelie/propeller  configuration 
tested  in  a  wind-tunnel  at  NASA-Langley  (Ref.  1).  The  complexity  of  this  test  case  is  representative  for 
the  engineering  practice  in  aircraft  industry,  in  fact  the  geometry  is  complex  and  the  tested  flow  condi¬ 
tions  cover  many  interesting  features,  like  a  propeller  slipstream  over  a  wing,  a  cold  exhaust  jet,  transo 
nic  flow,  slip  layers,  swirl  and  vorticity,  total  pressure  variations,  large  viscous  effects  on  the  rearloa 
ded  wing.  In  this  paper,  this  test  case  is  used  to  analyze  the  current  performance  of  the  simulation  sy¬ 
stem. 

This  paper  gives  an  overview  of  the  current  layout  and  performance  of  the  flow  simulation  system. 

The  paper  consists  of  the  following  parts: 

-  section  2,  simulation-system  overview, 

section  3,  geometry  definition,  block  decomposition,  and  grid  generation, 

section  4,  flow  calculation, 

section  5,  visualization  and  post-processing, 

section  6,  conclusions 


4 


Results  of  testing  the  system  with  test  cases  are  presented  in  section  3  through  6. 
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The  development  of  the  computer  program  system  was  'unded  by  NLR  (The  Netherlands),  Aen tal la/nvT  Napl ^ s 
Italy  TV  Netherlands  Agency  for  Aerospace  Program  NIVR. 

2.  FLOW-SIMOLATIOH  SYSTBM  OVKRVIgW 

An  overview  of  the  structure  of  the  multibiock  Euler-flow  simulation  system  is  presented  in  tf'.is  section. 

Mathematically,  a  flow  simulation  boils  down  'o  solving  numerically  an  initiai-boundary-value  probier.  for 
the  Euler  conservation  equations  on  a  flow  domain  bounded  by  the  aircraft  surfaces,  Initial  and  boundary  con 
ditions  are  numerically  specified  to  obtain  a  well-posed  problem. 

The  simulation  may  then  be  considered  to  consists  the  execution  of  the  three  mathematical  tasks  of  4. 

2.1  : 

construction  of  a  computational  grid  in  the  flow  domain, 

discretisation  of  the  conservation  equations  and  of  the  initial  and  boundary  conditions  and 
numerical  solution  of  the  resulting  discrete  equation  system. 

The  mathematical  model  of  the  flow  simulation  is  mapped  into  a  flow  simulation  system  like  that  of  fig. 2. 2 
Such  a  system  is  a  collection  of  computer  codes,  data  interfaces  and  procedures,  that  is  operational  a 

computer  network. 

The  n.ajor  function  of  the  system  is  to  produce,  for  a  given  aircraft  configuration,  results  of  flow  sj. 

mulations  of  sufficient  accuracy  in  acceptable  turn-around  times.  However,  in  inverse  design  calculations, 
parts  of  the  aircraft  geometry  have  to  be  computed  as  a  function  of  e.g.  a  given  pressure-  distributicti.  In 
such  a  case,  the  shape  of  domain  is  not  completely  known. 

AC  NLR  the  Euler-flow-soiver  system  is  operational  in  batch  on  the  front-end  computer  Cy  lAO-855  ami  cn  ti. 
.EC  SX-2  supercomputer.  The  NEC  SX-2  vector  supercomputer  has  a  control  processor  and  an  trme^  1  '  ; 

processor,  16  Mwords  central  memory  (64-bit),  and  9c  Mwords  extended  memory  (operating  like  a  .solid-state 
disk,'.  At  AIT/GVT  (Naples),  the  system  is  operational  in  batch  on  the  Cy  180-860  -n  site,  and  on  the  '.'RAy. 
X-MP/48-SSD  supercomputer  of  CINECA  (Italy)  as  I'emote  connection.  This  CRAY  installation  has  4  -.■•'  tor  pr-'- 
cessors,  8  Mwords  central  memory  and  32  Mwords  solid-state  disk  memory. 

.Veil-de-signed  vector  programs  coded  in  portable  ANSl-Fortran/77  were  measured  to  have  average  speeds  01  lo'. 
400  Mi'lops  on  the  NEC  SX-2,  and  50-100  Mflops  on  the  CRAY  with  a  single  processor. 

The  block  decomposition  occurs  at  present  with  a  commercially  available  software  package  '.PATRAN;.  This 
package  is  operated  interactively  from  terminalson  the  fron^-end  computers  via  luw-speed  networks  - 
KbltsK  The  grid-generator  code  is  currently  run  interactively  from  terminals  on  front-end  computers  for 
the  grid-design  work  (mesh-size  tuning.',  and  in  batch  on  front-end  or  supercomputers  if  the  mesh-sine  *-;- 
ning  IS  known.  Both  the  block-decomposition  and  the  grid-generation  task  will  undergo  in  this  year  a  majci 
upgrade.  It  will  become  possible  to  run  these  codes  interactively  via  a  medium-speed  network  'C.1-1  l-lbits'. 
The  flow  visualizer  is  used  for  the  graphical  inspection  on  terminals  of  flow-  and  grid-calculation  results 
Auxiliary  functions  are  production  of  tables  and  files  for  further  post-processing.  The  flow  visualizer  is 
being  upgraded  to  be  operated  from  workstations.  These  workstations  are  connected  to  the  mainframe  ,.'?npu- 
ters  via  a  medium-  and  liigh-speed  netv/orks. 

3.  GRID  GENERATION 

It  is  now  generally  recognized  that  t)ie  difficulties  in  the  generation  of  grid- around  complex  geomietries 
have  limited  the  flow  simulation  for  practical  configuration-..  Most  of  the  production  codes  now  widely  in 
use  in  industry  are  based  on  simple  grid-genei-fin-n  procedures  that  have  proven  valuable  in  producing  lugh- 
quality  grids  for  a  restricted  range  of  problems  'wing,  wing-body).  The  funda...ental  problem  connecte.-i  wit; 
the  grid  generation  for  general  configuration  ,  as  reported  by  Weathenll  (Ref.  2),  is  that  each  .iponenr 
in  the  configuration  has  its  own  natural  topoli.*gy,  and  usually  these  topologies  are  incompatible  with  eac 
other . 

3.1  MULTIBLOCK  APPROACH,  DESIGN  PRINCIPLES 

To  connect  different  topologies  Atta  and  Vadyak  (Ref.  3,)  generate  independe- •  y  the  grid  for  each  component, 
no  attempt  being  made  to  ensure  continuity,  so  producing  overlapped  regions  and  requiring  an  interpolation 
procedure  to  transfer  the  flow  variables.  More  recently  Jameson  and  Baker  (Ref.  4)  tried  to  eliminate  the 
limitation  of  hexahedronal  cell  shape  leading  to  a  grid  without  inherent  structure  (unstructured,'. 

Although  a  structured  grid  seems  to  be  a  natural  choice  to  perform  flow  calculations  about  simple  geometrie 
it  can  be  a  restriction  for  grid  generation  around  practical  configurations,  so  that  the  unstructured  ap¬ 
proach  could  be  attractive.  Extensive  research  is  still  required  in  both  the  areas  of  grid  generation  and 

flow  solvers  however. The  multiblock  approach,  adopted  herein,  consists  '.>*  a  preliminary  topological  subd£ 
vision  of  the  complete  flow  domain  into  a  limited  number  of  large  hexahedronal  elements  called  blocks  (Ref. 
5).  The  collection  of  blocks  fills  the  space  without  gap  or  overlap  so  that  a  face  can  be  shared  by  diffe¬ 
rent  blocks.  The  behavior  of  the  grid  lines  at  block  interfaces  is  an  important  characteristic  that  diffe¬ 
rentiates  the  methods  falling  in  this  class.  These  methods  are  attractive  on  account  of  several  reasons 
that  are  interesting  to  examine,  first  of  all  it  is  possible  to  produce  inside  each  block  a  smooth  grid 
using  one  of  the  currently  available  techniques  (elliptic,  parabolic,  algebraic). a  ,1  consequence  it  is  pos 
sible  to  solve  the  flow  equations  using  well  known  algorithms  developed  for  single-block  grids. 

Block  decomposition  will  also  facilitate  the  use  of  different  flow  models  in  different  blocks  and  the  same 
applies  for  different  mesh  refinement  strategies.  It  is  also  quite  evident  that  no-overlapping  is  a  consi¬ 
stent  advantage  for  commu'  cation  between  diffeoent  blocks.  In  fact  only  boundary  conditions  for  21'  data 
structure  are  required,  'h  •  simpl 1 f  • ’he  logic  and  gives  possibilities  of  efficient  calculation  too. 


P!-3 


Topology  subdivision  •> 

The  subdivision  of  the  physical  domain  into  a  number  of  subdomains  (blocks)  is  a  process  depending  on  its 
topological  and  geometrical  properties.  Basically  each  block  is  an  hexahedr  nal  volume  (fig.  3.1)  to  be 
defined  topologically  by  means  of  the  specification  oi  the  vertex-edge-face  connectivity  and  geometrically 
using  a  set  of  parametric  relations  for  edge^  faces  and  with  vert*  •  coordinates.  Several  kind;. of  degene¬ 
racies  are  allowed  to  make  the  procedure  more  flexible  (fig.  3.2),  but  a  one-to-one  face  coupling  is  assu¬ 
med.  The  last  assumption  simplifies  the  programming  logic  and  the  mathematical  model  of  coupling  boundary 
conditions  both  for  the  grid  gener-.tor  and  the  flow  solver  and  reduces  the  risk  of  problems  in  stability 
and  convergence  at  a  cost  of  an  increase  in  the  number  of  blocks  requiredt 

Grid  generation  - 


It  is  clear  from  literature  that  the  elliptic  and  algebraic  techniques  are  eflicient  and  conceptually  at¬ 
tractive.  A  simple  algebraic  technique  has  been  adopted  herein  to  generate  an  initial  grid  distribution 
used  as  starting  solution  for  a  relaxation  algo-ithm  that  solves  an  elliptic  problem.  The  elliptic  grid-ge 
nerator  contains  a  mesh  control  capability  so  that  it  can  perform  a  fine  tune  on  the  grid  inside  each 
block.  At  block  interfaces  continuity  in  the  grid  lines  is  assured  but  no  condition  is  imposed  on  the  li¬ 
ne  slope.  The  elliptic  equations  are  : 
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with  Wj -  Wj  (  t  ,  n,  C  )  positive  weight  functions  that  provide  the  direct  control  on  cells  size  and  smooth¬ 
ness.  A  surface  grid  points  distribution  on  the  block  faces  provides  a  Dirichlet  BC  for  . 

The  surface  grid  on  each  face  is  produced  as  solution  of  two  coupled  equations  that  can  be  written  down, 
for  two  generic  parametric  directions,  wi thout  loss  of  generality,  as  follows: 
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with  (s,  t)  curvilinear  parametric  coordinates.  Dirichlet  BCs  are  provided  by  a  grid  points  distribution  on 
the  edges  of  the  face.  The  grid  distribution  on  each  edge  is  produced  as  solution  of  a  one-dimensional  ODE 
of  the  form: 
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th  u  a  curvilinear  parametric  coordinate. 
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Mesh  size  control 


Mesh  size  control  is  provided  in  the  PDEs  (3.1),  (3.3),  (3,b»  by  means  of  the  weight  function. Wj  .  These 
weight  functions  are  user-defined,  positive.**)  ••nn-.'h  in  the  computational  domain  (t  >  4»C  A  tricubic  Her- 
mite  operator  is  used  to  model  the  functions  starting  from  a  number  of  vertex-values  .r.<  i>e'ficients.  Given 
these  weight  functions  a  grid  is  completely  defined  as  solution  of  the  above  PDEs.  further,  the  grid  qua 
lity  can  be  sufficiently  controlled.  No  control  of  grid  skewness  and  cell-volume  variation  is  applied,  to 
avoid  over-specification. 

3.2  GRIO-GENKRATION  PROCEDURE 


Euler  solvers  can  be  used  to  produce  reliable  aerodynamic  predictions,  but  unfortunately  the  large  scale  in 
dustrial  applications  of  these  technologies  could  be  strongly  affected  by  high  turn-around  tirie  and  man¬ 
power  required  for  each  single  calculation.  To  alleviate  this  problem  the  grid  generation  process  has  been 
designed  to  make  extensive  use  of  interactive  graphic  and  supercomputer*  facilities.  For  the  same  reason  it 
is  also  useful  to  reach  a  complete  integration  between  different  software  modules  with  the  available 
graphic  packages  used  to  perform  special  functions.  To  analyze  the  mesh  generation  procedure  first  we  obser 
ve  that  it  can  be  broken  down  into  a  number  of  steps: 

1)  topological  block  decomposition 

?)  geometrical  block  decomposition 

3)  grid  initialization 

4)  weight-function  definition 

5)  tuning  of  a  number  of  coarse  gridJs 

6)  tuning  of  the  fine  grid 


Topological  block  decomposition  (step  1)  may  be  viewed  as  decomposing  a  particular  solid,  the  finite  flow 
domain,  into  smaller  solids  by  inserting  new  faces,  edges  and  vertices  in  the  starting  solid.  A  graphic  pa- 
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ckage  (PATRAN)  has  proven  useful  in  performing  this  operation  being  able  to  handle  topological  information 
as  lists  of  identifiers  and  connectivity  properties  {fig.  3.3).  Interface  codes  are  used  to  easily  ^ransfer 
the  information  between  the  package  and  the  grid-generator.  Geometrical  block  decomposition  fstep  <nin  pra 
ot.ice  consists  Qt  the  construction  of  the  geometrical  model  for  the  configuration.This  problem  is  we'll  known 
for  CFD  applications,  but  additional  requirements  are  necessary  for  multiblock  solutions-  For  instance  to¬ 
pological  elements  (edges,  faces)  that  are  in  the  flow  field  need  to  be  defined  too.  Further,  the  points  d^ 
stribution  generated  from  the  analvtical  model  should  meet  more  severe  restrictions  in  order  to  assure  an 
accurate  geometry  description  inside  the  codes.  Several  packages  are  today  available  for  surface  modelling 
(CATIA,  CV,  AEROLIS)  and  in  principle  each  one  can  be  used  provided  that  an  efficient  and  general  interfa¬ 
ce  could  be  constructed.  It  is  also  useful  to  stress  the  strong  connection  between  topological  and  geome¬ 
trical  decomposition  and  the  heavy  impact  they  have  on  the  grid  quality.  A  bad  decomposition  will  have  se¬ 
vere  effects  on  the  grid  that  cannot  be  repaired  by  the  mesh  control  in  the  grid-generator  but  will  force 
the  user  to  redesign  the  block  decomposition. 

The  weight  functions  definition  (step  4)  requires  an  iterative  process,  with  the  man  inside  the  loop,  in¬ 
volving  also  grid  initialization  (step  3)  and  elliptic  PDEs  solutions  on  coarse  grids  (step  5).  The  weight 
function  coefficients  are  modified  semi-interactively  until  the  grid  is  satisfactory.  The  coefficients  are 
modified  following  some  general  criteria,  for  instance  a  reduction  in  the  weight  vertex  value  cau 

ses  a  local  increase  of  grid  points  density. 

The  tuning  of  the  final  grid  is  carried  out  via  a  single  batch-run  using  the  weights  coefficients  defined 
previously  on  coarse  grids. 

A  fast  and  reliable  grid  inspection  has  been  obtained  by  means  of  a  graphic  post-processing  designed  for 
the  general  purpose  of  flow  data  visualization  and  analysis. 

3.3  ACHieVBMKNTS  AND  FUTURE  IMPROVEMENTS 

In  principle  the  grid  generation  method  described  here  is  capable  to  handle  every  complex  practical  confi¬ 
guration.  Further  the  orpanization  of  the  software  has  been  built  to  reach  a  '“ull  integration  wi¬ 

thin  a  pre-existing  <'AD.'<'Ae.  envm'nment  in  order  to  redu*e  the  time  scale  for  a  single  calculation.  The 
ideal  situation  should  be  that  the  required  time  for  u  complete  grid-generation  and  successive  flow  analv 
sis  be  well  inside  a  typical  aircraft  design  cycle  with  -ifforuable  manpower  investement.  On  the  basis  of 
our  current  experience  it  seems  that  the  basic  design  principles  are  valid.  The  system  developed  will  be 
really  able  to  satisfy  the  demand  for  a  routne  tuler  codes  application  in  an  industrial  environment . but 
still  some  work  must  be  done  to  optimize  and  improve  it. 

3.4  EXAMPLES 

A  collection  of  examples  of  grid  generated  wi  i  the  present  method  is  examinated  below. 

NACA  0012  in  a  wind  tunnel 

To  simulate  a  two-dimensional  flow  field  around  an  airfoil  a  finite  wing  mounted  ''•ujJ-to-walJ  into  a  wind 
tunnel  has  been  used.  A  subdivision  based  on  6  blocks  has  been  adopted  driving  an  0-type  grid  topology.  An 
enlarged  window  of  the  grid  (figg-  3.4-5)  allows  to  see  the  effect  of  the  mesh  refinement  close  to  the  air 
foil  and  the  skewness  of  the  grid  lines  at  blocks  interfaces. 

A  H-type  grid  has  been  produced  by  simple  changing  the  block  subdivision  'figg.  3.6-7i. 

Nacelle-propeller  SR-2 

Some  test  runs  ha.-  been  on  a  nacelle-propeller  conf iguration  to  analyse  stability  behaviour  of 

the  propeller  boundary  conditions.  A  grid  has  been  produced  around  this  3D  configuration  using  a  subdivi¬ 
sion  in  14  blocks.  Fig.  3.8  shows  the  far  field  region  of  this  grid  while  in  fig.  3.9  there  is  an  enlarged 
view. 


Wing-f^rop-naceile 

From  1  icactical  point  of  view  an  interesting  problem  is  the  treatment  of  a  wing  mounted  nacelle  including 
the  aerodynamic  interference  of  propeller  slipstream:..  The  geometry  and  the  topology  of  this  kind  of  confi¬ 
gurations  are  very  complex  and  could  be  considered  a  valid  test  for  a  grid-generator.  For  these  reasons  the 
configuration  of  (Ref.  1>  was  selected.  The  availability  of  a  large  amount  of  experimental  data  was  also 
considered  useful  for  the  aerodynamic  validation  of  the  codes.  The  subdivision  has  been  performed  using  96 
blocks  for  the  complete  domain  (48  for  half  domain),  while  the  total  number  of  cells  used  is  8000CO  >■  1 . 1 
million  of  grid  points).  A  number  of  pictures  of  the  grid  can  be  found  in  figg.  3.10  trough  3.15.  Note  the 
M-type  structure  of  mesh  at  wing-intersection,  where  it  should  be  also  noted  that  the  geometry  nas  been  mo 
delled  slightly  differently  from  that  in  (Ref.  I). 


4.  FLOM  CALCULATIONS 


For  solving  the  Euler  equations  on  a  multiblock  structured  domain  an  explicit  finite  volume  approach  with 
central  space  discretization  and  explicit  adaptive  viscosity  has  been  used.  The  basic  algorithm  is  widely 
described  in  literature  and  has  been  tested  successfully  on  variour  configurations  (Ref.  8), 

The  conservative  Euler  equations  in  differential  form  are  : 
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where  W  is  the  independent  variable  vector  (density,  components  of  mass  flux  in  the  three  cartesicin  LS:rec- 
tions,  total  energy  for  unit  volume)  and  F|  •F2,F3  are  the  corresponding  flux  vectors. 

Equations  (4.1)  can  be  discretized  in  space  by  writing  the  integral  balance  equations  for  eachi  grid  ceil 
(i,j,k)  with  volume  hjj|^  : 
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where  Ojj^represencs  the  net  flux  out  of  the  cell  which  is  balarxed  by  the  rate  of  change  of  -fi  in  tho  cell 
volume,  and  Ojji^  is  the  artificial  dissipative  divergence  added  to  avoid  the  well-knownodd-even  decoupling 
of  the  solution  and  to  provide  good  shock  capturing  without  overshoots.  computea  by  evaluating  the 
flux  values  at  face  centers  using  arithmetic  averages  of  flow  variables  at  cell  centres. 

Specifying  n.  5 , n  ,  c  the  three  curvilinear  coordinate  directions  and  r,  7  ,  A  respectively  the  for¬ 
ward  and  backward  difference  operators,  the  art'ficial  dissipative  term  is: 
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The  operators  ,  and  are  defined  in  a  similar  manner.  Particular  care  has  teen  taken  in  th*  defini¬ 
tion  of  the  scaling  factors  x  of  artificial  terms  in  the  coordinate  directions. 

In  the  basic  formulation  of  Jameson  the  scaling  factors  were  defined  with  an  isotropic  behaviour, 
which  means  independent  scaling  from  the  curvilinear  direction.  Using  lintar  Von  Neumann  stability  analy¬ 
sis  we  found  that  the  stability  domain,  the  highest  frequencies  error  damping  and  accuracy  are  improved  by 
using  scaling  factors  according  to  the  physical  wave  speed.  An  e  timate  of  the  wave  speed  components  ir  ob 


tained  by  computing  the  spectral  radii  of  the  three  Jacobian  matrices  if  /^W,  ^F  *F  /*W  : 
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which  are  also  the  scaling  factors  used  in  our  formulation. 

At  boundaries  dissipative  boundary  conditions  for  viscous  operators  are  applied.  Specifying  tv,  index  0 
the  layer  of  halo  cells  just  outside  the  boundary  face. 


gives  Dirichlet  BCs  for  the  dth-order  operator  and  Neumann  BCs  for  the  2nd-order  one. 

A  key  role  in  multiblock  approach  for  complex  configurations  is  played  by  boundary  conditions  at 

the  internal  block  faces.  The  Euler  enuations  are  time-integrated  in  each  block,  while  the  exchange  of  in- 
lorna'cions  am<'ng  them  is  assured  by  means  of  boundary  conditions  at  the  internal  olo  k  interfaces. 

This  condition  specifies  the  unknows  W  in  the  layer  of  halo  grid  p'unts  outside  the  boundary,  of  a  block. 


In  the  r jler  solver,  only  0-continuity  of  grid  lines  across  internal  block-face  boundaries  is  required, lar 
ge  discontinuities  of  slopes  are  accepted.  A  general  coupling  procedure  is  applied  for  preserving  accuracy 
and  conservation  .r  internal  faces.  Condition  for  conservative  coupling  of  blocks  is  (fig.  4.1); 

«  =1/2  «  )  =  1/2  ♦  W  4.6a 
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while  an  auxiliary  relation  for  determining  the  halo  cells  variables  can  be: 
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so  only  an  evaluation  of  ifw?  gr.jdient  vector  nt  ih*  internal  face  is  required.  This  formulation  gives  satisfactory 


results  for  high  skewness  and  high  stretching  between  cells  at  both  aides  of  the  face. 
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The  propeller  is  modelled  as  an  actuator  disk  across  which  the  flow  undergoes  discontinuous  changes  that  re 
present  the  effect  of  the  propeller  on  the  flow  through  the  disk.  The  mass  flux  is  continuous  across  it,  but 
the  three  momentum  fluxes  and  the  energy  flux  have  in  general  discontinuity  Jumps  across  the  disk. 

The  discontinuities  are  usually  defined  by  specifying  Jumps  over  the  disk  in  other  variables.  Two  actuator- 
disk  models  are  applied. 

a)  In  the  first  model  the  jumps  are  defined  by  prescribing  the  distributions  of  local  t  coefficient 

dCp(r)  and  local  thrust  coefficient  dc^{r)  as  a  function  of  the  dimensionless  radius  r  of  the 

disk. 


b)  In  the  second  model,  the  jumps  are  defined  by  prescribing  the  distributions  of  the  total  pressure 
P^(r)  and  of  the  swirl  unit  vector  d{r)  at  the  downstream  side  i:}'Sk. 

The  time  iteration  procedure  ai  pfopeller  disk  is  made  according  to  characteristic  theory.  When  the  flow  is 
locally  subsonic  four  variables  are  extrapolated  at  disk  from  the  upstre^i  values  and  one  BC  relation  is 
applied  (mass  conservation),  downstream  of  the  disk  four  BC  relations  are  applied  and  one  extrapolation  is 
made  from  downstream  state* 

When  an  exhaust  jet  is  present  in  the  Euler  flow  calculation,  boundary  conditions  must  be  specified  over  an 
outlet  surface  where  the  exhaust  jet  enters  the  flow  domain.  Total  pressure,  total  temperature  and  swirl 
of  flow  are  assumed  to  be  given  as  a  function  of  the  position  in  the  outlet  surface.  Furthermore,  the  abso¬ 
lute  value  of  velocity  is  extrapolated  from  the  flow  field. 

In  the  current  flow  solver, degenerated  block  faces  are  allowed  (fig.  3.2).  To  avoid  naccuracies  because  of 
the  large  different  scalesof  grid  ceil  edges,  a  special  treatment  for  cells  at  degenerated  block  faces  has 
been  introduced.  For  instance,  when  a  block  face  is  degenerated  into  an  edge,  no  coupling  with  other  blocks 
IS  required  because  fluxes  at  ihj*  block  face  are  zero.  A  flow  state  is  computed  in  the  domain  represented  in 
fig.  4.2  n.  the  dotted  lines,  imposing  in  it  the  conservation  of  flow  variables.  The  net  fluxes,  both  ph^ 
sical  and  artificial,  can  be  easily  computed  by  summation  of  fluxes  at  ceils  that  build  up  the  domain. 

In  the  halo  and  first  inner  layer,  the  state  is  assumed  constant  and  equal  to  that  one  defined  above. 

In  the  case  of  far  field  boundary  conditions  the  flow  state  is  computed  according  to  characteristic  theory 
using  the  Riemann  variables  while  for  a  solid  wall  linear  extrapolation  of  pressure  is  applied. 

The  set  of  ordinary  differential  equation  systems  is  solved  by  using  a  standard  four  stage  multistepping 
scheme.  In  order  to  improve  stability  and  convergence  speed  enthalpy  damping  and  residual  averaging  techni¬ 
ques  are  used. 

Useful  informations  about  accuracy  and  stability  of  the  numerical  algorthm  are  given  by  ^  study  of  the 
linear  2D  model  equation  n  o  rartesian  grid: 

(4) 

4,7 

where  c  is  the  characteris-ic  wave  speed  and  D*^*the  4th-order  dissioctive  term  (4.3).  It  is  interesting  to 
perform  a  Fourier  analysis  (Ref,  9)  of  the  behaviour  of  the  error  ampi  ificatjon  factor  module  of  the  scheme 
in  the  plane  of  phase  angles.  It  is  then  possible  to  observe  how  some  grid  properties  modify  the  error  dam¬ 
ping  in  the  numerical  scheme.  In  fig.  4.4  the  effects  of  aspect  raticsof  grid  ceils  are  illustrated  for 
Ax/Ays1  and  for  tix/  A  y»100.  in  fig.  4.4. a  and  b  the  characteristic  speed  is  inclined  at  45’ 

with  respect  to  the  x  direction  while  in  fig.  4.4.c  it  is  aligned  with  it. 

The  first  testsof  the  multiblock  Euler  code  were  made  on  the  six  blocks  grid  around  NACA  0012  airfoil  alrea 
dy  described.  The  fig.  4.4  shows  convergence  history  and  pressure  coefficient  on  the  airfoil  and  in  the 

flow  field  for  a  transonic  case. The  last  example  of  flow  calculations  sho.ved  here  are  around  the  NASA-Uan- 

gley  propeller-wing-nacelle  configuration  of  fig. 3. 10-15.  The  fig.  4.5  represents  the  convergence  histories 
for  a  nropelle-  off/on  case  (M  =  0.70,  -1.3")  on  two  grid  levels. 

The  incidence  has  been  slightly  char.ged  to  compare  data  at  the  same  lift  coefficient  o'  -he  windtunnel  expe¬ 
riment  at  O'.  Mach  number  distributions  are  showo  in  fig.  4.6-6  ;.'h'le  in  fig.  4 .9-iOdcanjarison  with  experi¬ 
mental  data  plotted. 

The  flow  calculations  are  correct  and  convergenr**  isacceptable.  The  effect  of  enthalpy  damping  is  still  under 
investigation. 

S.  VISUALIZATIOH 

The  calculation  of  3D  flows  on  blocked  grids  produces  results  with  a  simple  regular  data  structure.  The  in 
spection  of  these  results  can  only  be  done  efficiently  by  means  of  graphical  tools. 

The  visualization  task  is  divided  into  two  major  subtasks. 

Selection  task  (code  ESELB).  This  offers  the  possibility  to  reduce  the  amount  of  data  to  be  sent  over 
(file)  transfer  networks  by  selecting  those  parts  of  grid-generator  data  and,  optionally,  the  flow- 
solver  data  needed  for  visualization.  In  general  the  code  ESELB  runs  on  the  same  computer  as  the  grid 
-generator  and  the  flow-solver  codes. 


Visualization  task  (code  VISU3D).  This  task  uses  selected  data  and  produces  plots  of  them.  In  gene¬ 
ral,  the  VISU3D  code  runs  on  a  workstation  or  on  a  mainframe/ terminal  combination. 


The  interface  between  the  selection  and  the  visualization  code  Is  assured  with  a  standard  file  containing 
visualization  data,  VISDAT. 

This  file  contains  all  data  nec-'-.-l  for  tl.e  visualization  and  can  be  sent  in  short  transfer  times  over  tran¬ 
sfer  networks. 

The  standard  VISDAT  file  plays  a  key  role  in  the  vis'ialization.  It  allows  any  grid  generator  and  any  flow 
solver  to  be  interfaced  with  the  visual"  codes,  via  a  selection  code.  The  general  structure  of  the 


file  is  as  follows: 

each  file  consists  of  a  number  of  pictures 

each  picture  contains  identification  data,  optionally  a  structure,  and  an  object  in  3D  space  (pos¬ 
sibly  moving  in  time) 

each  object  consists  of  a  number  parts 

each  part  is  a  geometrical  entity,  given  by  an  array  of  points  in  30  space,  like  a  (part  of  a) 
block  (volume  in  3D),  a  surface  segment  in  3D,  or  a  line  segment  in  3D, 

At  each  point  of  an  object,  the  roordinate;.  (x.y.z)  are  given  and,  optionally,  the  value  of  a  number  of  se 
lected  variables,  like  pressure  coefficient,  Mach  number,  entropy,  etc.  For  a  steady  object,  the  varia¬ 
bles  can  be  time-varying,  but  object  and  variables  can  be  both  time-varying. 

Each  structure  is  a  tree  with  nodes.  With  these  nodes,  the  parts  of  an  object  can  be  arranged  in  a  hierar 
chical  organization.  This  structure  is  available  to  express  a  user  view  to  how  object  parts  are  grouped  in 
to  objects.  Moreover  the  nodes  can  contains  a  <1,  transformation  matrix,  that  can  be  used  to  specify  one  or 
more  symmetries  in  the  object.  This  option  simplifies  the  manipulation  of  object  parts,  and  allows  the  re¬ 
duction  of  the  amount  of  data  when  symmetries  are  present. 

Examplesof  plots  produced  „ith  ESELB/VISU3D  codes  are  given  in  section  3  and  4, 

To  compare  computed  results  with  windtunnel  measurement  data,  an  interface  with  the  EDIPAS  software  packa¬ 
ge  (Ref.  7)  i«^  availabl*. 

lilDIPAS  is  a  system  for  the  processing  and  analysis  of  engineering  data,  based  upon  a  data  base  management 
system.  It  is  well-suited  for  the  storage  and  maintenance  of  data  from  different  sources,  and  has  a  power- 
full  selection  mechanism.  For  the  results  see  section  4. 

A  recent  development  is  the  implementation  of  parts  of  the  VISU3D  visualization  concepts  on  graphic  work¬ 
stations  Cy  910  (Iris  3000).  Up  till  now,  an  animation  module  has  been  designed.  It  is  used  to  visualize 
the  convergence  of  Euler-fiow  calcualtions  as  a  function  of  the  iteration-step  number  of  the  numerical  ti¬ 
me  integration  scheme. 

6.  CONCLUSION 

A  new  computer  program  system  for  the  calculation  of  three-dimensional  Euler  flows  around  complex  aerodyna 
mic  configurations  was  tested  with  among  others  twoueller-wing-nacelle  configuration.  The  test  results  are 
already  quite  acceptable,  but  it  is  desirable  that  for  such  complex  flows,  th»  '-curacy  of  tlie  computatio¬ 
nal  results  is  further  analysed. 

An  overview  of  the  system  is  presented  in  section  2.  It  consists**  d grid  generator  for  blocked  grids,  an 
Euler-flow  simulator,  and  a  graphical  visualizer. 

The  system  is  operational  on  various  computer  networks,  and  in  both  industrial  and  in  research  environments, 
The  design  pri.iciples  for  the  construction  of  blocked  grids  are  presented  in  section  3.  Mesh-size  tuning  is 
done  with  a  new  elliptic  procedure,  with  user-defined  weight  functions  for  mesh-size  control.  Grid  lines 
are  over  block  faces  continuous,  but  in  general  slope  discontinti>*»>.  Examples  of  blocked  grids  are  illustra¬ 
ted. 

The  central  difference  scheme  with  explicit  artificial  viscosity  for  the  Euler  flow  simulator  is  sketched 
in  section  4.  Iteration  to  a  steady  state  is  done  with  a  4-stage  Runge-Kutta  time  integration  scheme  with 
local  time  stepping,  residual  averagingand  enthalpy  damping.  A  conservative  coupling  of  blocks  with  slope- 
discontirmous  grid  lines  is  presented.  Test  calculations  were  converging  and  qualitatively  correct,  but  the 
accuracy  of  the  results  should  be  analyzed  further  for  complex  flows. 

The  grids  and  flow  data  are  visualized  with  a  VISU3D  code.  A  standard  file,  containing  objects  to  be  visua 
lized,  is  used  to  couple  this  code  with  flow  simulators,  grid  generators,  and  other  codes. 

At  present,  the  computer  program  system  is  already  a  powerfull  means  for  the  aerodyn 'mic  analysis  and  de¬ 
sign  of  many  standard  two  and  three-dimensional  aerodynamic  configurations.  It  is  expected  that  it  will  ra 
pidly  grow  out  to  a  useful  numerical  simulation  and  design  system  for  very  complex  configurations  and  flows 
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Fig.  2.2  — Task  decomposition  and  subtask  data  interfaces  in 
Euler-flow  simuiation  system  ion  NLr<  network). 
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Fig.  3.3  -  Definition  of  boundary  conforming 
6TBAM60RA  local  Coordinate  system  in  blocks  by  pairing 

lOFACCSi  and  ordering  labels  in  arrays  specifying  con¬ 

nectivity  relations. 


Fig.  3.2  -  Geometrical¬ 
ly  degenerated  blocks. 
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Fig.  4.4  -  Results  for  a  6-blocks  topology 
subdivision  of  a  NACA— 0012  airfoil . 

(a)  convergence  history 

(b)  pressure  distribution 

(c)  iso-ep  (contour  step  .05)^ 

(136  cells  around  the  airfoil). 


(a)  (b)  Cc> 

Fig.  4.4  -  Isocurvcs  of  error  amplification  factor  module  of  the  scheme  in  the  plane  of  phase  angles. 

(0 S  p  Axsn.O S  q &y5 n  ) ;  4-8tage  scheme;  (a)Ax/Cly=l ,c  =c  =l;(b)Ax/fiy=100,c  =c  =l;(c)Ax/fiy=100,c  =.99,c  ».01. 
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Fig.  4.8  -  Iso-mach  on  the  symmetry  plane  of  the  prop-wing-nacelle,  (a)  prop-off,  (b)  prop  on, 
contour  step  .02  . 
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Theory-experiment  comparison  for  the  prop-wing— nacelle  test,  prop-off, 


INVESTIGATION  OF  THE  SURFACE  FLOW  ON  CONICAL  BODIES 
AT  HIGH  SUBSONIC  AND  SUPERSONIC  SPEEDS 


W.J.  Bannink.  E.M.  Houtaan  and  S.P.  Ottochian 
Faculty  of  Aerospace  Engineering,  Delft  University  of 
Technology,  Kluyverweg  1,  2629  HS  Delft,  The  Netherlands 

SUMMARY 

Turbulent  boundary  layer  calculations  have  been  perforsed  of  the  flow  on  the  leeward  side  of  two  conical 
bodies  at  moderate  to  high  angles  of  attack.  A  sharp-edged  planar  63*  sweep  delta  wing  at  hi^  subsonic 
speeds  up  to  H^>0.d3  and  angles  of  attack  up  to  13*  and  a  7>3*  semi-apex  angle  circular  cone  at  M^s2.95 

at  1^*  angle  of  attack  are  used.  The  boundary  layer  method,  based  on  a  finite  difference  predictor- 
corrector  algorithm,  assumes  a  conical  external  flow  and  applies  a  local  (Blasius)  similarity  concept  in 
radial  direction  from  the  apex.  The  solution  marches  in  cross-direction  from  the  reattachment  line  toward 
the  location  of  separation  and  to  the  symmetry  line  on  the  body.  In  order  to  check  whether  the  method 
produced  correct  results  with  respect  to  the  location  of  separation  and  the  surface  flow  inclination, 
experimental  pressure  distributions  are  used  to  generate  the  inviscid  solutions  at  the  edge  of  the 
boundary  layer.  The  predicted  surface  flow  on  both  bodies  are  in  close  agreement  with  the  experimental 
results.  In  particular  the  location  of  the  separation  lines  were  very  close  to  those  observed  in  oil  flow 
patterns.  That  the  approximate  flow  model  (conical)  produces  such  good  results  in  the  case  of  the  delta 
wing  is  due  to  the  relatively  large  spanwise  pressure  gradients  compared  to  the  chordwise  gradients. 

NOTATION 

E  ratio  of  total  enthalpy,  Eq.  (18) 

F,G  velocity  ratios,  Eq.  (15) 

H  total  enthalpy,  Eq.  (3) 

M  Mach  number 

Pr  Prandtl  number,  Eq.  (4) 

Pr^  'turbulent*  Prandtl  number,  Eq.  (8b) 

R  gasconstant 

Re  Reynolds  number,  Eq.  (23) 

r 

T  temperature 

free  stream  velocity 

C«  .C-  skin-friction  coefficients.  Egs.  (21), (22) 
r  *9 

C  surface  pressure  coefficient 

P 

C  rootchord  of  delta  wing 

r 

p  pressure 

q  F,q.  (30) 

r,9.z  cylindrical  coordinates,  Fig.  1 
u,v,w  velocity  components  in  r.S.z  directions, 
respectively.  Fig.  1 
u^^j,  reference  velocity.  Eq.  (l4b) 

x.y.z'  cartesian  coordinates.  Fig.  1 

a  angle  of  attack 

1.  INTRODUCTION 

The  Interest  in  the  flow  around  conical  bodies  such  as  delta  wings  and  cones  at  high  angles  of  attach  is 
considerably  increased  in  the  last  few  years.  The  reason  may  not  only  be  found  in  the  aerodynamics  of 
fast  manoeuvrable  aircraft  or  missiles,  but  a  large  portion  of  the  growing  interest  can  be  attributed  to 
the  capability  to  compute  complex  flow  fields.  However,  even  if  one  confines  oneself  to  simple  geometries 
like  a  planar  triangular  wing  with  sharp  leading  edges  or  a  circular  cone  it  is  a  rather  difficult  task 
to  obtain  realistic  computational  results  for  such  bodies  at  high  angles  of  attack.  This  holds  in  par¬ 
ticular  for  hl^  speed  free  stream  conditions.  An  important  role  plays  the  viscosity  in  all  speed 
regimes,  as  may  be  illustrated  by  a  comparison  of  experiments  with  the  results  of  many  computations  using 
the  Euler  equations.  An  extensive  compilation  of  this  may  be  found  in  the  recently  published  proceedings 
of  the  International  Vortex  Flow  Experiment  on  Euler  Code  Validation,  Ref.  1. 

For  a  clear  understanding  of  the  flow  around  bodies  at  high  angles  of  attack,  understanding  of  the 
flow  separation  process  is  a  prerequisite.  The  rolling  up  of  free  shear  layers,  whether  they  emanate  from 
the  leading  edge  of  a  wing  or  from  a  smooth  surface  like  a  cone,  has  a  major  effect  on  the  entire  3D  flow 
field  and  consequently  on  the  aerodynamic  characteristics  of  the  wing  or  body.  The  primary  vortices  from 
sharp  leading  edges  of  a  delta  wing  may  be  captured  by  an  Euler  code.  This  la  not  so  for  the  vortices 
shed  off  from  a  smooth  surface.  The  latter  are  of  an  entirely  viscous  nature,  since  they  are  generated  at 
those  locations  where  the  boundary  layer  no  longer  can  sustain  an  adverse  pressure  gradient  and  will 
separate.  Of  course  the  status  of  the  boundary  layer  is  important:  a  turbulent  boundary  layer  will  be 
attached  over  a  longer  distance  than  a  laminar  one. 

The  present  paper  presents  the  computation  of  the  location  of  separation  on  a  sharp-edged  planar 
delta  wing  at  high  subsonic  speeds  and  that  on  a  circular  cone  in  supersonic  flow.  The  computations  were 
made  using  a  quasi  3D  boundary  layer  method,  developed  by  the  second  author  in  Ref.  2,  which  is  based  on 
the  assumption  of  conical  inviscid  external  flow.  This  assumption  Is  valid  for  the  supersonic  problem  but 
needs  Justification  for  the  high  subsonic  delta  wing  problem.  The  latter  will  be  discussed  at  the  presen¬ 
tation  of  results.  Although  the  method  has  been  developed  for  application  with  solutions  of  conical 
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ratio  of  specific  heats 
boundary  layer  thickness 
eddy  viscosity  coefficients, 

"o  Eqs.  {8a),  (9).  (10) 

eddy  conductivity  coefficient,  Eq.  (8b) 

transformed  z-coordinate,  Eq.  (13) 
cone  semi-apex  angle 

dynamic  viscosity  coefficient,  kg/ms 
kinematic  viscosity  coefficient,  m* /s 

density 

.  ppu.  Eq.  (23) 
shear  stress 

turbulent  shear  stress 
stream  functions,  Eq.  (i4) 

angle  of  velocity  vector  on  surface 
z=const. ,  Eq.  (30) 

circumferential  angle  on  cone  surface. 
Fig.  1 
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inviscld  flow  codes,  we  use  here  experiaental  pressure  distributions  to  generate  the  conical  inviacid 
flow.  The  aethod  aay  be  seen  as  a  aodification  and  an  extension  of  the  aethods  described  in  Refs.  3«4. 
Since  pressure  distributions  beyond  30X  wing  or  body  length  have  been  eaployed  only  turbulent  boundary 
layers  are  considered  in  the  present  paper.  The  experimental  data  with  which  Che  numerical  results  are 
compared  were  obtained  froa  measurements  in  the  transonic-supersonic  wind  tunnel  of  the  Delft  University 
of  Technology,  Faculty  of  Aerospace  Engineering.  One  model  was  a  65*  swept  planar  delta  wing  tested  at 
free  stream  Mach  numbers  between  0.6  and  O.9  at  angles  of  attack  of  5*"22*  (Ref.  ^) .  Of  this  model 
calculations  were  made  for  M^=0.6,  0.7  and  0.85  and  for  angles  of  attack  of  5*.  10*  snd  15*  •  The  other 

model  was  a  circular  cone  of  7*5*  semi-apex  angle  tested  at  M^=2.95  at  a=5’“22*’  (Ref,  6).  Calculations 
were  made  for  a=l4*. 


2.  GOVERNING  EQUATIONS 

The  boundary  layer  equations  for  steady,  compressible,  laminar  and  turbulent  flow  will  be  described  in  an 
orthogonal  curvi-llnear  (r,8,z)  coordinate  system,  fit  to  a  conical  body,  see  Fig.  1.  In  this  system  z  is 
noraal  to  the  surface,  r  is  measured  along  the  body  (and  normal  to  z)  and  0  is  the  angle  on  the  conical 
body  between  a  generator  and  a  fixed  reference  generator,  for  example  in  the  symmetry  plane  (thus  0  is 
the  angle  on  the  unwrapped  surface).  The  velocity  components  u,v.w  are  in  r.S.z  directions,  respectively. 
In  this  coordinate  systea  the  boundary  layer  eqxiatlons  aay  be  written,  according  to  Ref.  T,  as  follows: 
continuity 
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where  H  is  the  total  enthalpy  defined  by 
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As  usual  p  and  p  are  the  static  pressure  and  static  density,  respectively  and  p  is  the  dynamic  viscosity 
coefficient.  The  subscript  e  denotes  conditions  at  the  edge  of  the  boundary  layer.  The  Prandtl  number  is 
taken  as  a  constant.  Pr-0.71  and  p  will  be  determined  according  to  Sutherland's  law.  Further  we  have  the 
Reynolds  decomposition  where  the  randomly  changing  flow  variables  are  replaced  by  time  averages  plus 

fluctuations  about  the  average,  e.g.  pw  =  pw  ♦  p'w'. 

The  boundary  conditions  for  Eqs.  (l)-(4)  are 


2=0:  u.v,w=0;  3^  *  0  (adiabatic  wall)  or  H  =  (r.0)  (6) 

z»d:  u  »  u  (r.9);  v  »  v  (r,0);  H  =  H  (r,0)  (7) 
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where  6  is  the  boundary  layer  thickness  and  the  subscript  w  denotes  quantities  taken  at  the  wall  (2=0). 
For  turbulent  flows  it  is  necessary  to  make  closure  assumptions  for  the  Reynolds  stresses.  Here  the  two 
layer  eddy-viscosity  concept  of  Cebeci  (Ref.  8).  where  the  Reynolds  stresses  are  related  to  the  mean 
velocity  and  total  enthalpy  profiles,  is  used 
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In  the  outer  region  e  is  defined  by 
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where 


(u*  -v*  ) 


The  influence  bettfeen  the  two  layers  is  established  by  continuity  of  the  two  eddy-viscosity  relations. 
According  to  Ref.  9  the  turbulent  Prandtl  nusber  Is  taken  constant,  Pr^*0.90.  In  order  to  reduce  the 

number  of  dependent  variables  two  streamfunctions  are  introduced,  analogous  to  Ref.  6,  such  that 


(11) 


Satisfying  the  continuity  equation.  Eq.  (1).  we  obtain 
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We  also  transform  the  z  coordinate  into  a  nondiaensional  quantity  by 

our' 
e^e  o 

Then,  two  nondiaensional  functions  may  be  derived  satisfying 

f(r.e.ri(j))  .  ^  ’  (f.S.z) 

g(r.e.ii(z))  =  — ^  (p  W  u  »(r.9,2) 
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where  ia  a  reference  velocity  that  here  is  set  equal  to  v^.  Using  Eqs.  (11)-{14)  we  may  derive 
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Eqs.  (61  and  (11)*(15)  aay  now  be  substituted  into  the  boundary  layer  equations  Eqs.  (2)’‘(4)  and  the 
boundary  conditions  Eqs.  (6),  (7)>  Before  doing  so  we  first  make  the  assumption  of  a  conical  invlscid 
external  flow.  In  such  a  flow  the  flow  quantities  sre  independent  of  r.  Then,  the  laminar  boundary  layer 
equations  allow  similarity  solutions  along  rays  8«constant.  The  similarity  transformation  Is  equivalent 
to  the  Blasius  transformation  for  a  flat  plate.  Such  a  concept  is  not  valid  for  a  turbulent  boundary 
layer  since  the  eddy-viscosity  term  is  dependent  on  r.  Here  we  adopt  the  idea  of  local  similarity  intro* 
duced  in  Refs.  10.  11  which  means  that  the  eddy-viscosity  term  is  assumed  to  be  locally  independent  of  r, 
while  it  is  evaluated  at  its  local  r  position.  The  validity  of  this  assumption  relies  essentially  on  the 
property  that  the  flow  qucuitities  in  the  boundary  layer  vary  sufficiently  slow  with  r.  As  we  will  see  in 
the  problems  considered  here  the  variation  of  flow  quantities  such  as  pressure  and  speed  In  spanwlse 
direction  (6-coordinate)  is  much  larger  than  in  streamwise  direction  ( r-coordinate ) .  Under  the  just 
mentioned  local  similarity  restriction  a  transformation  of  the  boundary  layer  equations  Eqs.  (2)-{4)  into 
a  parabolic  system  may  be  accomplished.  The  coordinate  r  serves  as  a  parameter  and  9  is  the  time-like 
marching  direction.  Thus,  for  a  conical  Inviscld  external  flow  the  equations  become 
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The  boundary  conditions  are 


Ti=0:  fsF*0;  g*G*0;  ~  *  0  (adiabatic  wall)  or  E  *  E 
Ot)  w 


Ti=n  :  F=G=E=1 


(19) 

(20) 


dv 

Ega.  (16}'(20)  are  solved  starting  at  a  reattachaent  line  where  v^v^sO  and  >  0.  The  solution  is 

aarched  in  6>dlrection  (locally  streaswise)  until  separation  Is  reached.  In  conical  flow  this  aeans  that 
the  skin-friction  coefficient  in  0-direction  becooes  zero.  The  skin-friction  coefficient  in  r  and  6- 
directions  are  defined  by 
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where 
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(23) 


However,  on  the  reattachnent  line  G  »  —  is  indeteroinate  and  we  have  to  taken  the  limit  at  this 


position.  It  may  be  shown  that  G  is  finite  at  the  reattachment  line  and  that  the  starting  solutions  may 
be  obtained  froa  Eqs.  (16)-(18).  They  reduce  to  the  ordinary  differential  equations 
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3.  INVISCID  VELOCITY  FROM  EXPERIMENTAL  PRESSURE  DISTRIBUTION 

As  boundary  conditions  for  the  boundary  layer  calculation  aethod  we  need  the  velocity  components  and 
v^.  They  can  be  obtained  by  an  Inviscid  flow  code  or  by  a  given  pressure  distribution.  For  a  conical 

external  flow  the  velocity  vector  may  be  derived  from  a  spanwise  pressure  distribution.  On  the  body 
surface  (z«0.  w«0)  the  inviscid  conical  equations  aay  be  written  as 
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If  we  transfore  the  velocity  coeponents  into 
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u  s  q  COS  V  s  q  sin  9 
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where  q  is  the  speed  of  the  Inviscld  surface  flow  and  <p  the  angle  of  the  velocity  vector  with  a  conical 
ray,  we  obtain  froa  Eqs.  (27)  and  (28)  for  isentropic  flow 
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Ed*  (32)  can  be  solved  nuaerically  for  a  given  spanwise  pressure  distribution  and  given  starting  values 
of  e  and  On  a  reattachaent  line  this  equation  is  inderminate.  This  problem  may  be  dealt  with  by 
differentiation  of  Eq.  (32).  The  result  on  the  reattachaent  line  is 
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4.  FINITE  DIFFERENCE  METHOD 

The  boundary  layer  equations  Eqs.  (I6)~(ld)  with  the  boundary  conditions  Eqs.  (19)  and  (20)  are  solved 
using  a  aarching  procedure.  Since  we  are  dealing  with  parabolic  equations  an  implicit  scheme  is  preferred 
because  it  is  unconditionally  stable.  In  a  fully  implicit  scheme  the  nonlinear  terms  have  to  be 
linearized  with  a  Newton  method;  this  implies  an  iteration  procedure.  In  the  present  solution  method  an 
alternative  is  applied  by  using  a  predictor-corrector  linearization  as  proposed  by  Matsuno  (Ref.  3)  arid 
DeJarnette  and  Woodson  (Ref.  4).  Such  a  scheme  is  half-implicit,  second-order  accurate,  unconditionally 
stable  (Ref.  3)  a^d  no  iteration  procedure  is  needed.  To  determine  the  initial  profiles  Eqs.  (24)-(26) 
are  solved  using  finite  differences  in  an  iteration  procedure  at  each  grid  point  where  successive 
improvements  tc  the  previous  solution  are  applied  by  a  Newton  linearization.  For  the  solution  of  the 
boundary  layer  equations.  Eqs.  (l6)-(l8),  the  following  notations  are  used 
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The  central  difference  operators  are  defined  by 
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For  the  predictor  step  the  backward  difference  operator 
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froB  which  we  aay  write 

*'l,4»l  ‘  ‘'ij  *  2*''j  ''t,4*l^ 

A  siailar  expression  holds  for 

The  predictor  stage  for  Eqs.  (16)-(18)  becones 
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The  relation  between  f.g  and  P.G,  respectively,  la  obtained  fron  Eq.  (4l)  and  a  siaileu'  one  for  g. 
For  the  corrector-stage  the  equations  are 
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Again  f  and  g  are  related  to  F  and  G  by  equations  of  the  type  of  Eq.  (41). 

The  difference  equations  aay  be  written  in  a  block-tridiagonal  matrix  forn  having  ^x3  matrices  as 
entries.  The  aysteo  is  solved  by  the  modified  Davis  algorithm  (Ref.  12).  The  solution  marches  in  8- 
direction  until  the  skin-friction  coefficient  in  that  direction,  c.  (Eq.  (22)},  goes  through  zero  when 

*8 

the  separation  line  is  reached.  The  number  of  grid  points  across  the  boundary  layer  was  Si  for  the  delta 
wing  and  101  for  the  cone.  A  variable  grid  was  employed  according  to  (Ref.  12} 
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where 

’'tuav  *  6  (delta  wing),  7  (cone);  4N  »  1/80  (delta  wing),  1/1(X)  (cone);  AN  *0.1;  K*1.5* 
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The  number  of  gridpoints  in  9-dlrection  was  24l  in  the  case  of  the  delta  wing  and  151  for  the  cone.  In 

dv 

the  delta  wing  calculations  also  the  meshwidth  A8  was  varied  in  such  a  way  that  the  product  a8  was 

dv 

kept  constant  above  a  certain  level  of  A  maximum  value  of  a8  *  0.004  was  maintained  in  regions  of 
dv 

small  For  the  cone  a  constant  increment  of  A9  *  0.00273  was  used  throughout  the  entire  computational 
domain. 


5.  EXPERIMENTS 

The  experisental  results  are  obtained  from  two  sets  of  experiments.  One  set  (Ref.  5)  were  measurements  on 
a  delta  wing  with  a  flat  upper  surface  euid  sharp  65*  swept  leading  edges;  the  root  chord  was  120  mm.  The 
results  discussed  in  the  present  paper  cover  free  stream  Mach  numbers  of  0.6,  0.7  and  0.85  and  angles  of 
attack  of  5*  10  and  15* •  In  these  cases  oil  flow  patterns  and  leeward  surface  pressure  distributions  were 
obtained.  A  spanwlse  row  of  pressure  taps  is  located  at  70%  chord;  also  along  the  rootchord  a  row  of  taps 
from  30%-90%  is  located.  Beginning  at  a  chordwise  position  of  €^%  several  rows  of  a  few  (4  or  5)  pressure 
taps  each  were  present  (at  65,  75 •  79 •  83.  92)K  rootchord).  These  rows  were  applied  in  order  to  check  the 
amount  of  conicity  of  the  flow  and.  at  the  higher  Mach  numbers  and  angles  of  attack,  the  existence  and  if 
so  the  posltlMi  of  shock  waves.  The  Reynolds  number  based  on  the  root  chord  was  3’3«6  million,  depending 
on  the  Mach  number.  The  other  set  of  experimental  results  were  obtained  from  early  circular  cone  flow 
tests  (Ref.  6)  aade  at  a  free  strecM  Mach  number  of  2.95  angles  of  attack  bet«reen  5*  snd  22*.  The  cone 
had  s  seal-apex  an^le  of  7.5*  ^  length  of  I50  mm.  For  the  boundary  layer  computation  we  selected  an 
angle  of  attack  a*l4  .  being  a  case  where  the  flow  was  still  'smooth*  that  means  no  embedded  shocks  were 
observed  in  the  experiments  and  for  which  the  oil  flow  pattern  showed  separation  lines.  The  circumferen¬ 
tial  pressure  distributions  at  ^3%  and  S3%  of  the  cone  length  served  as  input  for  the  method.  The  static 
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pressure  distribution  along  a  generator  confiraed  that  the  flow  was  very  conical  indeed.  The  Reynolds 
nueber  based  on  the  cone  length  was  3.1  Billion. 

6.  DISCUSSION  OF  RESULTS 

Since  the  boundary  layer  conputatlonal  aodel  is  essentially  of  the  weak  interaction  type  the  coaputations 
can  only  be  carried  out  up  to  separation.  However,  the  aethod  can  sustain  some  steps  downstreaa  of  it. 
Only  turbulent  boundary  layers  are  computed  since  the  pressure  distributions  used  are  measured  in  the 
•urbulenc  region. 

6.1.  Delta  wing  results 

The  delta  wing  experlaents  showed  that  the  pressure  distribution  along  the  rootchord  is  not  conical.  At 
cmgles  of  attack  of  interest  for  the  present  paper  an  alaost  linear  pressure  increase  was  aeasured  from 

^  ■  0.30"0.90  (Ref.  5).  The  coaputed  results,  however,  based  sainly  on  the  spanwlse  pressure  dlstribu- 
^r 

tion  at  70%  chord  position,  show  an  extremely  good  agreeaent  with  the  experiaental  results,  as  will  be 
discussed  furtheron.  As  has  been  pointed  out  in  the  foregoing  the  spanwise  variations  of  the  flow 
quantities  have  a  auch  larger  influence  on  the  separation  phenomenon  than  the  chordwise  variation.  Table 
1  gives  an  indication  of  the  largest  observed  pressure  gradients  in  x  and  y  directions  at  a  »  13*. 
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Table  1.  Experiaental  pressure  gradients  at  a>13*  (Ref.  3). 

The  largest  deviations  from  conical  flow  were  observed  in  the  center  part  of  the  wing  (y/y^^  ^  *  0*3). 

In  Fig.  2  a  sketch  is  shown  of  the  vortex  systea  above  the  delta  wing  and  of  the  surface  streaalines.  Tvo 
aain  (primary)  vortices  are  shed  from  the  sharp  leading  edges.  The  flow  reattaches  on  the  wing  surface  at 
the  reattachaent  line  Al.  With  increasing  angle  of  attack  this  line  moves  towards  the  wing  symmetry  line 
and  they  will  eventually  coincide.  From  the  reattachaent  position  towards  the  leading  edge  the  surface 
flow  first  accelerates  and  reaches  a  suction  peak  and  then  decelerates  due  to  an  adverse  pressure 
gradient.  This  unfavourable  gradient  aay  cause  the  surface  flow  to  separate  at  the  secondary  separation 
line  to  fora  a  secondary  vortex  in  the  field  above  the  wing  surface.  The  pressure  distribution  aeasured 
in  such  a  flow  is  shown  in  Fig.  3.  where  they  have  been  b-splined  for  the  sake  of  the  calculations.  Also 
the  invlscid  velocity  components  derived  from  the  pressure  distribution  using  Eqs.  (31)“(33)  are 
presented  in  Pig.  3-  It  appears  that  the  Cp-'distribution  is  very  closely  related  to  the  distribution  of 

the  velocity  component  normal  to  a  conical  ray  (v  ) .  The  spanwise  variation  of  u  is  almost  negligible  in 

e  e 

that  respect.  This  relatively  large  distinction  between  the  two  velocity  components  has  been  observed  in 
all  cases  calculated,  also  for  the  supersonic  cone  flow.  It  confirmed  the  findings  of  Table  1.  In  Fig.  4 
the  skin-friction  coefficients  defined  by  Eqs.  (21)  and  (22)  are  shown.  The  coefficients  are  computed 
starting  on  the  reattachment  line  and/or  the  rootchord.  The  secondary  separation  is  taken  as  the  position 
where  c-  goes  negative.  On  the  separation  line  c-  A  0.  As  may  be  seen  in  Fig.  3  the  30  separation 
8  r 

occurs  at  a  location  where  the  surface  streaalines  reveal  a  strong  spanwise  deflection.  Qualitatively 
speaking  there  is  not  much  difference  between  the  distributions  of  the  skin-friction  coefficients  in 
Figs.  4a  and  4b.  only  the  magnitude  is  different.  Evidently  this  has  to  do  with  the  analogy  between  the 
pressure  distributions  in  both  cases.  The  calculated  streaallne  patterns  are  presented  in  Fig.  3.  The 
theoretically  ontained  locations  of  the  secondary  separation  are  slightly  inlxsard  of  the  experlaentally 
observed  lines.  With  respect  to  this  particular  item  the  overall  results  are  very  good  indeed  as  shows 
Table  2. 
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-0.7 

0.85 

10 

73.2 

70.5 

3.2 

Table  2.  Location  of  secondary  (turbulent)  separation  (Ref.  3). 
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Apparently,  at  the  higher  Nach  nuabera  in  coeblnatlcm  with  the  larger  angles  of  attack  the  difference 
between  theoretical  and  experleental  results  increases,  which  is  not  unexpected  considering  the  assuep- 
tions  eade  in  the  flow  eodel.  For  co^iarlaon  the  inviscid  streaalines  (at  the  edge  of  the  boundary  layer) 
are  shown.  They  have  been  ccdculated  by  the  eethod  discussed  in  section  3*  In  Pigs.  6  the  flow  angle  e 
with  respect  to  a  ray  through  the  apex  of  the  wing  has  been  plotted  versus  the  spanwlse  coordinate.  Shown 
are  the  distributions  for  the  skin-friction  lines  (surface  streaalines)  and  for  the  inviscid  streaalines 
(edge  of  the  boundary  layer).  For  co^)aris^  also  the  values  of  obtained  froa  oil  flow  pictures  have 

been  plotted;  the  agreeaent  with  the  nuaerical  results  is  very  good.  A  photograph  of  the  oil  flow  pattern 
for  M^«0.83,  a>10'.  one  of  the  cases  calculated,  is  given  in  Fig.  7.  If  Fig.  3b  is  co^>ared  with  Pig.  7, 

for  exaaple  by  superiaposing  thea  on  each  other,  it  would  appear  that  the  theoretical  surface  streaalines 
in  the  overall  picture  agree  very  well  with  the  experleental  results.  Finally  in  Fig.  8  the  spanwlse 
developaent  is  sketched  of  the  profile  of  the  velocity  conponent  v  nomal  to  a  conical  ray.  The  coaputa- 
tlon  could  be  continued  just  beyond  separation  so  that  a  region  of  reverse  flow  appears. 

6.2.  Circular  cone  results 

A  phlslcal  picture  of  the  flow  about  a  cone  at  high  angles  of  attack  is  depicted  In  Pig.  In  this 
problea  where  there  are  no  defined  geoaetrical  locations  where  the  flow  is  likely  to  separate,  the  flow 
separates  froa  the  smooth  cone  surface  due  to  a  hl^  adverse  pressure  gradient.  This  behaviour  alght  be 
compared  to  the  secondary  separation  on  the  delta  wing. 

The  nuaerical  results  are  shown  In  Figs.  10-13  and  13.  Fig.  10,  11  and  13  should  be  interpreted  looking 
into  the  direction  of  the  local  surface  flow,  i.e.  the  circuaferentlal  angle  (the  abclssae  in  these 
figures)  is  aeasured  froa  the  windward  symmetry  generator,  see  Pig.  9«  If  the  pressure  distribution  of 
Pig.  10  is  coapared  to  that  of  the  delta  wing  (Fig.  3)  it  is  obvious  that  the  gradients  are  auch  lower 
and  thus  also  the  adverse  pressure  gradient  causing  separation.  In  observing  the  difference  in  gradient 
we  should  however  take  Into  account  that  the  difference  between  the  hipest  and  lowest  pressure  levels  of 
both  cases  is  considerable  as  well.  Fig.  11  shows  that  soae  influence  of  the  lesser  adverse  pressure 
gradient  is  recognized  in  Che  decrease  of  Che  skin-friction  coefficient  prior  Co  separation.  As  a  aatter 
of  fact  the  Reynolds  nuaber  had  a  large  influence  the  computational  results  (as  it  should).  For  local 
Reynolds  numbers  Re  above  3  million  the  skin-friction  coefficient  did  not  reach  the  zero  level,  but 

only  showed  a  positive  mlniaum  close  to  zero.  A  similar  result  was  also  obtained  in  Ref.  4  for  an  incom¬ 
pressible  flow  on  a  delta  wing.  In  Fig.  12  the  surface  8treaa1i.ies  are  plotted  together  with  Che  inviscid 
ones  obtained  with  the  conical  Euler  equations.  The  figure  shows  the  unwrapped  cone  surface  cut  at  the 
windward  symmetry  generator;  this  generator  appears  as  the  two  side  edges  in  the  figure.  As  before,  Che 
agreement  with  the  experimental  oil  flow  visualization  results  is  nice  as  is  demonstrated  by  the  close¬ 
ness  of  theoretical  and  experimental  separation  lines  and  also  by  comparing  Fig.  12  as  a  whole  with  the 
wind  tunnel  result  shown  in  Fig.  14.  An  aspect  of  this  comparison  is  Illustrated  in  Fig.  13  where  the 
flow  inclination  angle  e  la  shown  as  function  of  the  circumferential  angle  Again  three  quantities  are 
considered:  the  coaputational  value  at  the  surface,  the  inviscid  result  at  the  edge  of  the  boundary  layer 
and  the  experimental  value  obtained  froa  the  oil  flow  pattern.  TTie  experlaentally  determined  quantity  has 
an  uncertainty  that  Is  estimated  to  be  t  3*.  It  must  be  noted  that  no  atteapt  has  been  aade  to  compute 
the  surface  flow  at  the  leeward  side  In  between  the  two  separation  lines  (Pig.  12)  where  the  secondary 
separation  takes  place  in  the  experlaents.  In  conclusion  in  Fig.  13  soae  of  the  cross-flow  velocity 
profiles  V  are  collected.  Just  as  for  the  delta  wing  the  coaputation  is  continued  slightly  beyond  the 
point  where  c.  passes  the  tero  value.  The  velocity  profiles  show  a  bulging  shape  (v  >  v  )  inside  the 

boundary  layer.  This  shape  changes  into  aore  'coaaon*  profiles  as  the  separation  line  Is  approached. 
Unfortunately  no  boundary  layer  profiles  have  been  aeasured  to  check  the  theoretical  behaviour. 

6.3.  Status  of  the  boundary  layer 

As  discussed  previously  the  boundary  layer  was  assumed  to  be  turbulent  at  the  chordwlse  positions  where 
the  spanwlse  distributions  were  taken.  Therefore  all  the  calculations  were  carried  out  for  a  turbulent 
boundary  layer.  This  Is  certainly  valid  in  the  case  of  the  cone  flow  where  the  Reynolds  number  is  3 
Billion;  however,  the  delta  wing  results  need  soae  explanation.  In  order  to  demonstrate  the  possibilities 
of  using  a  'conical  boundary  layer'  method  in  conjuncticm  with  realistic  pressure  distributions  at  a 
single  chordwlse  position  where  a  turbulent  boundary  layer  is  plausible,  only  a  few  cases  have  been 
considered  in  the  present  study.  As  long  as  no  complicated  flow  phenomenae  as  embedded  shocks,  trailing 
edge  effects  and  tip  effects,  vortex  bursting  cuid  the  like  are  encountered,  the  method  shows  to  give  good 
agreement  with  experimental  surface  flow.  The  examples  used  as  computational  models  belonged  to  the 
category  where  the  above  mentioned  complications  did  not  occur.  The  tests,  however,  were  extended  over  a 
wider  range  of  free  stream  Mach  numbers  and  angles  of  attack,  see  Ref.  3>  In  a  number  of  combinations  of 
Mach  nuaber  and  angle  of  attack  boundary  layer  trarmitlon  could  easily  be  established.  Then  the  secondary 
separation  line  showed  a  non-conical  transition  from  its  laminar  location  to  a  more  out  board  one.  The 

transition  started  at  x/C  between  0.2-0.23,  although  it  should  be  noted  that  it  was  not  always  as 
r 

concealed  as  in  Fig.  7.  Outside  the  transitional  region  the  secondary  separation  line  was  In  the  laminar 
as  well  as  in  the  turbulent  region  straight  to  a  very  good  approximation  (Ref.  3)*  It  will  be  evident 
that  the  non-conical  transitional  region  cannot  be  covered  by  the  present  method, 

7.  CONCLUSIONS 

Froa  the  coaputational  and  experlaental  investigations  on  conical  bodies,  viz,  a  planar  sharp-ed^d  delta 
wing  at  high  subsonic  speeds  cmd  a  circular  coim  at  supersonic  speeds,  at  moderate  to  high  angles  of 
attack  the  following  conclusions  may  be  drawn. 

-  Oil  flow  visualization  studies  have  shown  that  the  surface  flow  on  the  bodies  may  be  considered  as 
conical  (or  nearly  conical  on  the  delta  wing).  For  the  delta  wing  certain  reservations  should  be  aade. 
The  free  stream  Nach  nuaber  and/or  the  angle  of  attack  should  be  limited  in  the  sense  that  eabedded 
shocks,  upstream  influence  of  trailing  edge  and  wing  tips,  vortex  breakdown  aust  be  absent.  For  both 
bodies  applies  that  the  boundary  layer  transitional  region  should  be  excluded. 

-  In  the  case  of  the  delta  wing  the  experlaental  pressure  distribution  did  not  entirely  satisfy  the 
requireaent  for  conical  flow.  However,  in  the  region  of  Interest  the  spanwlse  pressure  gradients  were 
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at  least  20  tlaea  larger  than  those  In  chordwlse  direction.  This  is  the  aain  reason  for  a  nearly 
conical  flow  pattern. 

-  If  the  above  eentioned  reservations  are  set  and  if  an  accurate  spanwise  inviscid  velocity  distribution 
is  used  as  boundary  condition  (in  the  present  case  obtained  free  a  eeasured  pressure  distribution)  the 
'conical  boundary  layer'  eethod  provides  a  good  possibility  to  coepute  the  surface  flow  and  to  predict 
the  separation  lines  on  conical  bodies. 
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Fig.  8.  Spanwise  developmenf  of  cross-flow  velocity  component 
in  boundary  layer  on  delta  wing. 


Fig. 9. Cone  leeward  surface  flow  geometry. 
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Fig.  10.  Experimental  pressure  coefficient  and 
inviscid  velocity  components  at  leeward 
surface  of  cone. 


Fig.  11.  Skin  friction  coefficients  on  cone. 


Fig.  15 .  Spanwise  development  of  cross-flow 
velocity  component  in  boundary  layer 
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SUMMARY 

This  paper  presents  numerical  solutions  of  the  two-dimensional  Navier-Stokes 
equations  using  finite-difference  approaches  in  which  different  numerical 
schemes  for  the  discretization  of  the  convective  terms  are  used.  The  errors 
arrising  in  the  solution  of  the  recirculating  flows  are  mainly  attributed  to  the 
convective  discretization  schemes  and,  hence,  knowledge  of  different  numerical 
schemes  is  essential  to  accurately  predict  complex  recirculating  flows.  To 
assess  the  performance  of  prediction  schemes,  it  is  necessary  to  carry  out 
predictions  in  carefully  selected  laminar  flows.  For  this  reason  the  flows 
examined  in  this  paper  are  all  in  the  laminar  regime  and  emphasis  is  given  to 
the  evaluation  of  various  discretization  schemes  and  comparisons  of  the 
numerical  solutions  with  laser-Doppler  measurements. 


INTRODUCTION 

In  recent  years,  large  computers  have  become  available  that  permit  numerical 
solutions  of  two-dimensional  recirculating  flows  to  be  obtained.  As  the  flow 
geometry  gets  complex,  even  these  large  computers  do  not  provide  enough 
computational  speed  or  storage  space  to  carry  out  the  flow  predictions  with  the 
required  accuracy.  Numerical  diffusion  introduces  errors  into  the  prediction 
which  are  mainly  attributed  to  the  convection  discretization  schemes  employed  in 
the  computations  and  once  the  assement  of  turbulence  models  in  recirculating 
flows  is  limited  by  the  accuracy  of  the  numerical  treatment  of  the  flow 
equations.  Therefore  there  is  an  extensive  interest  in  information  on  the  best 
discretization  scheme  for  particular  class  of  flows.  In  the  present  study, 
laminar  recirculating  flows  were  considered  and  different  discretization  schemes 
were  employed  to  carry  out  computations  of  laminar  flows.  The  present  report 
provides  a  brief  summary  of  the  outcome  of  this  investigation. 

Numerical  calculations  have  been  performed  with  an  intent  to  compare  five  finite 
different  schemes  for  convection  discretization.  These  are  as  follows: 

i)  The  Quadratic  Upstream-Weighted  Scheme  (QUDS) 

ii)  The  Hybrid  Central/Upwind  Scheme  (CUDS) 

iii)  The  Hybrid  Power  Law/Upwind  Scheme  (PLDS) 

iv)  The  Hybrid  Central/Skew  Upwind  (CSUDS) 

v)  The  first  order  Upwind  Scheme  (UDS) 

The  test  cases  considered  were  the  backward-facing  step  flow,  the  obstacle  flow, 
the  unsteady  flow  of  a  sudden  type  expansion  and  unsteady  flow  around  a  square 
obstacle.  For  all  these  flows,  LDA-  measurements  were  available  and,  hence, 
computations  could  be  directly  compared  with  measurements  to  assess  the 
performance  of  the  various  discretization  schemes. 


» 
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GOVERNING  FLOW  EQUATIONS,  NUHERICAL  SCHEMES  AND  SOLUTION  PROCEDURE 


Governing  equetions 

The  partial  differential  equations  (PDE)  governing  the  steady  recirculating 
flows  presented  in  this  study  are  the  Navier-Stokes  equations.  Mass  conservation 
also  holds  and  this  can  be  formulated  to  yield  the  continuity  equation.  The 
flows  considered  are  two-dimensional  and  incompressible  and,  hence,  the  general 
PDEs  describing  the  flow  field  are: 


=  0 


Continuity  equation: 

30U  3PV 
3x  3y 

Mofnentum  equations : 

3PU  3PUCJ  3PVU 


(1) 


3t 


3  X 


3y 


3P  ; 

—  +  u  (- 


3x  3x  3y 

3PV  3pUV  3PVV 


3  t 


3x 


ay 


3^v 


3P 

=  -  -  +  u 

3y 


5)  * 


(2) 


(3) 


ay 


These  equations  can  be  written  in  the  form  of  a  general  transport  equation,  as 
£ol lows : 


30*  3pu*  apv* 

3t  3x  3y 


r*( — 5  +  — 5)  +  s. 
®  3x^  3y2  * 


(4) 


where  0  denotes  the  U  or  V  velocity  components  and  represents  the  pressure 
gradient  term  in  the  x-  and  y-directions .  The  continuity  equation  results  from 
this  general  transport  equation  by  setting  =  1  and  =  0. 

The  transformation  of  the  PDEs  for  the  U-  and  V-momentum  into  the  equivalent 
finite  difference  equations  (FDEs)  can  be  obtained  by  using  the  finite  volume 
method.  The  application  of  the  finite  volume  method  requires  discretizations  of 
the  convective  and  diffusive  fluxes  at  each  control  volume  face.  In  the  present 
study,  the  diffusive  fluxes  were  always  approximated  by  central  differences 
known  to  be  of  third  order  accuracy. 

Numerical  schemes  for  discretization  of  convective  terms 

The  approximation  of  the  convective  fluxes  in  the  momentum  equations  at  each 
control  volume  face  was  performed  with  different  numerical  schemes.  Five 
numerical  schemes  were  used: 

o  The  upwind  differencing  scheme  (UPS)  is  the  simplest  unconditional  stable 
scheme  to  approximate  the  convection  terms.  It,  however,  induces  a  truncation 
error  which  is  felt  like  a  diffusive  term  in  the  equations.  This  can  lead  to  low 
accuracy  in  predicted  solutions  of  flow  fields.  This  discretization  scheme 
approximates  the  -control  volume  face  value  by  the  nodal  value  taken  in  the 
upstream  direction  of  the  velocity. 

o  The  hybrid  central/upwind  differencing  scheme  (CUDS).  [l)i  is  based  on  the 
exact  solution  of  the  linear  one-dimensional  steady  convection-diffusion 
equation  between  any  two  neighbouring  mesh  nodes.  The  convective  terms  are 


approximated  by  central  differences  for  Peclet  numbers  “  p.Ax.U/r),  |Pe|<2. 
For  |Pe|>2,  the  convection  terms  are  approximated  by  UDS. 

o  The  hybrid  power  law/upwind  differencinR  scheme  (PLDS),  12] ,  in  comparison  to 
the  above  schemes,  represents  a  better  approximation  of  the  exact  solution  of 
the  one-dimensional  convection-diffusion  equation.  In  this  approximation,  'a 
power  law'  is  used  for  |Pe|<10  and  UDS  for  |Pe|>10. 

o  The  hybrid  central/skew  upwind  differencing  scheme  (CSUDS),  [3],  strongly 
reduces  the  problem  caused  by  the  flow  direction  to  grid  line  skewness.  For 
Peclet  number  |Pe|>2,  this  scheme  tries  to  simulate  a  grid  in  which  the 
coordinate  grid  lines  are  aligned  with  the  local  flow  direction.  It  takes 
explicit  account  of  the  local  flow  angle  by  determining  the  velocity  vector 
tangential  to  the  streamline  at  the  control  volume  face.  For  |Pe|<2,  the  scheme 
uses  central  differences  for  the  discretization  of  the  convection  terms  in  the 
equations . 

o  The  quadratic  weighted  upstream  differencing  scheme  (QUDS),  (4),  is  based  on  a 
local  quadratic  interpolation  at  the  -surface  for  estimating  both  the 
convective  and  diffusive  flux  terms  on  each  control  volume  face  individually. 
For  non-uniform  grid  distributions  the  local  quadratic  interpolations  were 
derived  taking  into  account  the  non-uniformity  between  mesh  points. 

Table  I  lists  the  discretization  schemes  considered  and  gives  a  brief  summary  of 
each  of  them. 

Solution  procedure 

All  computations  presented  in  this  paper  were  performed  with  an  appropriately 
modified  version  of  a  computer  code  TEACH  designed  to  solve  two-dimensional 
elliptic  flow  problems  in  terms  of  the  primitive  hydrodynamic  variables  U,  V  and 
P.  The  code,  in  its  original  form,  uses  CUDS  and  is  based  on  the  so-called 
SIMPLE  solution  algorithm  for  the  solution  of  the  final  set  of  linear  equations. 
As  a  first  step  in  solving  a  specified  flow  problem,  the  TEACH  program  computes 
a  preliminary  velocity  field  by  solving  discretized  versions  of  the  momentum 
equations  employing  a  guessed  pressure  field.  This  field  is  then  improved  by 
solving  the  pressure-correction  equation  which  contains  a  dilatation  term  (i.e. 
the  local  mass  imbalance)  as  a  source.  In  the  present  study,  the  system  of 
algebraic  equations  was  always  solved  by  the  'strongly  implicit  method'  (see  [5] 
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TABLE  1  -  Numerical  schemes  used  for  convection  discretisation. 


and  [6))  instead  of  the  tri-diagonal  matrix  algorithm.  The  reason  for  using  th'' 
strongly  implicit  method  was  the  faster  convergence  achieved  by  the  strongly 
implicit  method  for  well-conditioned  matrices,  as  in  the  case  of  the  pressure 
correction  equation. 


RESULTS  AND  COMPARISON 
Steady  State  Flows 

The  geometrical  configurations  of  the  backward-facing  step  and  flow  over  a  fence 
or  an  obstacle  are  shown  in  Figure  1. 


Figure  1  Geometry  for  backward  facing  step  flow  over  a  fence. 


For  the  backward  facing  step  flow,  a  fully  developed  inlet  profile  at  x/s  =  -2 
was  prescribed.  At  the  exit  plane,  x/s  -  44,  a  zero  velocity  gradient  for  U  and 
V  was  assumed.  The  definition  of  the  Reynolds  number,  which  was  used  in  this 
study,  is  based  on  the  mean  inlet  velocity  and  hydraulic  diameter  of  the  inlet 
channel.  For  comparison  purposes,  all  the  schemes  were  applied  with  the  same 
non-uniform  grid  comprisin  53  x  53  grid  points.  After  the  step,  an  expansion 
ratio  of  1.1  was  used.  For  the  same  reasons  the  grid  was  kept  unchanged  for  all 
Reynolds  number.  Grid  dependence  studies  showed  that  for  Re  <  420,  relative 
coarse  grids  with  high  expansion  ratios  were  appropriate  to  predict  the  flow. 
For  Re  >  420,  multiple  recirculations  occur,  and  the  UDS,  CUDS  and  PLDS  schemes 
showed  to  require  a  much  higher  grid  nodes  than  the  presently  used  of  55  x  53  to 
achieve  grid  independent  flow  predictions. 
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Figures  2a),  b)  c)  show  the  computed  and  measured  locations  of  separation  and 
reattachment  x^,  x^,  x^  for  50  ^  Re  «  1000.  They  also  show  calculations  of  other 
authors  [8J  and  [v] ,  using  much  higher  grid  points.  All  the  schemes  predicted 
correctly  the  appearance  of  the  top  recirculation  region.  The  results  obtained 
with  UDS  for  Re  <  400  displayed  a  shorter  reattachment  x,  than  the  ones 
predicted  with  the  other  schemes.  This  was  due  to  the  false  diffusion  introduced 
by  the  first  order  Upwind  discretization.  For  this  range  of  Re,  the  CUDS  and 
PLDS  schemes  used  central  difierences  in  large  regions  of  the  computational 
domain,  and  therefore  they  presented  better  results  than  the  UDS.  However,  for 
Re  >  550  the  UDS  displayed  higher  values  of  than  the  CUDS  and  PLDS 
schemes.  For  this  range  of  Re, 
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Figure  2  -  Comparison  of  predicted  and  measured  reattachment  lengths  for 

backstep  flow. 


a  large  recirculation  region  on  the  top  channel  wall  arose.  In  this 
recirculation  region,  very  low  peclet  numbers  ((Pe|  <  2)  were  present.  The  false 
diffusion  induced  by  the  UDS  in  the  surrounding  and  inside  the  top  recirculation 
region  yielded  the  destruction  of  this  region.  Thus  the  UDS  predicts  a  much 
shorter  top  bubble  in  both  x  and  y  co-ordinate  directions  than  the  CUDS  and 
PLDS.  As  a  consequence,  the  main  recirculation  region  predicted  by  the  UDS  was 
larger  than  the  one  predicted  by  the  CUDS  and  PLDS.  The  e^scellent  performance  of 
QUDS  is  also  demonstrated  by  che  direct  comparison  of  predicted  and  measured 
velocity  profiles  shown  in  Figure  3a)  and  3b)  for  Re  ■  389  and  Re  =  603.  The 
Hybrid  Scheme  CUDS  is  not  capable  of  computing  the  flow  with  sufficient 
accuracy . 
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Figure  3  -  Comparison  of  the  U-velocity  field  predicted  with  the  CUDS  and  QUDS 
and  measurements,  a)  Re  «  389;  b)  Re  »  603 

As  a  final  result  for  the  backward-facing  step  flow  the  prediction  of  the 
locations  of  the  detachment  and  reatachment  lines  are  shown  in  Figure  4.  In  the 
Re-region  of  the  flow  where  two-dimensionality  could  be  maintained  in  the 
experiments,  good  agreement  between  QUDS-predictions  and  experiments  was 
obtained. 


Figure  4  -  Comparison  of  predicted  and  measured  reattachment  lengths  using  QUDS 

scheme . 
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The  essential  findings  for  the  backward-facing  step  flow  basically  repeat 
themselves  for  the  laminar  flow  over  a  fence,  see  [10].  Again,  the  QUDS  scheme 
is  able  to  capture  the  strong  variation  of  the  velocity  profiles,  as  Indicated 
in  Figure  5.  Also  the  length  of  the  separation  region  attached  to  the  fence  is 
predicted  reasonably  well  with  the  QUDS,  see  Figure  6.  All  the  other  schemes 
perform  poorly. 
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Figure  5  -  U-velocity  profiles  measured  and  calculated  with  the  UDS  and  QUDS 

schemes  for  flow  over  a  fence  Re  =  110. 


Figure  6  -  Comparison  of  reattachment  lengths  predicted  and  measured  function 

of  Reynolds  number. 
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UNSTEADY  PLOWS 

Good  performance  of  the  QUDS  encouraged  the  application  or  the  extension  of  the 
computer  programme  to  unsteady  flows  using  a  fully  Implicit  temporal 
discretization.  The  predictions  were  carried  out  for  a  geometry  indicated  in 
figure  7  which  represents  a  sudden  pipe  expansion.  The  impulsively  started  flow 
was  obtained  by  the  piston  displacement  in  the  larger  tube.  The  grid  expands 
with  piston  displacement  as  proposed  by  [11].  When  the  piston  moves  to  the 
right,  fluid  enters  from  the  inlet  tube  into  the  cylinder  and  flow  separation 
occurs  at  the  sudden  expansion  and  this  was  measured  and  predicted,  see  [12], 
(13). 


Figure  7  -  Flow  geometry  of  usteady  flow  in  a  pipe  expansion. 


The  test  case  considered  corresponds  to  a  maximum  piston  velocity  of  11.9  mm/s, 
equivalent  to  a  Reynolds  number  Re  =  2  U  R^/  of  98,  the  initial  clearance  of 
the  piston,  i.e.  the  distance  between  thS  plane  x  “  0  and  the  piston  surface, 
was  AO  mm.  Figure  8  shows  a  comparison  of  the  predicted  and  measured  velocity 
components  at  a  time  t  »  0.71  s.  Note,  that  the  scale  for  the  U-velocity  is  four 
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Figure  8  -  Comparison  of  predicted  and  measured  velocity  profiles  at  t  =  0.71 

s,  a)  axial  velocity;  b)  radial  velocity. 


times  the  one  for  the  V-velocity.  The  agreement  between  the  experimental  axial 
velocities  and  the  predictions  in  the  inlet  tube  (x  <  0)  is  very  good,  see  Fig. 
8a.  This  is  due  to  the  relatively  small  time-steps  used  in  the  calculstlons 
(0.005  s)  leading  to  a  high  accuracy  of  the  implicit  temporal  discretization. 
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but  also,  and  more  Important,  to  the  diminishing  back-influence  of  the  flow  in 
the  larger  tube  at  the  piston  position  (L^/R^  -  2.07)  where  the  comparison  is 
made.  At  earlier  times  or  smaller  piston  displacements  L.,  the  flow  in  the 
piston-tube  exerted  a  noticeable  influence  on  the  velocity  profile  at  the  inlet 
section  x  “  0,  and  then  the  agreement  between  experiments  and  predictions  was 
not  as  good  as  is  shown  in  Fig.  0.  In  general  it  was  found  that  the  chosen  inlet 
profiles  Influenced  the  prediction  in  the  piston-tube  substantially.  For 
instance,  in  an  earlier  stage  of  the  work,  profiles  corresponding  to  a  fully 
developed  flow  and  a  constant  velocity  are  employed.  In  both  cases  serious 
deviations  from  the  experimental  results  were  obtained.  This  sensitivity  to  the 
inlet  conditions  should  be  felt  in  more  complex,  practical  applications  also 
(e.g.  the  flow  in  reciprocating  engines),  and  makes  predictions  for  design 
purposes  extremely  difficult. 

All  the  predictions  shown  so  far  were  obtained  with  the  quadratic  upstream 
weighted  discretization  scheme  above,  the  reason  being  the  reduction  of 
numerical  diffusion.  To  emphasize  this  property  of  the  discretization  method 
comparative  calculations  were  performed  with  the  conventional  hybrid-scheme. 
Fig.  9  shows  streamlines  calculated  with  the  two  schemes  and  compares  them  to 


Figure  9  -  Comparison  of  predicted  and  measured  streamline  at  t  =  2.92  s,  a) 

hybrid-scheme;  b)  quadratic  upstream  scheme;  c)  cata. 


the  measured  ones.  For  the  low  Reynolds  numbers  considered  here,  the  ditterences 
are  not  too  dramatic.  It  can  be  seen,  however,  that  the  secondary  flow  on  the 
cylinder  wall  is  not  resolved  by  the  hybrid  scheme.  Also,  inside  the 
recirculation  region,  where  very  small  velocities  occur,  qualitative  differences 
between  the  two  schemes  arise.  The  only  explanation  for  these  discrepancies  is 
the  presence  of  false  diffusion  due  to  the  use  of  first-class  order  upwind 
differencing  in  the  hybrid-scheme.  It  causes  a  more  pronounced  spreading  of  the 
inlet  jet  close  to  the  piston  surface.  As  a  consequence,  negative  velocities 
inside  the  vortex  are  smaller  than  predicted  by  quadratic  upstream  interpolation 
or  measured.  These  small  differences  are  responsible  for  the  absence  of  the 
recirculation  flow  region  on  the  cylinder  wall. 
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Similar  good  agreement  between  experimental  and  numerical  studies  using  the 
quadratic  upstream  scheme  for  convection  discretization  was  obtained  for  the 
unsteady  flow  around  a  square  obstacle.  Fleure  10  shows  a  summary  of  the  results 


Figure  10  -  Comparison  of  calculated  instantaneous  streamlines  and  flow 
visualisation  results  for  Re  *  500. 
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Figure  ll  -  Comparison  of  calculated  Strouhal  number  with  experimental  data. 


computed  and  visualized  near  wake  flow  for  Re  *  500.  Figure  11  shows  the 
comparisons  of  computed  predominant  frequency  and  experimental  values  in  terms 
of  Strouhal  number  for  two  sets  of  data,  see  (14)  and  (15J.  The  calculated 
values  of  the  Strouhal  number  for  flow  Reynolds  number,  Re  =  250  and  Re  «  500, 
display  good  agreement  with  the  experiments. 


Figure  12  -  Streakline  plots  of  the  flow  around  a  square  obstacle  at  c  «  268  s 
and  t  *  280  s,  Re  *  250. 
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Figure  12  shows  streakline  plots,  and  they  were  obtained  by  the  introduction  of 
Id  passive  markers  upstream  of  the  square  obstacle.  They  were  Injected  at  every 
two  time  iterations.  The  massless  particles  provide  an  excellent  means  for 
visualizing  the  motion  of  the  large  coherent  structures  and  good  comparison  was 
obtained  with  flow  visualization. 

Figure  13  shows  a  comparison  between  the  results  obtained  with  the  quadratic 
upstream  and  central/upwind  schemes  for  convection  discretization.  The  figure 
clearly  shows  the  effect  of  false  diffusion  Induced  by  first  order  upwind.  The 
results  were  obtained  after  2400  time  steps  and  Che  particles  were  injected 
every  two  time  steps  after  2000  iterations. 


Figure  13  -  Streakline  plots  of  the  flow  around  a  square  obstacle  at  t  «  192  s, 
a)  quadratic  upstream;  b)  central/upwind .  Re=250 


COHCLDSIOMS 

Calculations  of  the  steady  laminar  backward  facing  step  for  50  (f.  Re  <.1000  and 
of  the  flow  over  a  fence  for  different  Reynolds  numbers  showed  that  the 
quadratic  upstream  weighted  scheme  QUDS  or  the  hybrid  central/skew  upwind  scheme 
CSUDS  are  more  accurate  than  the  standard  upwind  scheme  or  the  schemes  that 
revert  into  it,  i.e.,  the  hybrid  central/upwind  or  the  hybrid  power  law/upwind 
schemes . 

For  unsteady  recirculating  flow  calculations  the  use  of  first  order  implicit 
temporal  discretization  together  with  the  third  order  accurate  quadratic 
upstream  scheme  for  spatial  aproximation  showed  to  be  a  simple  and  accurate 
solution  algorithm  for  unsteady  recirculating  flows  as  long  as  very  small  time 
steps  are  used  to  decrease  errors  induced  by  the  first  order  temporal 
discretization.  The  unsteady  flow  at  a  sudden  pipe  expansion  driven  by  the 
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impulsively  start  of  a  piston  and  the  unsteady  periodic  flow  around  a  square 
cylinder  were  well  predicted  with  the  present  method. 

The  comparison  of  the  predicted  results  with  the  experimental  data  shows  that  in 
general  the  quadratic  upstream  interpolation  scheme  yielded  a  much  more  reliable 
simulation  of  the  flow  pattern  than  the  hybrid  scheme  and  it  is  sugg.:!sted  to 
employ  this  scheme  for  turbulent  analogous  flows. 
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SUMMARY 

A  low  aspect-ratio  wing  has  been  designed,  for  use  In  the  critical  analysis  of  computational  methods 
for  three-dimensional  shear  layers,  following  the  guidelines  agreed  by  GARTEUR  Action  Group  A0(AG07).  The 
aim  of  the  peper  is  to  give  details  of  the  design  processes  used  and  to  Indicate  the  flow  conditions  i^lch 
will  be  explored  In  the  detailed  shear-layer  tests  to  be  made  In  the  NLR  LST  (3.0  x  2.25  m)  and  ONERA 
(1.8  X  1.4  o)  low-speed  wind  tunnels,  as  part  of  the  GARTEUR  programme.  Calculations  have  been  made, 
using  a  selection  of  boundary  layer  methods  which  indicate  that  the  design  should  provide  very  challenging 
tests  for  methods.  Pilot  model  tests,  made  at  NLR.  have  suggested  that  the  wing  has  been  designed  success¬ 
fully  and  these  have  encouraged  the  Action  Group  to  proceed  with  the  main  test  programme. 
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INTRODUCTION 


Progress  in  computational  methods  for  the  calculation  of  flows  over  aerofoils  and  wings  has  been 
rapid  during  the  last  decade  and  in  consequence  the  need  for  reliable  experimental  evidence,  suitable  for 
the  validation  and  improvement  of  methods,  has  become  acute.  Up  to  the  present  the  most  advanced  methods 
being  envisaged  for  transonic  flows  at  high  subsonic  speeds  are  ones  involving  either  solutions  of  the 
Reynolds-averaged  Nsvler-Stokes  equations  or  the  Euler  equations  coupled  with  an  advanced  method  for 
calculating  the  flow  in  the  shear  layers.  It  Is  likely  that  these  classes  of  methods  will  eventually 
become  the  main  computational  tools  used  within  the  aircraft  industry  for  detailed  design  purposes. 
Generally  the  limitations  on  the  accuracy  of  predicting  the  flow  come  from  two  main  causes,  first,  the 
numerical  algorithms  for  solving  the  Invlscld  region  of  the  flow,  particularly  for  complex  geometries, 
and  second,  the  turbulent  shear  layers,  the  modelling  of  which  Is  to  some  extent  empirical.  Progress  in 
the  understanding  of  turbulence  has  been  slow  and  the  prospects  for  the  development  of  a  universal  model 
are  not  good;  hence  for  the  foreseeable  future,  it  seems  inevitable  that  the  use  of  multifarious  turbu¬ 
lence  models,  or  alternatively  ones  which  change  between  different  regions  of  the  flow,  has  to  be  accepted. 
Thus  experimental  data  of  high  quality  are  needed  for  the  flows  of  most  Interest;  in  particular,  for  wing 
flows,  information  is  required  on  the  turbulent  properties  of  three-dimensional  boundary  layers  and  wakes. 
Although  a  large  number  of  wind-tunnel  experiments  of  three-dimensional  turbulent  boundary  layers  have 
been  undertaken,  It  appears  that  only  a  small  number  are  close  to  practical  wing  flows  to  be  of  real 
Interest in  the  development  of  'engineering'  methods. 
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In  1983  a  aeeting  was  held  In  Stockholn  to  discuss  possible  collaboration  on  experiments  concerned 
with  three-diaensional  turbulent  shear  flows^«  Two  experiments  were  suggested,  a  fundamental  one  with  the 
aim  of  Improving  the  understanding  of  turbulent  flows,  and  another  on  a  %rlng  flow  to  provide  data  of  more 
immediate  practical  interest*  The  proposed  wlng-*flow  experiment  was  to  be  at  low  speed  because  of  the 
difficulties  in  making  turbulence  measurements  in  flows  at  high  subsonic  speeds.  It  was  thought  that  the 
main  features  of  practical  Interest  could  be  ai»ilated  and  the  work  envisaged  complemented  that  already 
being  undertaken  at  RAE^  on  a  low  aspect-ratio  wing  at  high  subsonic  speeds,  where  mean-flow  measurements 
of  the  shear  layers  are  being  made.  It  was  proposed  that  the  experiment  be  conducted  under  the  auspices 
of  GARTEUR  (Group  for  Aeronautical  Research  and  Technology  in  Europe).  For  this  Investigation  Sweden 
(FPA)  was  to  be  included  as  an  associate  member  in  addition  to  France,  Federal  Republic  of  Germany, 

The  Netherlands  and  the  United  Kingdom.  A  GARTEUR  Exploratory  Group  was  set  up  to  define  an  experimental 
programme  to  be  performed  on  a  shared  basis  between  the  member  countries.  The  subsequent  Action  Group, 
which  Is  responsible  for  the  conduct  of  the  experiment,  started  work  in  the  middle  of  1986,  with  the  RAE 
being  given  the  responsibility  for  the  design  of  the  wing,  following  the  guidelines  agreed  by  the  members. 
There  are  to  be  three  models  of  the  wing,  two  full  models  to  be  tested  at  NLR  and  ONERA,  and  a  'pilot* 
model.  The  models  are  all  being  manufactured  by  FFA.  All  the  participating  countries,  represented  by 
DFVLR,  FFA,  NLR,  ONERA  and  RAE  will  be  involved  in  the  measurements.  It  is  Intended  that  the  work  should 
be  completed  within  about  four  years. 

The  aim  of  this  paper  is  to  give  details  of  the  wing  design,  including  the  methods  used  In  the 
design  process,  and  to  Indicate  the  flow  conditions  which  should  be  encountered  in  the  detailed  measure¬ 
ments  of  the  shear  layers.  The  wing  design  is  arranged  so  that  detailed  results  can  be  obtained  for  the 
boundary  layer  and  wake  development  in  conditions  of: 

(a)  extreme  three-dlmenslonallty  within  the  boundary  layer  for  at  least  part  of  the  flow,  and 

(b)  Incipient  separation  near  to  the  trailing  edge  of  the  upper  surface. 

The  pilot  model  has  already  been  c&ade  by  FFA  and  tested  in  a  small  NLR  tunnel.  These  pilot  tests 
indicate  that  the  flow  required  of  the  design  has  been  achieved. 

2  DESIGN  REQUIREMENTS 

The  requirements  for  a  low  aspect-ratio  wing  to  be  tested  at  low  speeds  In  the  NLR  (3.0  x  2.25  m) 
and  ONERA  (1.8  x  1.4  m)  wind  tunnels  were  laid  down  in  broad  terms,  In  the  discussions  on  the  overall 
experiment  in  1985  by  the  GARTEUR  Exploratory  Croup. 

It  was  decided  that  the  test  set-up  would  consist  of  a  swept-wing  half-model  attached  to  a  test 
section  wall  of  a  low-speed  wind  tunnel.  Ideally,  the  wing  was  to  have  an  aspect  ratio  for  the  half  wing 
of  1.5,  taper  ratio  of  0.5,  a  quarter-chord  sweep  angle  of  30  degrees,  with  the  wing  half-span  of  0.8b, 
where  b  Is  the  greater  of  the  two  dimensions  of  the  tunnel  cross-section.  Setting  the  wing  span 
parallel  to  the  wider  walls  of  the  tunnel  ensures  a  larger  wing  chord  and  correspondingly  thicker  boundary 
layers.  Geometric  similarity  within  the  working  sections  has  been  achieved  as  far  as  possible  by  having 
separate  models  for  each  tunnel,  although  there  remain  some  dissimilarities  because  the  working  sections 
do  not  scale  exactly,  and  other  minor  geometrical  differences  may  result  in  different  scaling  of  the  bound¬ 
ary  layer  flow  on  the  tunnel  walls.  The  requirement  on  the  wing  span  results  in  a  model  that  Is  much 
larger  than  ones  normally  tested  in  low-speed  tunnels,  and  makes  it  essential  to  use  a  method  for  the 
design  which  adequately  represents  the  effect  of  the  walls  of  the  working  section.  The  Reynolds,  number 
based  on  the  geometric  mean  wing  chord  for  the  design  is  to  be  3  x  10^,  which  is  achievable  in  both  "he 
NLR  and  ONERA  wind  tunnels.  It  was  also  planned  to  perform  tests  using  the  pilot  model  In  a  smaller 
tunnel  at  NLR  at  a  slightly  lower  Reynolds  number,  but  maintaining  geometric  similarity  with  the  set-up 
for  the  Slain  tests.  The  aim  of  the  pilot  model  tests  is  to  check  on  the  flow  achieved  but  no  attempt  is 
to  be  oiade  to  sieasure  any  shear  layers. 

The  Action  Group  also  decided  that  in  addition  to  the  above  geometric  requirements,  the  flow  on  the 
swept  wing  should  aim  at  satisfying  the  following  requirements: 

(a)  The  pressure  distribution  on  the  wing  surfaces  should  be  similar  to  that  on  a  modern  transonic 
wing  with  rear  loading. 

(b)  The  adverse  pressure  gradients  on  the  rear  part  of  the  wing  upper  surface  should  lead  to  a 
three-dimensional  separation  region  over  part  of  the  span  (Fig  1). 

(c)  On  the  wing  lower  surface  the  flow  should  remain  attached  but  be  close  to  separation  upstream  of 
the  trailing  edge  and  prior  to  the  favourable  pressure  gradients  associated  with  rear  loading. 

(d)  Significant  spanwise  variations  In  the  viscous  flow  should  occur  on  both  the  upper  and  lower 
surfaces  of  the  wing. 

If  possible,  transition  of  the  boundary  layer  was  to  be  caused  by  leading-edge  contamination  using  a 
'trip'  on  the  attactaent  line  near  the  wing  root,  otherwise  the  boundary  layer  was  to  be  tripped  at  about 
ST  chord  on  both  upper  and  lower  surfaces  of  the  wing. 

The  authors  %rere  given  the  responsibility  for  the  design  within  the  above  requirements,  as  a  contri¬ 
bution  to  the  collective  GARTEUR  experiments. 

3  DESIGN  PROCESS 

The  design  of  a  wing  of  moderate  sweep,  with  separated  boundary-layer  flow  over  part  of  the  upper 
surface  close  to  the  trailing  edge  is  an  unusual  requirement  and  not  one  normally  undertaken  by  wing 
designers.  It  is  also  unusual  to  test  such  a  wing  In  conditions  where  the  wind-tunnel  walls  are  only 
about  half  a  root  chord  or  lees  sway  from  the  wing  surfacee,  and  the  wing  tip  is  also  quite  cloae  to  the 
tunnel  walls  (see  Fig  1). 
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Several  oethods  for  the  design  of  a  vlng  In  low  speed  flow  are  available  at  RAE,  but  It  wee  con¬ 
sidered  to  be  essential  for  the  method  used  to  acc<Hint  adequately  both  for  the  viscous  effects  and  the 
close  proximity  of  the  wind-tunnel  walls*  For  these  requirements  the  BAe  (SPARV)  panel  method^*"^  was 
Ideal,  although  It  needed  further  development  In  the  representation  and  storage  of  the  boundary  conditions 
for  the  viscous  effects,  and  In  common  with  all  other  available  codes  It  cannot  yet  be  used  for  separated 
flow  on  wings. 

The  steps  undertaken  In  the  design  process  are  as  follows: 

(a)  Accept  the  planform  and  arrangement  of  the  wing  In  the  trtnd  tunnel,  as  specified  In  section  2. 

(b)  Decide  on  a  basic  aerofoil  section  which  can  be  modified  to  give  the  required  flow. 

(c)  Decide  on  the  spanwlse  form  of  the  changes  to  the  thickness,  camber  and  vlng  twist  to  provide 
sufficient  spanwlse  variation  in  the  flow. 

(d)  Make  an  estimate  of  the  boundary-layer  growth  and  therefore  the  displacement  effect  (le  transpira¬ 
tion  velocity  distribution)  baaed  on  some  target  flow. 

(e)  Run  the  BAe  (SPARV)  panel  program  in  order  to  obtain  the  surface  pressure  distribution  for 
'Invlscld*  flow,  and  for  a  'first*  calculation  of  the  boundary  layers.  Here  the  calculation  for 
'invlscld*  flow  will  Include  fixed  boundary  conditions  which  allow  for  some  account  to  be  made  of  the 
viscous  effects  based  on  the  target  flow.  The  'first*  calculation  of  the  boundary  layers  gives  an 
estimate  of  the  boundary-layer  growth  based  on  the  'invlscld'  flow  pressure  distribution. 

(f)  Modify  the  basic  thickness  distribution  or  the  spanwlse  changes  In  thickness,  camber  and  wing  twist 
in  order  to  schleve  more  closely  the  required  flow  characteristics.  For  this  step  simple  sweep  relation¬ 
ships  are  used  and  an  aerofoil  design  code  used  for  modification  to  the  thickness  and  camber  distribution 
of  the  basic  aerofoil  section. 

(g)  Repeat  steps  (b)  to  (f)  as  necessary,  then  use  the  BAe  (SPARV)  panel  program  in  a  modified  form  such 
that  the  wing  surface  and  wake  boundary  conditions  are  revised  using  under-relaxation  from  the  initial 
chosen  starting  conditions.  By  this  means  the  calculated  pressure  distribution  and  the  boundary  condi¬ 
tions  will  become  more  consistent.  This  step  will  be  successful  only  If  the  pressure  distribution  gener¬ 
ated  results  in  calculated  boundary  layers  for  fully  attached  flow  on  both  wing  surfaces,  and  adequate 
under-relaxation  is  used  in  the  determlnatlor  of  the  boundary  conditions. 

(h)  Once  steps  (b)  to  (f)  result  in  s  converged  solution,  with  the  final  target  flow  achieved,  then  an 
increase  In  wing  incidence  may  be  used  in  an  attempt  to  provoke  the  required  flow  separation.  The  results 
from  this  scheme  can  only  be  checked  experimentally  because  the  existing  calculation  method  has  not  yet 
been  extended  successfully  to  admit  even  small  regions  of  separated  flow.  Alternatively,  a  boundary-layer 
method  may  be  used  in  an  inverse  mode  to  determine  a  surface  pressure  distribution  which  la  compatible 
with  the  required  separated  flow.  The  BAe  (SPARV)  method  may  then  be  used  itv  a  design  mode  to  determine 
the  vlng  thickness  distribution  chat  is  compatible  with  both  the  boundary-layer  flow  and  Che  surface 
pressure  distribution.  In  order  for  this  scheme  to  be  successful,  the  required  pressure  distribution  has 
to  be  compatible  with  an  actual  vlng  flow,  so  some  iteration  Is  necessary,  though  convergence  is  not 
guaranteed.  As  will  be  shown  later  an  Increase  in  Incidence  was  used  to  generate  Che  required  flow, 
because  use  of  the  BAe  (SPARV)  design  methoo  resulted  in  fairly  rapid  changes  In  Che  surface  curvature  In 
the  region  of  separation,  a  feature  which  was  likely  to  make  some  of  the  shear  layer  measurements  more 
difficult  to  perform. 


3.1  Programs  used 

3.1.1  Viscous  panel  method^ 


This  is  a  surface  source  and  vorticlty  panel  method  developed  at  BAe,  for  obtaining  the  potential 
flow  over  arbitrary  geometries.  It  Is  known  by  the  acronym  SPARV  which  stands  for  ^ource  £atch  And  Mng 
^ortex.  Unlike  s  number  of  other  panel  methods  It  does  not  require  a  specification  of  the  vorticlty 
distribution  In  advance  as  it  obtains  this  as  part  of  the  solution  for  wlng-llke  or  lifting  surface  flows. 
The  method  uses  constant  source  panels  and  constant  doublet  panels  (vortex  rings)  placed  together  on  the 
surface*  The  strengths  of  Che  source  and  doublet  panels  are  determined  by  making  them  to  be  equal  on  the 
upper  and  lover  surfaces  of  Che  vlng.  An  implicit  Kutta  condition  is  applied  by  making  the  bound  vorticlty 
zero  along  the  trailing  edge.  This  is  achieved  by  imposing  a  horseshoe  vortex  at  the  trailing  edge  with 
Che  same  strength  as  that  for  the  panel  ahead  of  it.  For  our  application,  where  a  wing  la  mounted  In  a 
wind  tunnel,  the  boundary  conditions  at  the  tunnel  walls  are  satisfied  by  a  distribution  of  source  panels 
alone,  and  viscous  effects  on  these  boundaries  are  neglected.  For  the  wing  flow  the  boundary  layers  are 
accounted  for  by  modifying  the  boundary  conditions  to  represent  displacement  effects  by  transpiration  at 
Che  vlng  surface  and  along  the  wake. 


The  development  of  the  shear  layers  is  determined  using  an  entTairment  method  due  to  Cross  •  This 
is  an  integral  method  based  on  a  velocity  profile  family  which  uses  a  modified  form  of  the  Cole's  law  of 
the  wall  and  wake  for  both  the  streamwise  and  crosswise  components  of  Che  boundary-layer  flow.  The  method 
permits  a  distortion  of  the  shape  of  Che  'wake*  function  of  the  standard  Cole's  profile  to  allow  for 
effects  of  strong  departures  from  equilibrium^^.  No  jllowance  is  made  for  the  normal  pressure  gradients 
through  either  the  boundary  layer  or  wake. 


The  panel  method  was  modified  specially  for  this  work  so  chat  It  could  be  used  In  a  design  mode, 
while  maintaining  a  fixed  transpiration  boundary  condition  over  the  wing  and  wake  surfaces  to  account  for 
the  shear  layer  displacement  effects.  Details  of  Che  basic  design  mode  are  given  by  Sinclair^ The 
essence  of  the  method  la  that  for  'thick  wing*  type  of  components  the  nonlinear  effects  of  geometry  change 
in  the  standard  panel  method  are  replaced  by  linear  thin  wing  theory  applied  to  the  expected  small  differ¬ 
ences  between  the  calculated  and  required  pressure  distribution.  The  output  is  Che  required  change  to  the 
thickness  and  camber  distribution.  A  normal  direct  calculation  with  fixed  boundary  conditions  is  executed 
to  determine  the  final  pressure  distribution.  The  method  Is  based  on  the  work  of  Fray  and  Slooff^^  at  NLR 
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3>1*2  Aerofoil  aethod^^ 

This  Is  a  panel  nechod»  developed  at  RAE  by  Flddes  and  Hogan,  for  the  design  of  aerofoils  starting 
fros  a  guessed  shape  and  a  required  pressure  distribution.  It  Is  an  laproved  version  of  the  (Method 
described  by  Chen^**.  The  method  uses  flat  panels  each  carrying  a  linearly-varying  vortlclty  distribution 
and  placed  between  the  ordinates  defining  the  aerofoil  shape.  The  contribution  of  each  panel  to  the 
stream  function  is  calculated,  and  the  condltlott  that  the  aerofoil  surface  be  a  streamline  is  applied  at 
the  ends  of  the  panels.  This  determines  the  vortlclty  distribution  on  the  panels  and  hence  the  achieved 
pressure  distribution.  The  desired  and  achieved  pressure  distributions  ate  then  compared  at  the  same 
points  as  %fhere  the  aerofoil  is  defined,  and  the  shape  modified  accordingly.  Chen  uses  constant  vortlclty 
panels,  and  is  thus  constrained  to  compare  desired  and  achieved  pressures  at  the  mid-points  of  panels. 

This  leads  to  an  awkward  interpolation  process  between  panel  edges  and  mid-points  during  the  design 
procedure  which  can  lead  to  an  unstable  Iteration  process.  This  is  avoided  in  the  RAE  method. 

4  CALCULATIONS 

4.1  Development  of  wing 

Initially  a  NACA  632015  aerofoil,  modified  to  have  a  wedge-shaped  region  near  the  trailing  edge,  was 
chosen  as  the  basic  streaaiwlse  section  for  the  wing,  together  with  spanwlse  variation  of  additional 
thickness,  incidence  and  camber  taking  the  form 

^  0}]  • 

so  that  the  maximum  changes  from  the  basic  section  occur  at  n  »  n*  ,  and  the  section  remains  unchanged  at 
the  root.  The  basic  streaiswise  section  is  symmetrical,  has  a  15t  thickness-to-chord  ratio  with  the  maxi¬ 
mum  thickness  at  about  35X  chord,  and  a  roof-top  pressure  distribution  on  the  upper  surface  for  a  lift 
coefficient  of  about  0.2.  Attempts  were  made  to  obtain  the  required  flow  by  Increasing  the  wing  thickness 
and  camber,  but  keeping  the  combined  camber  and  incidence  small  over  the  front  of  the  wing.  The  aim  vas 
to  keep  the  peak  velocities  fairly  low  in  the  region  close  to  the  leading  edge,  so  chat  changes  in  incid¬ 
ence  of  the  wing  could  be  used  to  modify  Che  flmr  in  setting  up  the  experimental  conditions  without  any 
danger  of  large  suction  peaks,  or  laminar  separation  occurring  near  to  the  leading  edge.  For  these 
calculations  a  rather  arbitrary  limit  of  20Z  was  placed  upon  Che  maximum  streamwlse  chlckness-to-chord 
ratio  and  n*  was  set  equal  to  0.6  (ie  602  of  Che  span  of  the  half  wing). 

During  the  first  series  of  calculations  for  the  design  it  became  clear  that  the  restrictions  imposed 
were  too  severe  and  Che  following  conclusions  were  reached; 

(a)  Suitable  flows  could  be  generated  for  the  wing  lower  surface  with  adequate  rear  loading. 

(b)  It  did  not  appear  to  be  possible  to  obcaia  flows  for  the  upper  surface  which  approached  separa¬ 
tion  with  distance  along  Che  chord*,  slowly  enough  to  achieve  an  exacting  test  case  for  the 
shear- layer  development. 

(c)  As  could  be  expected,  it  was  not  possible  to  generate  shear-layer  flows  typical  of  transonic 
flow  conditions  behind  shock  waves  by  developing  the  required  pressure  gradients  without 
excessively  large  and  undesirable  changes  In  the  surface  curvature  occurring. 

For  the  second  series  of  calculations  the  condition  on  camber  and  Incidence  near  to  the  leading  edge 
was  relaxed  but  the  limit  on  the  maximum  screamwise  chickness-co-chord  ratio  for  Che  section  was  maintained. 
No  further  attempt  was  made  to  generate  locally  strong  adverse  pressure  gradients,  because  excessive  sur¬ 
face  curvature  in  the  measurement  area  would  cause  difficulties  In  the  experimental  work. 

These  new  calculations  suggested  that: 

(i)  Suitable  flows  could  now  be  generated  for  the  upper  surface  of  the  wing  by  allowing  Che  peak 
suction  to  increase  towards  the  nose,  without  generating  excessively  large  velocity  gradients 
near  the  attachment  line. 

(ii)  The  rather  arbitrary  limit  on  the  streamwlse  thlckness-to-chord  ratio  for  the  sections  rendered 
it  Impossible  to  generate  a  suitable  flow  for  both  the  upper  and  lower  surfaces  at  one  incid¬ 
ence,  while  maintaining  a  reasonable  wing  thickness  in  the  region  of  the  rear  loading. 

These  two  sets  of  initial  calculations  indicated  that  it  should  be  possible  to  generate  the  required  flow 
using  the  spsnwise  form  for  the  changes  In  camber  and  Incidence  used  already,  provided  the  limit  on  maximum 
thicknesa-co-chord  ratio  was  relaxed*  It  would  also  be  desirable  to  have  a  large  leading  edge  radius  with 
the  maxlaiim  Chicknesa  well  forward  on  the  wing.  The  results  also  suggested  that  a  major  change  was 
required  to  the  basic  streamwlse  section. 

The  third  stage  in  Che  design  process  was  to  choose  a  desirable  invlarid  pressure  distribution  for 
the  section  at  n  ■  n*  ,  to  convert  this  to  the  equivalent  for  two-dimensional  flow  using  a  simple  sweep 
relationship,  and  then  to  run  the  RAE  aerofoil  method^ ^  to  obtain  the  aerofoil  shape.  Here  the  upper  sur¬ 
face  presaure  distribution  was  chosen  from  the  second  series  together  with  the  lower  surface  pressure  dis¬ 
tribution  from  the  first  series  at  suitable  conditions  as  the  basis;  in  the  knowledge  that  these  were 
likely  to  give  the  required  boundary-layer  flows  on  both  surfaces  of  the  wing.  The  resulting  aerofoil, 
after  making  modifications  to  get  e  reasonably  smooth  shape  is  given  In  Pig  2a.  The  detailed  shape  in  the 
region  of  the  stagnation  point  was  not  acceptable  Initially,  and  the  difficulties  in  this  region  were 


*  ie  either  the  skin  friction  falls  to  cero  or  the  surface  flow  direction  becomes  parallel  to  the  wing 
generator. 
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avoided  by  specifying  the  sparse  dlatrlbuClon  of  points  as  shown.  The  final  ordinates  used  for  the  basic 
section  (see  Fig  2b)  were  then  obtained  by  interpolation  using  a  cubic  spline  fit.  The  aerofoil  shape  was 
converted  to  a  form  suitable  for  the  wing  using  the  simple  sweep  relationship.  The  full  section  was  used 
at  n  *  n*  »  0.6  ,  but  a  symmetrical  section  of  the  same  thickness  form  was  used  for  the  basic  section  at 
the  root  (le  n  "  0.0).  The  changes  in  camber  and  Incidence  across  the  span  are  given  by  equation  (1). 

The  third  stage  In  the  design  was  repeated  several  times  until  a  satisfactory  flow  was  generated 
using  the  scheme  described  In  section  3.  The  aerofoil  section  used  In  the  final  design  was  much  thicker 
than  originally  envisaged,  being  of  the  order  of  30X  for  the  maximum  thlckness-to-chord  ratio.  As  will  be 
seen  later  this  results  In  a  wing  with  a  thlckness-to-chord  ratio  of  26Z  for  the  streamwise  section. 

4.2  Final  design  for  incipient  separation 

Using  the  scheme  detailed  in  section  3,  and  the  development  of  the  wing  outlined  In  section  4.1,  It 
was  possible  to  generate  a  wing  design  with  most  of  the  required  aerodynamic  characteristics.  The  flow 
will  be  fully  attached  to  the  wing  at  the  design  condition  but  with  Incipient  separation  close  to  the 
trailing  edge  on  the  outer  part  of  the  upper  surface.  Some  final  Improvements  were  made  to  the  design  of 
the  lower  surface,  In  order  to  Increase  the  rear  loading,  without  altering  the  upper  surface  shape.  These 
relatively  small  changes  were  applied  using  equation  (1),  but  this  resulted  in  the  streamwise  sections  at 
different  parts  of  the  span  not  having  exactly  the  same  thickness  distribution.  A  selection  of  the  chord-* 
wise  pressure  distributions  are  given  in  Fig  3,  it  is  noticeable  that  the  loading  on  the  wing  increases 
from  the  root  to  a  maximum  in  the  region  of  n  *  n*  *  0.6  ,  as  might  be  expected;  detailed  predictions  for 
the  lift  coefficient  are  given  in  Table  1. 

In  order  to  obtain  a  solution  close  to  incipient  separation  a  large  number  of  Iterations  were 
performed  using  a  very  low  relaxation  factor  (u  *  0.075)  in  the  coupling  between  the  calculated  results 
for  the  transpiration  velocities  from  the  boundary  layer  and  wake  method,  and  the  boundary  conditions  for 
the  panel  iKthod.  The  overall  results  appear  to  be  well  converged  over  most  of  the  upper  and  lower 
surfaces  of  the  wing  except  in  a  small  region  close  to  the  trailing  edge  on  the  outer  part  of  the  upper 
surface,  where  the  flow  is  close  to  separation  and  the  pressure  level  changes  gradually  as  the  iterations 
proceed.  The  cross-over  in  the  pressures  near  to  the  trailing  edge  at  n  "  0.792  is  symptomatic  of  the 
problem.  The  lack  of  convergence  is  possibly  a  sign  of  reaching  the  limit  of  successful  application  of 
the  direct  mode  of  coupling,  although  It  could  also  be  caused  by  known  Inadequacies  In  the  flow  modelling 
in  the  region  of  the  trailing  edge.  The  pressure  distributions  appear  to  be  similar  for  the  different 
streamwise  sections,  except  for  the  significant  increase  in  loading  over  the  middle  of  the  span  mentioned 

earlier.  In  spite  of  this,  substantial  changes  in  camber  and  twist  do  exist  across  the  span  as  indicated 

by  the  three  streamwise  sections  of  the  wing  shown  in  Fig  4,  and  the  calculated  boundary-layer 
characteristics  do  suggest  that  the  flow  should  be  highly  three-dimensional  in  form. 

In  Fig  5a  the  streamwise  shape  factors  (H)  are  given  for  the  upper  surface  boundary  layers.  The 
values  calculated  for  the  region  of  the  root  of  the  wing,  which  were  kept  reasonably  low  by  selecting  a 
symmetrical  section  at  zero  Incidence  in  that  region,  do  not  exceed  1.65,  thus  minimising  the  risk  of  the 
boundary  layers  In  the  junction  between  the  tunnel  wall  and  the  wing  root  separating  because  of  adverse 
pressure  gradients  over  the  rear  of  the  wing.  Other  potential  problems  with  the  Junction  flow  were  left 

to  be  overcome  In  the  pilot  model  tests  because  no  account  has  been  taken  of  the  tunnel-wall  boundary- 

layer  flow.  Further  out  on  the  wing,  eg  at  mid  semi-span,  the  shape  factor  reaches  2.15  by  the  trailing 
edge,  which  past  experience  with  first  order  boundary  layer  methods  suggests  Is  close  to  Incipient  separa¬ 
tion  for  two-dimensional  flow  over  aerofoils.  Outboard  of  this  the  values  are  even  higher  close  to  the 
trailing  edge  reaching  values  as  high  as  2.4,  at  SOX  of  the  semi-span.  The  values  near  the  trailing  edge 
outboard  of  this  station  appear  to  be  increasingly  affected  by  what  is  likely  to  be  inadequate  representa¬ 
tion  of  the  boundary-layer  flow  near  to  the  wing  tip*  For  the  boundary-layer  calculations  the  Reynolds 
number  based  on  the  mean  chord  Is  3  x  lO^  and  transition  Is  fixed  at  3X  chord  on  both  surfaces,  although 
In  practice  It  Is  possible  that  the  transition  will  occur  at  the  attachment  line.  If  spanwlse  turbulent 
contamination  of  the  laminar  boundary  layer  does  occur  at  the  attachment  line  then  It  would  be  expected 
that  the  flow  will  be  even  more  likely  to  separate  at  the  design  condition. 

For  the  lower  surface  (see  Fig  5b)  the  boundary  layers  are,  like  the  upper  surface,  well  away  from 
possible  separation  at  the  root  of  the  wing.  The  effect  of  the  rear  loading  is  noticeable  for  this 
surface  with  peak  values  for  the  shape  factors  occurring  at  about  70X  chord,  where  the  adverse  pressure 
gradients  are  relaxing  in  a  chordwlse  direction  before  becoming  favourable  aft  of  about  SOX  of  the  local 
chord.  A  peak  value  of  R  of  1.8  Is  reached  at  n  ■  n*  *  0.6  for  the  streamwise  shape  factor,  a  value 
high  enough  to  ensure  an  Interesting  lower  surface  flow.  This  peak  value  appears  to  be  well  away  from 
possible  Incipient  separation,  but  during  the  development  of  the  wing  it  was  found  that  an  attempt  to 

Increase  this  value  to  1.9  failed  because  the  boundary  layer  did  not  recover  to  lower  values  further 

outboard,  as  they  do  for  the  results  8ho«m  here,  suggesting  that  the  flow  may  be  In  a  sensitive  state. 
Towards  the  tip,  the  flow  is  basically  outboard  so  the  problems  encountered  for  the  upper  surface  do  not 
appear  to  exist.  No  attempt  was  made  to  improve  the  modelling  near  the  tip,  other  than  to  exclude  an 
Inflow  in  the  boundary  layer  from  the  tip.  It  was  not  possible  to  Increase  the  total  number  of  panels 
available  with  the  version  of  the  program  used. 

The  calculated  magnitude  of  local  skin  friction  coefficient  (xiQOO)  Is  given  for  the  upper  and  lower 
surface  in  Fig  6a&b.  Contours  of  equal  skin  friction  coefficient  are  given  for 

3.9  >  Cj  X  1000  >  0.0  . 

These  figures  show  trends  very  similar  to  those  deduced  from  the  results  for  the  shape  factors.  The 

additional  point  that  emerges  is  that  the  skin  friction  coefficient  does  not  ever  get  lower  than  0.0006 

even  towards  the  trailing  edge  on  the  upper  surface.  This  is  probably  because  large  angles  of  twist  are 
generated  within  the  boundary  layers  and  consequently  the  displacement  thickness  does  not  grow  as  rapidly 
as  in  two  dimensions,  and  the  skin  friction  coefficient  remains  positive. 
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A  calculation  has  been  undertaken^  using  the  skin  friction  coefficient  and  the  direction  of  the  flow 
at  the  Surface  of  the  wing,  to  obtain  the  streaalines  in  the  lower  part  of  the  boundary  layers.  The 
results  of  these  calculations  are  given  in  Fig  7a&b*  For  the  upper  surface.  Fig  7a,  away  fron  the  leading- 

edge  region,  the  streaalines  tend  to  run  towards  the  root  on  the  forward  part  of  the  wing,  because  the 

Inviscid  flow  has  been  accelerated  in  a  direction  noraal  to  the  wing  generators  and  there  Is  very  little 
twist  within  the  boundary  layer. 

Further  aft  the  streamlines  become  dominated  by  the  boundary-layer  flow  and  they  tend  to  turn 
towards  the  tip.  The  turning  increases  in  severity  along  the  chord,  with  divergence  of  the  streamlines 
over  the  rear  of  the  inboard  part  of  the  wing,  while  over  the  outer  part  there  is  some  convergence  with 
rapid  turning  of  the  streamlines  close  to  the  trailing  edge  where  there  is  either  incipient  separation 
and/or  a  breakdown  of  the  boundary-layer  calculation.  For  the  lower  surface,  Fig  7b,  the  streamlines  are 
rather  as  might  be  expected,  significant  twist  being  generated  in  the  boundary  layers  in  the  region  of 
adverse  pressure  gradients  with  some  recovery  when  the  boundary  layers  are  subjected  to  favourable  pres¬ 
sure  gradients.  The  severity  of  the  boundary-layer  twist  increases  to  a  maximum  where  the  section  has 

maximum  rear  loading  and  camber.  The  influence  of  the  tip  is  noticeable  for  both  upper  and  lower  surfaces. 
On  the  upper  surface  It  tends  to  cause  the  flow  to  turn  streamwlse  with  a  consequential  Increase  in  bound¬ 
ary  layer  thickness,  whereas  on  the  lower  surface  the  reverse  Is  true.  The  calculated  surface  streamlines 
suggest  that  the  flow  should  prove  to  be  a  testing  one  for  the  calculation  methods,  If  these  conditions 
are  satisfactorily  reproduced  in  the  experimental  investigation. 

4.3  Experimental  verification 

Since  the  wing  has  been  developed  for  the  validation  of  computational  methods,  with  special  require¬ 
ments  placed  on  the  boundary-layer  flow,  it  is  not  surprising  that  the  shape  of  the  wing  surface  is  rather 
unconventional.  The  requirement  that  the  boundary  layers,  under  the  test  conditions  in  a  low-speed  tunnel, 
should  be  representative  of  those  likely  to  be  found  on  both  the  upper  and  lower  surfaces  of  a  wing  at  the 
design  condition  for  high  subsonic  speed  has  resulted,  as  stated  earlier,  In  an  exceptionally  thick  wing 
with  a  thickness  to  chord  ratio  of  about  0.26.  In  addition  the  risk  of  complicated  'root*  and  'tip*  flows 
dominating  the  boundary  layers  over  the  main  surfaces  of  the  wing  has  been  minimised  by  reducing  the  load¬ 
ing  in  the  region  of  the  intersection  of  the  wing  with  the  wind-tunnel  wall,  and  at  the  wing  tip;  thus 
resulting  in  the  maximum  angle  of  wing  twist  and  the  maximum  camber  of  the  streamwlse  sections  occurring 
at  mid  semi-span.  The  pilot  model  was  manufactured  at  FFA,  and  a  photograph,  taken  on  completion,  is 
shown  In  Fig  8*.  It  shows  the  upper  surface  viewed  from  outboard  and  behind  the  trailing  edge  of  the 
wing.  The  features  built  into  the  design  by  the  requirements  on  the  flow  are  clearly  visible  from  this 
angle  of  view  although  the  wing  does  appear  to  be  grossly  foreshortened. 

The  pilot  model  has  been  tested  in  a  small  NLR  %rlnd  tunnel,  and  Fig  9**  shows  the  wing  mounted  In 
the  working  section.  The  measurements  made  have  been  limited  to  surface  pressures  at  two  chordwlse 
stations  and  surface  oil  flows.  The  evidence  provided  by  NLR,  had  indicated  that  the  design  has  been 
successful  in  providing  a  wing  which  has  extreme  three-dimensionality  within  the  boundary  layer  for  at 
least  part  of  the  flow,  and  incipient  separation  close  to  the  trailing  edge  on  the  outer  part  of  the  upper 
surface.  The  boundary-layer  flow  is  found  to  he  sensitive  to  the  form  of  transition  fixing  used  in  the 
region  of  the  leading  edge.  For  these  tests,  at  a  Reynolds  number  of  2.5  x  10^  based  on  the  geometric 
mean  chord,  laminar  flow  exists  at  Che  attachment  line  or  relamlnarization  occurs  in  the  favourable 
pressure  gradient  near  the  nose.  Th^  boundary  layer  was  tripped  with  a  sparse  distribution  of  carborundum 
particles,  at  8Z  of  the  mean  chord  from  the  flow  attachment  line  on  the  upper  side,  but  measured  round  the 
surface  of  Che  streamwlse  section.  The  corresponding  position  for  the  lower  surface  is  6Z.  These 
positions,  measured  in  the  chordwlse  direction  are  between  Che  nose  and  4X  local  chord  for  Che  upper 
surface  and  between  IX  and  4X  local  chord  on  the  lower  surface,  depending  on  the  spanwise  location  of  Che 
section.  With  this  transition  fixing,  which  is  nearly  always  further  forward  than  for  Che  calculations, 
the  surface  oil  flow  suggests  Chat  Che  boundary  layer  is  remarkably  similar  to  that  predicted  in  Che 
design  calculations.  Unfortunately,  Che  oil-flow  studies  indicated  that  the  wing  tip  had  too  strong  an 
Influence  on  the  way  separation  develops  over  the  rear  of  the  upper  surface  on  the  outer  part  of  the  wing 
as  the  angle  of  incidence  ia  increased.  To  reduce  the  effect  of  the  tip  on  the  boundary-layer  flow  in  the 
region  of  90X  semi-span,  it  was  decided  to  modify  the  tip  by  changing  Its  spanwise  section  shape  from  a 
circular  to  a  2:1  elliptic  form,  so  increasing  the  semi-span.  The  larger  changes  in  span  occur  close  to 
the  maximum  thickness,  but  Che  trailing-edge  span  remains  almost  unchanged.  This  modification  made  only  a 
small  difference  Co  the  flow  at  che  design  condition,  but  did  reduce  the  tendency  for  the  separated  region 
to  be  dominated  by  the  tip  flow,  and  therefore  will  be  used  for  the  main  models.  In  order  to  avoid  the 
formation  of  a  small  scarf  vortex  at.  the  wing  root,  formed  because  of  the  intersection  of  the  wing  with 
the  boundary  layer  on  the  wall  of  the  wind  tunnel,  a  small  fairing  has  been  designed,  which  will  also  be 
incorporated  on  the  main  models. 

In  Fig  10**,  photographs  are  presented  showing  the  surface  oil  flow  at  the  design  incidence.  If  the 
oil  flow  streak  lines  are  compared  with  the  surface  flow  predicted  for  the  design  (Fig  7)  it  does  appear 
that  the  three-dimensionality  within  Che  boundary  layers  is  underesClmaCed  by  che  calc'jiatlons  for  both 
the  upper  and  lower  surfaces.  This  is  unlikely  to  be  explained  fully  by  the  pilot  model  tests  being  done 
at  a  alighCly  lower  Reynolds  number,  with  boundary-layer  transition  not  exactly  the  same  as  assumed  for 
the  design.  For  the  main  tests  in  the  larger  wind  tunnels,  detailed  shear  layer  flow  measurements  are  to 
be  made  at  the  design  condition,  or  aC  an  incidence  which  gives  a  surface  flow  at  least  as  severe  as  that 
observed  during  the  teats  on  the  pilot  model.  The  experimental  evidence  suggests  that  the  flow  on  the 
lower  surface  of  the  wing  changes  only  slowly  with  incidence,  so  it  will  be  possible  to  achieve  a  flow 
closely  similar  to  che  one  required  by  making  a  small  alteration  to  che  angle  of  incidence  of  the  wing. 


*  published  by  courtesy  of  FFA 

**  published  by  courtesy  of  NLR 
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5  BOUNDARY  LAYER  PREDICTIONS 

One  of  the  main  alas  of  the  design  has  been  to  provide  a  vlng  that  generates  a  flow  field  which  will 
prove  to  be  an  laportant  test  case  for  computational  aethods.  Previous  evidence  froa  other  vlng  flow 
experiaents  is  very  sparse  and  other  more  general  coaparisons  made  between  results  from  calculation 
aethods  for  turbulent  boundary  layers^ suggest  that  significant  differences  occur  between  predictions 
of  the  flow  development  as  the  shear  layers  approach  separation.  The  boundary-layer  method  used  for  the 
design  was,  as  aentloned  earlier,  an  entralnaent  Integral  aethod  due  to  Cross^  •  Several  other  calcula¬ 
tions  have  been  performed  using  the  design  pressure  distribution  as  the  basis  for  the  comparison  in  order 
to  check  if  the  flow  at  the  design  condition  is  sufficiently  demanding  for  the  calculation  methods*  These 
aethods  are  split  into  two  types,  those  involving  solutions  of  equations  describing  the  development  of 
boundary  layer  Integral  quantities'^* and  chose  Involving  solutions  of  the  mean-flow  boundary  layer 
differential  equations^ A  sample  of  the  results  obtained  for  both  the  upper  and  lower  surfaces  of 
the  wing  are  given  in  Pig  11,  where  they  are  compared  ffich  the  original  predictions  from  the  BAe  (SPARV) 
program.  The  integral  aethods  are  all  of  the  entrainment  type  and  the  calculations  ^'ere  perforaed  for  the 
basic  aethods.  The  RAE  lag-entrainment*  method  uses  an  additional  equation  tc  determine  Che  entrainment 
but  the  same  velocity  profile  family  as  for  the  RAE  Thompson  entrainment  aethod.  The  relationship  for  Che 
streamwlse  shape  factor  is  given  by  Lock  as  equation  (103)  in  Ref  10.  The  ONERA-CERT  method  is  different 
from  the  others  in  both  the  entrainment  relationship  and  the  profile  family.  In  this  method  it  is  also 
arranged  that  the  turbulent  shear  stress  vector  is  not  necessarily  aligned  with  the  direction  of  the  local 
velocity  gradient.  The  differences  between  Che  methods  make  quite  large  changes  to  Che  predicted  results. 
The  RAE  lag-entrainment  aethod  shows  the  least  tendency  to  predict  flow  separation  either  in  terms  of  the 
shape  factor  (H)  or  through  the  twist  generated  within  the  boundary  layer  (6).  Analysis  of  the  surface 
oil  flows  from  the  pilot  model  test  (Fig  10)  would  suggest  chat  all  the  Integral  methods  generally  under¬ 
estimate  the  twist  within  the  boundary.  However,  in  none  of  the  aethods  is  account  taken  of  'secondary* 
effects^ which  would  tend  Co  increase  H  and  consequently  B  .  It  has  been  found  chat  when  these  effects 
are  included  in  the  lag-entrainment  aethod,  accurate  predictions  are  obtained  for  the  flow  over  two- 
dimensional  aerofoils^**.  The  predictions  using  differencial  boundary  layer  methods  show  an  even  larger 
spread  between  the  results,  although  all  the  calculations  are  limited  Co  ones  with  turbulence  models  of 
the  eddy  viscosity  type.  The  NLR  and  ARA  aethods,  using  a  'Cebeci-Smith*  type  of  modelling  give  results 
similar  in  some  respects  Co  Chose  obtained  from  the  RAE  lag-entralnaent  method,  apparently  underestimating 
the  twist  within  the  three-dimensional  boundary  layers.  The  NLR  method  uses  a  turbulence  model  due  to 
Michel^^,  whereas  the  ARA  method  uses  Che  standard  turbulence  model  of  Cebeci-Smith^^.  The  ARA  method, 
with  a  modified  'Cebeci-Smlch*  turbulence  model,  was  developed  by  Johnston^^  to  improve  coaparisons  with 
Che  experiment  of  van  den  Berg  and  Elsenaar^^  in  Che  region  of  high  crossflow  but  with  no  change  to  the 
standard  form  for  two-dimensional  flows.  This  modification  appears  to  improve  the  predictions  considerably 
for  this  case.  It  is  baaed  on  an  empirical  observation  that  the  outer  eddy  viscosity  is  decreased  by  the 
three-dimensionality  of  the  flow.  Ocher  calculations  have  been  made  at  NLR  using  their  method,  which  also 
confirm  Che  predictions  as  being  very  sensitive  to  the  assumptions  made  about  the  magnitude  of  Che  mixing 
length.  Attempts  to  obtain  results  from  the  methods  using  other  turbulence  models  are  not  yet  available; 
even  so,  Che  evidence  presented  suggests  that  Che  flow  to  be  studied  is  likely  to  be  an  exacting  and 
interesting  test  case  for  computational  methods*  PurcherrBore,  they  indicate  Chat  it  may  be  unnecessary  to 
increase  the  wing  incidence  in  the  main  tests  to  provide  a  fully  separated  flow,  as  suggested  originally, 
in  order  to  provide  a  severe  test  for  the  aethods,  since  Che  conditions  for  incipient  separation  may  be 
sufficiently  difficult  and  challenging. 

6  DESIGN  FOR  SEPARATED  FLOW 

The  original  plan,  as  detailed  in  section  3,  was  to  accept  either  a  design  for  incipient  separation 
and  then  to  induce  Che  required  flow  by  a  small  Increase  in  incidence,  or  to  attempt  to  modify  the  design 
in  a  limited  region  by  the  use  of  a  boundary-layer  method  in  an  Inverse  mode  and  to  determine  the  wing  shape 
by  use  of  the  BAe  (SPARV)  program  in  a  design  mode.  The  Action  Group  decided  to  adopt  the  former  approach 
because  this  resulted  in  a  ouch  flatter  wing  surface  in  the  region  where  separation  was  likely  to  occur. 

Prior  to  this  an  attempt  to  obtain  a  design  for  separated  flow  was  made  as  follows: 

(a)  Data  from  work  on  the  NACA  4412  aerofoil^^  was  analysed  to  determine  the  form  of  the  shape  factor 
versus  chordwlse  position  (x/c)  which  has  resulted  in  a  plateau  in  the  surface  pressure  distribution  for 
Che  separated  region  of  a  two-dimensional  flow.  The  aerofoil  has,  in  the  region  of  separation,  a  reason¬ 
ably  flat  but  convex  surface,  typical  of  many  wings.  The  information  used  is  given  in  Fig  12,  where  a 
hyperbola  has  been  fitted  to  the  data. 

(b)  A  correlation  is  formed  from  Che  boundary  layer  data  extracted  from  the  results  for  the  present 
design  for  the  variation  of  the  boundary- layer  twist  (B)  with  the  streamwlse  shape  factor  (H)  for  the  flow 
over  the  rear  of  the  upper  surface  of  the  wing.  This  correlation,  limited  to  data  close  to  the  region  of 
incipient  separation,  would  not  be  expected  to  be  valid  generally  but  can  be  used  as  a  guide  to  the  values 
of  6  compatible  with  Che  values  of  H  used  (Fi  ;  13). 

(c)  Choose  a  region  of  the  wing  where  H  and  6  are  to  be  modified  to  simulate  separated  flow. 

(d)  Decide  on  the  required  values  of  H  and  6  using  the  correlation  between  H  and  B  (Fig  13)  and 
the  form  of  H  along  the  chord  of  the  NACA  4412  aerofoil  (Fig  12). 

(e)  Use  an  inverse  form  of  a  three-dimensional  integral  boundary-layer  method  to  determine  a  revised 
distribution  for  the  input  velocities  in  the  design  aethod,  and  new  transpiration  velocities. 

(f)  Revise  the  starting  points  used  for  each  streamwlse  station  1*'  step  (d),  and  so  improve  the  uniform¬ 
ity  of  the  pressure  distribution  in  the  chosen  region  of  separation.  Repeat  this  step  until  a  satisfactory 
pressure  distribution  is  achieved. 


*  with  no  secondary  influences  included^^ 

^  such  as  pressure  gradients  normal  to  the  surface. 


and  Reynolds  normal  stresses,  etc 
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(g)  Run  Che  BAe  (SPARV)  prograa  in  the  design  aode  with  Che  given  transpiration  velocity  distribution 
deteralned  In  step  (f)  in  order  to  obtain  Che  new  wing  geoaetry. 

The  region  chosen  for  the  separated  flow  extended  froa  about  80Z  chord  at  n  ■  0.71  reaching  the 
trailing  edge  between  n  *  0.46  and  n  "  0.88  . 

The  aethod  has  several  weaknesses;  firstly,  the  fora  of  the  pressure  distribution  chosen  aay  not  be 
coapatlble  with  a  genuinely  separated  flow  in  three  dimensions  and  consequently  it  aay  take  many  attempts 
to  obtain  a  consistent  overall  solution.  Secondly,  changes  in  pressure  distribution  cowards  the  trailing 
edge  on  Che  lower  surface  and  also  In  the  wake,  needed  In  order  to  match  the  new  upper  surface  values,  had 
to  be  guessed,  and  so  there  may  be  a  need  for  a  nxiaber  of  attempts  to  obtain  satisfactory  values. 

The  results  obtained  were  only  partly  successful  In  that  the  design  method  In  step  (g)  did  not  fully 
converge,  but  they  did  indicate  that  significant  changes  aay  be  necessary  to  Che  wing  design  if  the  chosen 
separated  region  of  flow  was  to  be  generated.  Three  of  the  modified  sections  are  given  In  Pig  14  where  it 
can  be  seen  Chat  the  revised  sections  are  significantly  thicker  and  the  surface  curvature  Is  Increased 
quite  markedly  where  the  separation  starts.  Because  some  of  the  experimental  work  envisaged  requires  a 
relatively  flat  surface,  this  wing  design  is  unlikely  to  be  an  Improvement  over  selecting  the  wing  for 
incipient  separation  at  the  trailing  edge  and  then  Increasing  the  wing  incidence  by  trial  until  a  suitable 
flow  is  achieved. 

7  CONCLUSIONS 

A  low  aspect-'ratlo  wing  has  been  designed,  based  on  the  requirements  of  the  GARTBUR  Action  Group 
AD(AG07),  for  testing  In  two  European  low-speed  wind  tunnels  using  separate  models.  The  evidence  obtained 
during  this  programme  of  work  should  provide  some  much  needed  detailed  shear  stress  and  mean  flow  data  of 
high  quality  for  conditions  of  severe  three-dlmenslonallty  In  the  shear  layers,  and  result  in  Improvements 
to  turbulence  modelling  for  this  restricted  range  of  flows.  The  measurements  will  provide  data  for  condi¬ 
tions  which  are  shown  to  be  difficult  to  calculate,  and  thus  should  prove  to  be  an  important  challenge  to 
the  Cooq)utational  Fluid  Dynamics  community  and  provide  a  formidable  test  case. 

The  method  used  for  the  design  employed  viscous/lnvlscld  matching  techniques  for  a  wing  flow  at 
conditions  close  to  incipient  separation.  An  attempt  was  made  to  extend  the  design  to  Include  a  limited 
region  of  separated  flow.  In  order  to  achieve  Che  required  flow  the  wing  is  much  thicker  than  most  wings 
and  it  has  an  unusual  wing  twist  and  camber  distribution. 

A  pilot  model,  using  the  design  for  incipient  separation,  has  been  tested  in  a  small  low-speed  wind 
tunnel  at  NLR  and  successful  results  from  these  tests  have  encouraged  the  GARTEUR  Action  Group  to  proceed 
with  the  main  test  programme  using  larger  versions  of  the  same  design  of  wing,  but  modified  at  the  root 
and  tip. 


Table  1 

SPANWISB  LIFT  DISTRIBUTION  - 
DESIGN  FOR  INCIPIENT  SEPARATION 


STN 

n 

CL 

1 

0.042 

0.306 

2 

0.125 

0.332 

3 

0.208 

0.371 

4 

0.292 

0.417 

5 

0.375 

0.467 

6 

0.458 

0.516 

7 

0.542 

0.554 

8 

0.625 

0.573 

9 

0.708 

0.562 

10 

0.792 

0.518 

11 

0.875 

0.448 

12 

0.958 

0.332 

Copyright  ®  ,  Controller  HN50  London,  1988 
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Fig  3  Calculated  surface  pressure  distributions 


Lower  surface.  Fig  lid  Comparison  of  results  at  X/C  =  0.67.  Lower  surface. 
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SUMMARY 

A  zonal  Navier-Stokes  /  Parabolized  Navier-Stokes  <NS/PNS)  computational 
fluid  dynamics  (CPD)  analysis  of  the  flow  field  about  sharp  and  slightly  blunted 
cones  at  Mach  18.7  was  made.  The  results  were  compared  with  experimental 
measurements  from  the  Princeton  High  Pressure  Hypersonic  Nitrogen  Tunnel.  Plots 
are  shown  comparing  predicted  and  measured  shock  locations,  surface  pressures, 
surface  heat  transfer,  and  several  flow  field  properties.  Contour  plots  of  the 
overall  flow  field  are  shown  for  cones  with  two  nose  radii.  The  agreement 
between  the  CFD  results  and  experiment  was  fair  considering  that  several 
important  aspects  of  the  flow  physics  in  the  tunnel  were  not  properly  modelled. 
The  most  important  of  these  are  the  axial  variation  in  wind  tunnel  static 
pressure  and  the  gas  characteristics  of  the  nitrogen  in  the  test  section.  The 
experimental  data  set,  including  data  up  to  Mach  26.5,  has  proven  to  be  valuable 
for  improving  the  understanding  of  the  flow  physics  on  slender  cones  at 
hypersonic  speeds . 


1.0  INTRODUCTION 

The  initial  purpose  of  this  study  was  to  validate  a  zonal  NS/PNS  CFD 
analysis  through  comparisons  with  slender  cone  experimental  data  at  high  Mach 
numbers.  A  number  of  difficulties  with  both  the  experimental  data  and  the  CFD 
analysis  prevented  this.  This  paper  will  present  the  significant  aspects  of  and 
lessons  learned  about  CFD  analysis  and  experimental  data  needs  for  understanding 
slender  body  hypersonic  flow  regimes. 

The  experimental  data  chosen  is  from  the  Reference  1  Ph.D.  thesis.  This 
data  set  was  chosen  because  the  test  conditions  reported  spanned  the  range  of 
continuum  flow  to  neat  non-continuum  flow.  The  simple  cone  geometry  was  tested 
at  0  degrees  angle-of-attack .  It  would  therefore  be  easy  to  define  and  generate 
a  grid  that  could  be  analyzed  axisymmetrically .  The  reported  results  included 
multiple  measurements  of  the  flow  field  in  addition  to  the  surface  measurements 
that  are  usually  reported. 

Since  the  majority  of  the  flow  field  over  the  cone  was  supersonic,  a  CFD 
code  which  takes  advantage  of  the  parabolic  nature  of  the  flow  was  utilized.  The 
3D  PNS  code  SPEAR,  which  solves  the  flow  equations  in  a  single  marching  pass, 
was  chosen  to  analyze  the  flow  field  (in  an  axisymmetrlc  mode)  for  the  model 
with  the  exception  of  the  blunt  nose  regions.  An  initial  solution  plane  is 
required  to  start  the  PNS  solution  procedure.  For  sharp  cones,  this  can  be 
generated  internally  by  the  code  as  uniform  freestream  conditons.  For  blunt 
cones,  elliptic  effects  are  important  in  the  subsonic  regions  near  the 
stagnation  point  so  an  initial  solution  plane  must  be  supplied  externally. 
These  effects  can  be  modelled  with  the  full  Navier-Stokes  code  BLUNT  which  is 
designed  for  analysis  of  2-D  blunt  geometries. 

2.0  REVIEW  OF  THE  EXPERIMENT 

In  the  Reference  1  thesis,  the  results  of  an  experimental  investigation  of 
the  study  of  the  flow  field  about  sharp  and  slightly  blunted  conical  bodies  at 
hypersonic  speeds  were  presented.  The  Mach  number  for  the  three  conditions  in 
the  thesis  ranged  from  18,7  to  26.5  and  the  unit  Reynolds  number  ranged  from 
37800/in.  to  1500/ln,,  respectively.  The  former  case  is  in  the  continuum  regime 
while  the  latter  case  is  near  the  non-continuum  limit.  The  models  tested  (see 
Figure  1)  had  a  half-angle  of  10  degrees  with  nose  radii  ranging  from  sharp  ( Rn 
-  0.002  in)  to  slightly  blunted  (Rn  »  0.075  inches).  The  test  medium  was  ultra- 
pure  nitrogen  and  the  flow  remained  laminar  throughout  the  test  due  to  the  very 
low  Reynolds  numbers.  The  surface  temperature  was  cooled  to  a  nominal  T  wall  /  T 
total  •  .15  .  Shock  location,  surface  pressure  and  surface  heat  transfer  were 
measured  at  the  locations  shown  in  Figure  2  .  Flow  field  measurements  were  made 
of  pitot  pressure,  stagnation  temperature,  heat  flux,  and  density.  An 
experimental  accuracy  of  +/-  51  was  claimed  in  Reference  1. 
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Figure  1 .  Photograph  of  Models  with  Replaceable  Tips 


SHARP  CONE  ^*NOK  -  .OOS*) 


Figure  2.  Mach  Number  Contours 


Other  flew  field  properties,  such  as  Mach  number,  static  temperature, 
density  and  velocity,  were  calculated  in  the  thesis  from  these  measurements  by 
four  methods: 

A.  Pt  (meas)  *  p  (assumed)  4-  U(T)  (Crocco  relationship  assumed) 

B.  Pt  (meas)  *  p  (assumed)  +  Tt  (meas) 

C.  Pt  (meas)  *  p  (assumed)  4  q  (meas) 

D.  Pt  (meas)  4  Tt  (meas)  4  density  (meas). 

Method  C  results  were  not  consistent  throughout  the  thesis  and  the  Method  D 
results  were  only  good  for  the  lower  Reynolds  number  cases  so  they  will  not  be 
shown  in  this  study. 


For  the  Kach  18.7  case,  the  freestream  molecular  mean  free  path  (X)  was 
7.4E-4  inches  giving  a  Knudsen  number  (X  /  L  )  of  0.37  and  0.01  based  on  the 
sharp  and  blunt  nose  radii,  respectively,  and  Kn  ■  0.0002  based  on  the  cone 
length.  For  the  Mach  26.5  case,  the  freestream  mean  free  path  was  0.Q26  inches 
giving  Knudsen  numbers  of  13.,  0.34,  and  0.0065  based  on  the  respective  lengths. 
Knudsen  numbers  below  0.03  are  considered  to  be  in  the  continuum  regime  where 
the  Navier-Stokes  equations  are  valid  while  a  Knudsen  number  above  1.0  is  in  the 
non-continuum  regime.  Knudsen  numbers  between  these  limits  are  in  a  transition 
region  where  the  validity  of  the  Navier-Stokes  equations  is  in  question. 

Comparisons  were  made  in  the  thesis  between  the  measurements  and  various 
analyses  which  were  available  at  that  time.  These  were  briefly  described  in  the 
thesis  and  results  from  them  are  shown  in  the  plots  presented  later.  A  one  line 
description  of  each  is  given  here.  A  more  detailed  description  of  the  analysis 
procedures  is  available  in  Reference  1. 

Rubin  -  finite  difference,  single  set  of  NS  equations  (may  be  PNS) 

Nayne  -  inviscid  /  B.L.  iteration 

Cheng  -  thin  layer  M'S,  numerical  solution 

Garvine  -  finite  difference,  inviscid-viscous  equations  (may  be  PNS) 

Rakich  -  blunt  body  inviscid  finite  difference 

3.0  DESCRIPTION  OP  THE  CFO  CODES 

The  BLUNT  code  (Reference  2)  solves  the  Reynolds-averaged  Navier-Stokes 
equations  on  2-D  planar  or  axisymmetric  blunt  bodies.  The  procedure  is  based  on 
an  Implicit  upwind  differencing  method  with  special  logic  to  make  the  code 
efficient  and  reliable.  The  code  includes  the  Tannehill  equilibrium  air  model 
and  the  Baldwin/Lomax  algebraic  turbulence  model.  An  internal  algebraic  mesh 
generator  with  some  capability  for  adapting  the  mesh  to  the  flow  properties  is 
utilized.  Curve  fits  of  previous  inviscid  cases  are  used  for  initial  conditions 
along  with  a  graduated  grid  procedure  to  allow  the  solution  to  converge  more 
rapidly.  All  shocks  are  capture'^  as  part  of  the  solution. 

The  SPEAR/30  code  (Reference  3)  can  model  external  and  internal 
supersonic/hypersonic  viscous  flow  fields  with  thin  subsonic  wall  layers.  The 
numerical  method  incorporates  a  second  order  accurate  alternating  direction 
implicit  algorithm  to  solve  the  Parabolized  Navier-Stokes  equations  with  a 
single  matching  pass.  The  equations  have  been  transformed  into  a  generalized  3-D 
non-orthogonal  coordinate  system  that  can  conform  to  arbitrarily  shaped 
boundaries.  in  regions  where  elliptic  effects  are  important,  the  solution  can 
be  coupled  to  an  elliptic  pressure  solver.  The  code  includes  the  Tannehill 
equilibrium  air  model  and  the  Baldwin/Lomax  algebraic  turbulence  model  or  a  two- 
equation  k-epsilon  turbulence  model.  The  bowshock  may  be  fitted  or  captured  as 
part  of  the  solution.  All  internal  shocks  are  captured.  The  lower  boundary  is 
always  defined  as  a  wall  which  may  be  adiabatic  or  isothermal  and  have  regions 
of  suction  or  blowing.  Radiation  from  the  wall  can  also  be  modelled.  An 
internal  algebraic  mesh  generator  is  available  for  use  on  simple  geometries  or 
an  externally  generated  mesh  may  be  supplied  for  complicated  geometries.  An 
interpolator  is  included  in  the  code  that  may  be  used  to  change  the  mesh  as  the 
solution  is  marched  down  the  body  or  to  nterpolate  a  starting  solution  from  a 
converged  BLUNT  solution.  Both  SPEAR/3D  and  BLUNT  were  developed  by  Amtec 
Engineering  of  Bellevue,  Washington. 


4.0  DETAILS  OP  THE  CPD  ANALYSIS 

The  Reference  1  thesis  includis  results  for  runs  at  three  Mach  number 
conditions  for  conical  bodies  with  three  different  nose  radii.  The  original 
plan  for  this  study  was  to  analyze  the  sharpest  and  bluntest  cones  at  the 
highest  and  lowest  Mach  number  conditions  to  study  the  effects  of  the  rarefied 
gas  regime  on  CFO  codes  based  on  the  continuum  flow  assumption.  Due  to  the 
problems  encountered  with  low  Reynolds  number  stability,  only  the  low  Mach 
number  cases  were  completed  in  the  time  allotted.  The  details  of  these  two 
analyses  are  describe  here. 

A.  Sharp  Cone 

The  BLUNT  code  would  not  converge  for  a  fine-mesh  cold-wall  solution  on  the 
"sharp"  cone  with  a  0.002  inch  spherical  nose.  This  may  have  been  caused  by  the 
low  Reynolds  number  based  o:i  the  nose  radius  or  else  because  of  roundoff 
problems  associated  with  the  small  nose  radius. 

SPEAR  was  started  very  close  to  the  virtual  tip  of  the  cone  with  initial 
conditions  of  freestream  values  at  all  nodes  except  the  no-slip  fixed  wall 
temperature  (540  R)  boundary  condition.  The  outer  boundary  of  the  21  radial 
node  mesh  Is  set  so  that  the  shock  is  Initially  captured  and  the  shock  will  run 
into  the  outer  boundary  where  it  will  be  fitted  within  20  axial  steps.  SPEAR  is 
then  restarted  with  41  radial  mesh  points  and  marched  210  steps  downstream  to  an 
axial  distance  of  4  inches.  A  mesh  refinement  study  of  the  sharp-nose  start  case 
was  performed.  Step  size,  near-wall  cell  height  and  number  of  radial  nodes  were 
varied  in  the  starting  region  and  for  the  downstream  region  to  determine  the 
effects  on  the  solution.  The  finest  mesh  solution  was  chosen  for  the  starting 
region,  but  the  surface  properties  and  profiles  in  the  downstream  region  did  not 
show  much  variation  with  mesh  changes. 


P6-4 


The  initial  runs  for  this  case  were  run  using  the  ideal  gas  (gamma  >  1.4) 
model  since  the  freestream  static  temperature  is  43.7  degrees  R.  An  equilibrium 
air  case  was  run  since  the  pea>:  static  temperature  in  the  boundary  layer  was 
about  960  degrees  R.  During  the  study  of  the  effects  of  freezing  the  flow 
properties  at  the  nozzle  throat,  gamma  was  varied  from  1.3  to  1.45.  The  shock 
location  and  surface  pressure  varied  moderately  and  the  peak  static  temperature 
in  the  boundary  varied  considerably  with  these  changes  but  the  heat  transfer  did 
not  vary  much.  Since  the  actual  properties  of  the  nitrogen  gas  in  the  test 
section  have  not  been  determined,  the  gamma  «  1.4  results  will  be  presented  in 
this  paper. 

B.  Blunt  Cone 

The  graduated  grid  method  described  in  Reference  2  was  utilized  to  converge 
a  fine  mesh  (40x50)  laminar  adiabatic  wall  solution  using  BLUNT  for  the  Mach 
18.7  case  with  the  0.075"  nose  radius.  The  wall  temperature  was  then  gradually 
lowered  to  the  desired  wall  temperature  of  540  R.  This  case  converged  when  the 
sharp  nose  case  did  not  because  the  Reynolds  number  based  on  the  nose  radius  was 
2835  instead  of  75.  The  BLUNT  solution  was  run  with  the  1st  order  upwind 
algor i thm . 

SPEAR  was  started  from  the  cold  wall  solution  and  run  to  the  end  of  the  4  inch 
cone  using  41  radial  points  and  104  axial  steps.  Several  runs  were  made  to 
determine  how  to  interface  the  captured  BLUNT  shock  solution  and  the  fitted 
SPEAR  shock  solution  and  to  check  the  mesh  resolution. 

5.0  DISCUSSION 

5.1  COMPARISON  OF  CFD  AND  EXPERIMENTAL  RESULTS 
A.  Sharp  Cone 

A  comparison  of  the  shock  location  from  the  CFD  results  with  the  four 
experimental  methods  of  locating  the  shock  for  the  sharp  cone  case  is  shown  in 
Figure  3.  The  CFD  results  are  in  good  agreement  with  the  data.  The  heat  flux 
measurement,  which  Vas  says  is  the  least  reliable,  shows  the  worst  agreement 
with  the  CFD  results.  The  larger  disagreement  near  the  leading  edge  nay  be 
caused  by  the  uniform  profile  starting  procedure  used  with  SPEAR  which  does  not 
accurately  model  the  viscous  interaction  near  the  tip.  A  summary  of  the  percent 
differences  between  CFD  and  experiment  for  the  various  measurements  is  given  in 
Table  1. 

A  comparison  of  predicted  and  measured  surface  pressures  is  shown  in  Figure 
4.  The  CFD  results  are  higher  than  the  data  but  are  in  better  agreement  with  the 
calculations  of  Mayne,  The  experimental  results  fall  below  the  inviscid  value 
toward  the  rear  of  the  model  because  there  is  an  axial  static  pressure  gradient 
in  the  tunnel.  The  CFD  analysis  was  performed  for  uniform  external  flow  and 
appears  to  be  approaching  a  constant  value  for  an  inviscid  cone  with  a 
displacement  thickness  added. 


Sharp  Cone 

At  station  1 

At  station  7 

Shock  location: 

-10% 

0% 

Surface  pressure: 

+8% 

+20% 

Wall  heat  transfer: 

+33% 

+27% 

P  static  variation: 

4%  max 

4%  max 

Pilot  profile: 

+100%  max 

+50%  max 

Mach  number  profile: 

+40%  max 

+25%  max 

T  static  peak: 

-15%  max 

-9%  max 

Blunt  Cone 

At  station  1 

At  station  7 

Shock  location: 

-5% 

-4% 

Surface  pressure: 

-17% 

+15% 

Wall  heat  transfer: 

+40% 

+66% 

P  static  variation: 

30%  max 

7%  max 

Pitot  profile: 

+50%  max 

+100%  max 

Mach  number  profile: 

+33%  max 

+48%  max 

T  static  peak: 

-15%  max 

0%  max 

Table  1.  Comparison  of  CFD  Results  with  Experimental 
Data  (Experiment  is  Base) 
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Distance  along  surface  -  inches 


Figure  3.  Shock  Layer  Thickness  -  Sharp  Cone 


Figure  4.  Surface  Pressure  -  Sharp  Cone 


A  comparison  of  predicted  and  measured  surface  heat  transfer  results  is 
shown  in  Figure  5.  The  CFD  results  are  higher  than  the  data.  This  may  be 
caused  by  rarefied  gas  effects  since  using  the  continuum  assumption  in  a  non¬ 
continuum  region  would  tend  to  over-predict  wall  shear  stress  and  heat  transfer. 
In  an  attempt  to  resolve  the  differences  in  the  heat  tranfer  comparisons,  many 
SPEAF  runs  were  made  varying  the  Prandtl  number,  ratio  of  specific  heats,  wall 
temperature,  viscosity  equation,  and  axial  and  radial  mesh  density.  Slight 
changes  in  the  wall  heat  transfer  were  noted  when  the  viscosity  was  calculated 
by  the  equations  given  in  Reference  1  rather  than  Sutherland's  law.  The  other 
variations  had  a  negligible  effect  on  the  wall  heat  transfer.  One  affect  that 
has  not  been  investigated  is  the  axial  variation  in  the  model  wall  temperature. 
In  the  photograph  in  Figure  6,  the  tip  of  the  model  (and  the  pitot  probe) 
appears  to  be  glowing  from  the  high  temperature  since  the  replaceable  tips 
(about  .25  to  .5  inches  long)  could  not  be  cooled. 
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Figure  5.  Surface  Heat  Transfer  -  Sharp  Cone 


Figure  6.  Photograph  of  Blunt  Cone  Showing 
the  Shod<  Layer  and  Pitot  Probe 


Figures  7a, b  &  c  present  the  flow  field  static  pressure  profiles  calculated 
by  SPEAR  and  the  measured  wall  static  pressures.  The  CFD  results  are  shown  at 
the  three  stations  (shown  in  Figure  2)  at  which  Vas  compared  the  data  with  other 
analyses.  For  the  other  analyses,  only  Rubin  calculated  flow  field  static 
pressure  and  this  was  only  up  to  Station  1.  No  flow  field  static  pressures  were 
measured,  so  Vas  assumed  the  wall  static  pressure  was  constaut  through  the  shock 
layer  for  all  subsequent  calculations.  The  CFD  profile  results  show  a  maximum 
variation  from  the  wall  value  of  static  pressure  of  4%  which  could  result  in  a 
variation  in  local  Mach  number  of  0.2  at  Mach  10  according  to  NACA  1135. 
Therefore  the  CFD  results  show  that  the  constant  pressure  assumption  is  good  for 
the  sharp  cone. 

Figures  8a, b,  &  c  are  comparisons  between  the  pitot  profiles  calculated 
using  SPEAR  and  the  measured  pitot  pressures  at  three  measuring  stations.  The 
SPEAR  pitot  pressures  were  calculated  using  the  predicted  local  static  pressure 
and  Mach  number.  Vas  has  noted  that  the  measured  pitot  pressures  are  invalid 
within  about  0.020  Inches  of  the  wall  due  to  probe  interactions  with  the  wall. 
It  should  be  noted  that  the  height  of  the  pitot  probe  was  about  0.010  inches  and 
the  entire  shock  layer  at  station  1  is  only  about  0.070  inches  thick. 
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Figure  7a.  Flow  Field  Static  Pressure,  Station  1  -  Sharp  Cone 
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Figure  7b.  Flow  Field  Static  Pressure,  Station  4  -  Sharp  Cone 
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Figure  7c.  Flow  Field  Static  Pressure,  Station  7  -  Sharp  Cone 
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Figure  8a.  Flow  Field  Pitot  Pressure,  Station  1  -  Sharp  Cone 
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The  Mach  number  and  static  temperature  profiles  from  SPEAR  were  compared  to 
the  profiles  calculated  from  the  data  by  Methods  A  and  B.  The  results  of  these 
comparisons  ace  not  plotted  but  ace  summarized  in  Table  1.  The  SPEAR  Mach  number 
is  calculated  from  the  local  velocities  and  speed  of  sound,  which  is  a  function 
of  the  local  static  temperature  and  the  9as  properties.  Was  calculates  Mach 
number  from  the  measured  pitot  pressure, the  (assumed  constant)  wall  static 
pressure  and  the  gas  properties  using  the  Rayliegh-pitot  formula.  The  peak  in 
the  boundary  layer  static  temperature  calculated  by  SPEAR  was  strongly  dependent 
on  the  variations  listed  under  heat  transfer.  Large  differences  between  CFD  and 
experiment  would  be  expected  if  the  proper  gas  properties  were  not  used. 

At  station  1,  the  present  CFD  results  agree  very  well  with  the  other  CFD 
results  shown  in  the  thesis  for  most  variables  but  do  not  agree  as  well  with  the 
results  from  the  experiment.  Therefore,  it  would  appear  that  some  aspect  of  the 
flow  physics  near  the  nose  is  not  being  properly  modelled  in  the  various  CFO 
analysis  methods.  By  station  4,  the  CFD  and  experimental  results  agree  well  for 
most  parameters  but  then  start  to  diverge  again  by  station  7  possibly  because  of 
the  axial  pressure  gradient  in  the  tunnel,  in  general,  the  CFD  results  agree 
better  with  the  calculated  results  presented  in  Vas'  thesis  than  with  the 
experimental  results . 

B.  Blunt  Cone 

A  comparison  of  the  shock  location  from  the  CFD  results  with  the  four 
experimental  methods  of  locating  the  shock  for  the  blunt  cone  case  is  shown  in 
Figure  9.  The  CFD  results  are  slightly  below  the  data.  This  indicates  that  the 
CFD  codes  are  probably  under-predicting  the  viscous  effects. 

A  comparison  between  predicted  and  measured  surface  pressures  is  shown  in 
Figure  10.  The  CFD  results  are  higher  than  the  data  but  agree  very  closely  with 
the  calculations  of  Garvine.  As  for  the  sharp  cone,  the  CFD  calculated 
pressures  appear  to  be  approaching  a  constant  value  for  an  inviscid  cone  with  a 
displacement  thickness  added. 

A  comparison  between  predicted  and  measured  surface  heat  transfer  results 
is  shown  in  Figure  11.  As  with  the  sharp  cone  case,  the  CFD  results  are  higher 
than  the  data.  Since  these  results  are  very  similiar  to  the  sharp  nose  case 
heat  transfer  results,  the  starting  procedure  is  probably  not  the  reason  for  the 
poor  heat  transfer  comparison. 


Distance  along  surface  -  inches 


Figure  9.  Shock  Layer  Thid<ness  -  Blunt  Cone 
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Figure  1 0.  Surface  Pressure  -  Blunt  Cone 


Figure  1 1 .  Surface  Heat  Transfer  -  Blunt  Cone 


Figures  12  and  13  present  the  CFD  results  for  flow  field  static  and  pitot 
pressure  for  the  blunt  cone  case  compared  with  the  measured  and  calculated 
profiles  from  the  thesis.  In  Figure  12a,  the  CFD  results  show  a  variation  in  the 
flow  field  static  pressure  from  the  wall  value  of  about  30%  which  could  result 
in  a  variation  in  Nach  number  of  1.5  at  nach  10  according  to  NACA  1135.  vas 
notes  that  the  constant  static  pressure  assumption  should  not  valid  in  the 
nose  region  of  a  blunt  cone  and  the  CFD  results  confirm  this.  By  station  4,  the 
static  pressure  profile  is  more  representative  of  cone  flow  and  chus  the  same 
level  of  static  pressure  variation  across  the  shock  layer  that  was  predicted  in 
the  sharp  cone  case  is  predicted  here.  The  Mach  number  and  static  temperature 
profiles  were  also  compared  and  these  results  are  summarized  in  Table  1.  in 
general,  the  profile  shapes  are  similiar  between  CFD  and  experiment  but  the  CFD 
analysis  consistantly  predicts  a  thinner  boundary  layer  region  and  a  larger 
inviscid  region.  The  percent  differences  shown  in  Table  I  are  large  because  the 
property  gradients  are  very  steep. 
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Figure  12a.  Flow  Field  Static  Pressure,  Station  1  -  Blunt  Cone 
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Figure  12b.  Flow  Field  Static  Pressure,  Station  4  -  Blunt  Cone 
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5.2  EXPERIMENTAL  DATA  CONCERNS 

Several  aspects  of  the  wind  tunnel  flow  and  measuring  equipment  that  have 
raised  concerns  during  this  study  ace  briefly  enumerated  below. 

1.  There  is  an  axial  static  pressure  gradient  in  the  tunnel  (documented 
in  Reference  4)  which  causes  a  Mach  number  gradient  of  0.3  Mach  per 
inch  as  shown  in  Figure  14.  For  the  4  inch  model  tested,  this  is  a 
change  of  over  1  Mach  number  from  the  tip  to  the  last  measuring 
station. 

2.  As  shown  In  Figure  15,  even  for  the  high  Reynolds  number  case  the  nose 
of  the  model  is  near  the  non-continuum  regime.  The  assumption  of 
continuum  flow  must  be  investigated. 

3.  The  properties  of  the  nitrogen  are  not  documented  in  the  thesis.  The 
tunnel  calibration  document  calculates  a  "frozen”  temperature  (which 
occurs  just  downstream  of  the  wind  tunnel  throat)  at  which  the 
properties  in  the  test  section  are  frozen  due  to  vibrational  non- 
equilibrium.  The  effect  of  this  is  to  change  the  ratio  of  specific 
heat  for  an  ideal  gas  assumption.  To  properly  model  the  non-equllbrium 
effects,  a  finite  cate  chemistry  code  should  be  run  for  the  wind 
tunnel  nozzle  conditions  or  the  flow  properties  should  be  measured  at 
the  start  of  the  test  section. 
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Figure  14.  Non-Uniform  Wind  Tunnel  Conditions 
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Figure  15.  Rarefied  Gas  Near  Tip  of  Models 
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The  size  of  the  pitot  probe  head  is  about  0.010  inches  while  the 
entire  shock  layer  is  only  0.070  inches  near  the  first  measuring 
station.  The  relative  sizes  of  the  pitot  probe  head  and  the  shock 
layer  can  be  seen  from  the  photo  in  Figure  6.  In  a  steep  gradient 
region  the  pressure  being  measured  by  the  pitot  probe  may  actually  be 
some  average  of  the  pitot  pressure  of  the  flow. 

The  model  surface  temperature  was  not  measured.  CFD  studies  were 
performed  that  showed  that  wall  heat  transfer  was  not  very  sensitive 
to  changes  in  the  constant  wall  temperature  of  about  80  degrees  E. 
However,  the  effect  of  any  axial  temperature  gradients  caused  by  the 
inability  to  cool  the  replaceable  tips  (about  .25  to  .5  inches  long) 
is  unknown. 
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CFD  ANALYSIS  LIMITATIONS 


The  major  limitations  of  these  two  CFD  codes  for  analyzing  this  experiment 
are  enumerated  here. 

1.  There  is  no  model  currently  in  the  codes  for  the  properties  of  the 
nitrogen  gas  that  is  valid  from  the  high  pressures  and  temperatures  in 
the  stagnation  chamber  to  the  low  static  pressure  and  temperatures  in 
the  test  section.  A  model  of  these  properties  is  probably  available 
in  the  literature  but  time  restrictions  have  not  permitted  searching 
for  and  implementing  a  model. 

2.  The  axial  static  pressure  variation  in  the  tunnel  could  not  be 
modelled  with  the  present  boundary  conditions  in  SPEAR.  A  change  to 
allow  for  an  axially  varying  outer  boundary  condition  must  be  made  to 
Improve  the  simulation  beyond  the  present  results. 

3.  The  Mach  18.7  case  analysed  is  in  the  continuum  regime,  however  it  is 
approaching  Che  rarefied  gas  regime,  and  the  effects  of  the  continuum 
assumptions  on  flow  properties  at  these  conditions  is  not  known.  The 
Mach  26.5  case  (which  is  in  the  rarefied  gas  regime)  could  be  run  and 
a  comparison  would  indicate  the  magnitude  of  rarefied  gas  effects. 

4.  Previous  Investigators  (for  example  Reference  5)  have  encountered 
trouble  obtaining  CFD  solutions  with  Navier-Stokes  codes  below  a 
minimum  Reynolds  number  limit.  For  the  Reference  5  problem,  the 
minimum  Reynolds  number  based  on  nose  radius  was  found  to  be  about  90. 
The  reason  for  this  limit  is  not  known.  A  similiac  problem  was 
encountered  in  this  study  when  trying  to  converge  the  BLUNT  code  on  a 
0.002"  spherical  nose  when  the  Re  based  on  nose  radius  was  about  7S. 

6.0  CONCLUSIONS  AND  RECOMMENDATIONS 

The  experimental  data  set  presented  in  the  Reference  1  thesis  has  proven  to 
be  valuable  for  improving  the  understanding  of  the  flow  physics  on  slender 
bodies  at  hypersonic  speeds  near  the  non-continuum  regime.  Other  experimental 
data  sets  are  available  for  CFD  validation  at  hypersonic  speeds  but  these 
usually  include  only  surface  measurements.  Very  few  experimental  data  sets  are 
available  that  include  flow  field  measurements  of  pitot  pressure  and  total 
temperature.  The  data  at  Mach  25.1  and  26.5  with  unit  Reynolds  numbers  of  10,000 
and  1,500,  respectively,  can  be  used  in  a  study  of  the  validity  of  the  continuum 
assumption  for  CFD  as  the  flow  approaches  the  non-continuum  regime. 

Evaluation  of  the  CFD  codes  used  in  the  present  study  proved  more  difficult 
than  expected  for  a  number  of  reasons.  CFD  code  evaluation  using  experimental 
data  such  as  Reference  1  would  be  more  definitive  with  CFD  codes  capable  of 
modelling  all  the  physical  processes  that  are  present,  including  the  test  media 
chemistry  (in  this  case  nitrogen),  the  variations  of  flow  characteristics  in  the 
tunnel,  rarefied  gas  effects,  instrumentation  size  effects  and  temperature 
gradients  in  the  model. 

Future  wind  tunnel  studies  should  be  designed  with  CFD  validation  studies 
in  mind.  Specifically,  experimental  data  must  accurately  measure  all  of  the 
initial  and  boundary  conditions  (Including  all  gas  properties)  needed  to 
complete  a  computational  solution.  Since  this  data  would  provide  an  upstream 
boundary  condition  to  the  test  section,  it  would  not  be  necessary  to  analyze  the 
flow  field  upstream  of  the  test  section.  ideally,  the  measurements  of  the  flow 
field  upstream  of  and  in  the  test  section  would  be  acquired  by  non-intrusive 
techniques . 
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SOMMAET 

A  computational  fluid  dynamics  code  based  on  the  development  of  small  perturbation 
theory  for  the  solution  of  Invtscld  IrroteClonal  compressible  fluid  flov  around  flight 
vehicle  configurations  Is  described*  The  user-friendly  feature  of  the  code  is 
illustrated  by  a  guided  weapon  canard  configuration  for  which  are  displayed  computed 
pressure  distributions  on  selected  components.  Five  test  cases  including  a  simple  wing 
shape  and  more  complex  guided  weapon  and  aircraft  configurations  are  presented,  to 
demonstrate  the  capabilities  and  limitations  of  the  code.  Theoretical  pressure,  force 
end  moment  coefficients  are  compared  to  wind  tunnel  data  obtained  from  various 
facilities  Including  the  OREV  trlsonlc  Indraft  wind  tunnel.  The  results  of  the 
comparison  show  the  capabilities  of  the  code  in  the  subsonic  and  aupersonlc  speed 
regimes  for  simple  and  complex  comf Igurat 1 ons  at  low  incidences,  and  its  limitations  at 
transonic  speeds  and  at  high  angles  of  attack. 

SYMBOLS 


ac 

c 

c 


’e 


<1 

s 


U,  V,  w 
X ,  y ,  X 

a 


aerodynamic  center 

wing  local  chord 

wing  mean  aerodynamic  chord 

wing  sectional  lift  coefficient 

pressure  coefficient 

lift  coefficient 

pitching  moment  coefficient 

normal  force  coefficient 

side  force  coefficient 

coefficient  of  force  or  moment  due  to  angle  of  attack 

coefficient  of  force  or  moment  due  to  sideslip  angle 

coefficient  of  force  or  moment  due  to  control  deflection 

Mach  number 
dynamic  pressure 
surface  area 
pertubatlon  velocities 
Cartesian  coord i nates 
angle  of  attack 
sldeallp  angle 

control  surface  deflection  angle 
Integration  variables 
velocity  potential 
square  matrix 
column  matrix 


r 


I 
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1.  INTBODUCTION 


A  computerized  aerodynamtc  analysis  capability  Is  essential  for  the  development  of 
modern  flight  vehicles  such  as  guided  weap^ins  and  supersonic  fighter  aircraft.  In  the 
exploratory  phase  of  a  development^  m.-aerois  configurations  are  studied  to  evaluate 
concepts,  and  design  iterations  are  to  optimize  selected  configurations  on  the 

basis  of  stated  performance,  stability  and  control  requirements.  This  dictates  the 
choice  of  ai’  aerodynamic  analysis  code  which  Is  not  only  accurate  but  also  fast  and 
user-friendly. 


During  Che  past  few  years,  advances  In  compu  tat  lonal  fluid  dynaiQics 
introduction  of  supercomputers  have  rendered  feasible  the  computation  of 
viscous  flow  fields  around  complete  aircraft  configurations  (Refs.  1  and 
this  capability  was  achieved  at  the  expense  of  professional  and  contpuC'ir 
which  are  still  measured  respectively  In  weeks  and  hours  to  run  a  single 


(CFD)  and  the 
3-dlmen8 Iona  L 
2).  however, 
ressoiirces 
case  . 


The  purpose  of  this  paper  is  therefore  to  deserthe  briefly  a  user-friendly  CFD  code 
which  offers  the  advantage  of  requiring  only  moderate  computer  ressources,  and  to 
present  Che  results  of  test  ca-^es  which  were  used  for  its  validation. 


2.  CFD  CODE  DESCRIPTION 


FAD  is  a  finite  element  aerodynamic  code  which  is  based  on  the  development  of  small 
perturbation  theory  for  the  solution  of  partial  differential  equations  governing 
potential  flow  fields  around  flight  vehicle  configurations  at  subsonic  and  supersonic 
speeds.  The  theory  is  valid  for  a  fluid  flow  which  is  steady,  nonvlscous,  compressible, 
Irrotatlonal  and  Isentroplc. 

The  code  is  linked  to  the  ANVIL-4000  computer  aided  design  and  manufacturing 
(CAO/CAM)  system  (Ref.  3)  to  facilitate  the  process  of  defining  the  geometry  of 
mu  I  C i-componenC  co n f  igu ra c  I  ons  which  are  approxl^nated  bv  grids  of  finite  el-ments.  The 
computational  procedure  is  coded  In  FORTRAN  IV  on  a  Honeywell  DPS  d/70C  digital  computer 
and  is  illustrated  by  a  general  flowchart  in  Fig.  1.  For  a  given  configuration  and  Mach 
number,  FAD  calculates  a  downwash  matrix,  an  aerodynamic  Influence  coefficient  matrix,  a 
panel  force  inatrlx,  '  panel  pressure  '’oefflclent  matrix  and  a  set  of  stability 
derivatives. 


The  configuration  planform  Is  approximated  by  a  grid  of  small  quadrilateral  panels 
as  shown  in  Fig.  2.  The  coordinates  of  the  panel  corner  points  define  the  boundaries  of 
constant  pressure  surface  vortex  s  I ngula r I c I eu  which  are  used  to  represent  planfort 
incidence  and  interference  effects.  The  potential  function  for  this  type  of  singularity 
is  given  by 


2 ( x-C  )  dc  dn  _ 

[Cy-n)2  +  22]  [Cx-C)2  +  (1-m2)  (y-nj2  ^ZjT 


1-k 

X 


2  d  C  d  n 
<y-n)2 


IM 


where  K  ®  0.5  for  M<1.0  (subsonic  flow),  K  »  1.0  for  M>1.0  (supersonic  flow)  and  which 
satisfies  Prandtl's  linearized  equation,  for  small  pe r t a rba t ions ,  of  a  steady 
irrotatlonal  flow  of  a  non-vlscous  compressible  fluid.  Prandtl's  equation  is  written 
as 


(  I -M^  )  32^  +  ^2^  +  32^  .0  [ 2 1 

3^2  3y2  3z2 

The  three  velocity  components  of  the  perturbed  flow  field  can  therefore  be  obtained  by 
differentiation  of  the  potential  function,  l.e. 

u  *  3  ^ ,  v  =  3  ^  and  w  *  3  ^  [ 3 ] 

3  X  3  y  3  z 

The  solutions  of  these  equations  are  given  In  Ref.  4.  The  particular  solution  for  the 
velocity  component  normal  to  a  corner  element  of  a  panel  Is  given  by 


w  .  -KX4£^)[{’.^+l-M2)F,-L(r,-P.)-y  [4] 

where  (Ap/q)  Is  a  unit  non-dimensional  pressure  and  L,  F2»  F5»  ^5  are  functions 

which  depend  on  Mach  number  (M)  and  geometry.  The  downwash  velocity  induced  at  a  panel 
control  point  (t)  by  a  singularity  of  unit  strength  on  panel  (J)  is  thus  computed  by 
superposition  of  corner  element  solutions  such  that 


i  1 


M, 


lU 


‘J4 


[5] 
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For  a  ayoiiaetrlc  planfora»  the  net  dovnvash  at  (i)  la  obtained  by  adding  the  downtfash  of 
Che  Image  point  to  that  of  the  control  point-  The  elements  of  the  downwash  matrix  are 
then  expressed  aa  follows 


ij 


IJ 


■11 


[6] 


where  w^j  represents  the  downwash  at  an  Image  point-  For  an  unsymmetrlc  planform, 
w^j"  0.  '^The  aerodynamic  influence  coefficient  (AtC)  matrix  is  defined  such  that 

f-lj]  '  Is^)  [7] 

where  is  a  column  matrix  of  panel  areas  and  where  each  element  of  the  AZC  matrix 

represents  the  load  induced  on  panel  (i)  per  unit  Incidence  of  panel  (J),  divided  by 
dynamic  pressure.  The  total  aerodynamic  load  on  a  panel  la  then  equal  to  the  sum  of  the 
loads  on  the  panel  caused  by  all  the  other  panels  such  that 


{i-tl  *  “'[■‘ijl  (“jf 


[81 


where  q  is  the  dynamic  pressure  and  {sj}  Is  a  column  matrix  of  panel  incidences.  The 
pressure  coefficient  of  a  panel  la  then  given  by 


iM  /  is^i 


[5] 


The  aerodynamic  forces  acting  on  a  multi-'component  configuration  such  as  the  one 
given  in  Fig.  2  are  determined  by  integration  of  the  load  distributions  given  by  eq.  8. 
Filling  the  matrix  {cij}  with  equal  panel  deflections  Is  equivalent  to  setting  the 
configuration  planfora  at  an  angle  of  attack  and  the  calculation  of  the  corresponding 
staiility  derivatives  follows  thereoff.  Control  derivatives  are  obtained  by  setting  all 
the  elements  of  the  matrix  j)  equal  to  *ero,  with  the  exception  of  those  elements 
corresponding  to  the  panels  of  the  selected  control  surface. 

FAD  incorporates  tnteiactive  subroutines  with  colour  graphlcs»  for  flow 
visas  1 1 zat t on  on  the  complete  con f t gura t Ion ,  and  options  to  select  the  configuration 
components  for  which  the  computed  pressure  distributions  are  to  be  displayed.  Examples 
are  given  in  Pigs.  3  to  5,  where  pressure  distributions  are  shown  for  the  body,  canard 
control  surface  and  tall  surface  of  the  guided  weapon  of  Elg.  2. 

3.  CFD  CODB  fALlDATlOi 

Test  cases  which  were  used  to  validate  the  FAD  code  range  from  simple  wing  shapes 
CO  more  complex  guided  weapon  and  aircraft  con f Igurat ions .  Five  cases,  listed  In  Table 
I,  are  presenter  to  demonstrate  the  main  capabilities  and  limitations  of  the  code. 

TABLE  I 


FAD  Code  Validation  Test  Cases 


TEST  CASE 

PITCH 

YAW 

CONTROL 

MACH 

ONBRA  M6  Wing 

/ 

0.70,  0.84 

AGARD  Model  "B" 

4 

Sub,  Trans,  Super 

USAF  Guided  Weapon 

/ 

/ 

/  / 

NASA  Cruise  Missile 

/ 

/ 

4  4  4 

CP-18A  Aircraft 

/ 

/ 

0.4,  1.2,  1.6 
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3.1  Test  Case  1:  ONERA  M6  Wing 

The  0^fERA  M6  wing  Is  a  research  wing  with  a  simple  trapezoidal  planforn  of  low 
sweep  (30^  at  leading  edge)  and  moderate  aspect  ratio  (3.8).  Its  planforo  was 
approximated  by  the  grid  shown  In  Pig.  6.  The  wing  pressure  and  sectional  lift 
coefficient  Its t r t but  Ions  were  computed  for  two  different  lifting  cases:  a  suhcritlcal 
case  (M“0,70,  o*6“)  and  a  supercritical  case  (M“0.84j  a*3*).  The  computed  pressure 
d  1  s t r 1 bu t Ions  are  shown  In  Figs.  ^  and  8.  The  computed  spanwise  distributions  of  the 
sectional  lift  coefficients  are  given  In  Figs.  9  and  10»  where  they  are  compared  to 
those  available  from  the  wind  tunnel  data  of  Ref.  S.  As  shown  In  Fig.  9,  very  good 
agreement  between  theory  and  experiment  was  obtained  for  the  subcritical  case.  The 
agreement  between  theory  and  experiment  Is  not  as  good  for  the  supercritical  case,  as 
shown  In  Fig.  10.  However  It  Is  fairly  reasonable,  considering  that  the  computed  value 
of  the  wing  lift  coefficient  (0.23A)  la  8T  above  chat  obtained  from  the  wind  tunnel. 

3.2  Test  Case  2:  AGARD  Model  " B " 


The  AGARD  model  B  is  a  wlng~body  calibration  model  which  was  standardized  for  high 
speed  wind  tunnel  testing,  but  for  which  exists  a  wealth  of  data  down  to  Mach  0.7  (Refs. 
6  to  8).  Its  geometry  Is  given  In  Fig.  11.  The  cylindrical  body  Is  8.5  caliber  long 
with  a  3.0  caliber  ogive  nose.  The  wing  has  a  delta  planform  with  a  60“  leadlng-edge 
sweep.  The  model  normal  force  and  oltchlng  moment  slopes  due  to  angle  of  attack  ( Cu 
ind  J  were  computed  for  subsonic,  transonic  and  supersonic  Mach  numbers.  The 
variation  with  Mach  number  of  the  computed  Cjg  and  derivatives  are  compared  to  wind 

tunnel  data  (Refs.  6  and  7)  In  Figs.  12  and  13.  As  shown  in  these  figures,  the 
variation  with  Mach  number  of  both  derivatives  Is  well  predicted  hy  the  FAD  code*  The 
computed  values  are  well  within  the  bounds  of  the  experimental  data  for  subsonic  and 
transonic  speeds,  but  on  the  outer  edge  for  supersonic.  Considering  chat  only  28 
elements  were  used  to  model  the  wing,  a  finer  grid  would  have  yield  better  accuracy. 

3.3  Test  Case  3:  USAF  Guided  Weapon 


The  USAF  guided  weapon,  which  Is  shown  In  ?lg.  2,  features  a  symmetrical  canard 
configuration  with  movable  cruciform  control  surfaces  located  on  the  forward  body  and 
mounted  lu  line  with  fixed  cruciform  tall  surfaces  of  low  sweep  and  raoderace  aspect 
ratio*  The  configuration  angle  of  attack  and  control  deflection  derivatives  were 
computed  Cor  subsonic  and  low  transonic  Mach  numbers.  The  computed  values  of  C«  and 


are  compared  to  those  of  wind  tunnel  data  In  Figs. 


14  and  15,  The  wind  tunnel  data 


was  obtained  from  Ref.  9.  The  comparison  shows  good  agreement  between  Cfieory  and 
experiment  up  to  Mach  0.8  where  the  '•osults  start  to  diverge  because  of  theory 
llmlctclons.  The  theory  being  linear  it  is  also  valid  only  in  the  1 ow-a ng le- o f - a l c ack 
region  of  attached  flow  where  viscous  effects  are  small.  This  la  shown  In  Fig.  16, 
where  the  theoretical  and  experimental  variations  with  a  of  the  configuration  normal 
force  coefficient  are  given  at  Mach  0.6.  Mo  disagreement  is  noticeable  between  theory 
and  experiment  for  angles  of  attack  helow  5*  However,  the  theoretical  predictions 
fall  short  of  the  experimental  data  above  this  value.  The  expo r l me nt a  1  normal  force 
coefficient  Is  15%  higher  than  its  predicted  value  at  the  test  maximum  o  > ■  13®.  The 

development  of  a  vertical  vortex  sheet  at  the  tip  of  the  tall  surface  may  account  for 
the  difference.  As  Che  angle  of  attack  Increases,  the  vortex  sheet  start  to  act  as  an 
endplate  changing  the  tall  lift  distribution  over  its  planform.  In  the  outboard  region 
of  the  tall  the  local  lift  Is  Increased  and  the  net  effect  is  to  raise  the  Vi-lue  of  the 
normal  force  coefficient  above  Its  value  predicted  by  linear  potential  flow  theory. 


3.4  Test  Case  4;  MASA  Cruise  Missile 


The  MASA  cruise  missile  model,  which  Is  she.  .n  In  Fig.  17,  has  a  wing  with  58®  of 
le ad  I  ng -ed ge  sweep  and  conventional  aft  tall  stjrfaces  with  63®  of  leading-edge  sweep. 

The  wing  and  call  surfaces  are  attached  Co  a  body  of  circular  cross  section.  A 
sl'Bcjlated  equipment  ^airing  Is  attached  along  the  center  line  on  the  underside  of  the 
body.  The  configuration  longitudinal  and  lateral  aerodynamic  characteristics  were 
computed  as  outline  <1  in  Section  2.0  for  subsonic,  transonic  and  supersonic  Mach  numbers. 
The  results  for  the  Hft-curve  slope,  ,  and  the  aerodynamic  center,  ac,  are  given  in 

Figs.  18  and  19,  while  those  for  the  sideslip  derivative,  Cv  ,  and  tne  lateral  center  of 

pressure,  c.p.,  are  given  in  Figs.  20  and  21.  Overall,  the  comparison  of  the 
theoretical  results  with  the  wind  tunnel  data  of  Ref.  10  reveals  the  agreement  between 
theory  anrl  experiment  even  In  the  transonic  region.  This  Is  due  In  part  to  tlie  high 
sweep  angle  of  Che  wing  and  tails.  The  location  of  the  ac ,  expressed  Ir  per.-  ’t  of  wing 
mean  aerolynamlc  chord,  was  especially  well  predicted  by  theory.  As  shown  In  Fig.  19, 
the  ac  location  is  constanr  over  the  subsonic  range,  and  shifts  rearward  about  25%  from 
subsonic  to  supersonic  3p'»r;ds. 
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3.5  Test  Case  5:  CF-10A  Aircraft 

The  CF-ldA  Hornet  la  a  single-place,  twin-engine  supersonic  f 1 ght e r / a t tack  aircraft 
built  by  McDonnell  Douglas  Corporation.  Its  conf Iguration  la  characterized  by  a 
lald-wing  with  a  large  highly  swept  leading-edge  extension,  all-iaovlng  horizontal  tail 
surfaces  and  twin  vertical  tails.  The  wing  is  aoderately  swept  (20°  at  c/4)  and  its 
aspect  ratio  Is  equal  to  3.5.  The  finite  elenent  grid  which  was  used  to  approxloate  the 
aircraft  configuration  planform  is  shown  In  Fig.  22.  Planfora  subsonic  and  supersonic 
load  distributions  were  computed  for  unit  angle  of  attack  and  horizontal  tail  control 
deflection  cases.  Longitudinal  aerodynamic  characteristics  were  determined  by 
integration  of  the  load  distributions.  Computed  values  of  the  aircraft  lift-curve  slope 
and  aerodynamic  center  are  given  in  Table  IT  at  M«1 . 2  and  1.6,  for  which  wind  tunnel 
data  was  available  (Ref.  II).  As  shown  in  this  table,  the  discrepancy  between 
theoretical  and  experimental  data  Is  less  than  5Z  for  the  lift-curve  slope.  Also,  the 
location  of  the  aerodynamic  center  was  predicted  within  lOt  of  the  wing  mean  aerodynamic 
chord.  The  aircraft  theoretical  Incremental  pressure  coefficient  distribution  due  to  a 
one  degree  deflection  of  the  horizontal  tail  surfaces  is  shown  in  Fig.  23  for  a  low 
speed  condition.  Experimental  horizontal  tail  power  data  was  available  only  for  this 
condition.  Computed  horizontal  tall  control  effectiveness  and  power  coefficients  are 
given  in  Table  HI  and  compared  to  Che  experimental  data.  The  comparison  shows 
excellent  agreement  between  theoretical  and  experimental  data,  the  discrepancy  between 
the  two  sets  of  data  being  less  than  52. 


TABLE  11 

FAD  Code  Validation  Test  Case  5 
CF-18A  Aircraft 

Supersonic  Lift-Curve  Slope  and  AC 


data 

Ct  (deg 

M-1  .  2 

) 

M-l  .6 

ac 

M-l  .2 

T. 

1  u 

Theory 

0.  too 

0.075 

49 

64 

'/Ind  Tunnel 

0.100 

0.072 

58 

58 

X  Discrepancy 

4 

9 

6 

TABLE  HI 

PAD  Code  Validation  Test  Case  5 
CF-IBX  Aircraft 

Low  Speed  Horizontal  Tall  Power 


DATA 

Cl.  (deg'*) 

c™.  (aeg-h 

heory 

0.0146 

-  0.0175 

Wind  Tunnel 

0.0150 

-  0.0180 

%  Discrepancy 

3 

3 

4.  CORCLUDIRG  REMARKS 

A  computational  fluid  dynamics  code  has  been  described  and  some  test  cases  which 
where  used  for  its  validation  have  been  presented.  The  combination  of  small 
perturbation  theory  and  finite  element  techniques  has  been  shown  to  provide  valid 
results  in  the  subsonic  and  supersonic  speed  regimes  for  simple  and  complex 
configurations  at  low  Incidences.  Limitations  at  transonic  speeds  and  at  high  angles  of 
attack  have  been  discussed.  Based  on  Che  results  of  Che  valldaclon,  It  is  concluded 
Chat  this  CFD  code  can  be  used  with  confidence  durl  g  t^^e  exploratory  phase  of  a 
project,  to  predict  some  of  the  aerodynamic  characterls'  Ics  of  flight  vehicles  of  fairly 
complex  shapes  such  as  guided  weapons  and  supersonic  fighter  aircraft. 
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•  VEHICLE  CONFIGURATION 
plan  view  i  SIDE  VIEW 

WING  camber  s  twist 
incidence 

CONTROL  OEFLECTION 

•  flight  CONDITION 


OOWNWASH  MATRIX,  (W^p 


I 


AIC  MATRIX. 

PANEL  FORCE  MATRIX,  (L,) 

LONGITUDINAL  AND  UTERAl 
STABILITY  derivatives 

FIGURE  I  -  FAD:  Finite  element  aerodynamics  program 
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FIGURE  7 


-  ONERA  M6  wing  planfora  pressure  dlstrlbutl 


FIGURE  S  -  ONERA  M6  wing 
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FIGURE  14  -  Gui<ted  weapon  normal  force  slope  vs  Mach  number 


FIGURE  15  -  Guided  weapon  canard  control  power  vs  Mach  number 
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FIGURE  18  -  NASA  cruise  tnisslle  model  llffcurve  slope  vs  Mach  number 
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FIGURE  19 


NASA  cruise  missile  model  aerodynamic  center  vs  Mach  number 
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FIGURE  20  -  NASA  cruise  missile  model  sideslip  force  derivative  vs  Mach  number 
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FIGURE  21 


NASA  cruise  missile  model  lateral  center  of  presaure  vs  Mach  number 


FIGURE  23  -  CP-18A  aircraft  pressure  distribution  due  to  horizontal  tall  deflection 
M=0.4,  a-O, 
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A  comparison  of  a  revised  BGK  code,  GRUMFOIL,  and  the  DRELA  code  from  MIT  (modified  by 
Boeing)  is  here  presented.  The  results  are  compared  against  experimental  data  for  four  different 
airfoils  with  relative  thickness  from  10%  to  21%. 

Nomenclature 

b  tunnel  width 

c  chord  (12"  for  16%  airfoil,  otherwise  10") 

Cq  drag  coefficient 

Cq  viscous  drag  in  GRUMFOIL 

drag  measured  by  traversing  the  wake 
Cj^  lift  coefficient 

CLj  lift  coefficient  measured  by  Che  balance 

Cr  corrected  lift  loefficient 

pressure  integrated  lift  coefficient 
quarter  chord  pitching  moment 
Cp  pressure  coeffici-^nt 

Cp  corrected  pressure  coefficient,  also  Cp  ^ 

Cp  pressure  coefficient  corrected  according  to 
Murthy 

H  boundary  layer  shape  factor 

k  parameter  used  in  sidewall  correction 

1 .  Introduction 

This  paper  shows  a  comparison  of  three  different  two-dimensional  transonic  airfoil  theories 
and  compares  them  to  experimental  data  obtained  in  the  NAE  1.5  m  *  1.3  m  blowdown  wind  tunnel  with 
a  38  cm  wide  2-D  Insert.  Four  different  airfoils  of  10,  13,  16  and  21%  maximum  thickness  are 
considered  in  the  study. 

Previous  comparisons  made  at  NAE  have  been  made  using  a  revised  Bauer,  Garabedian  and  Korn 
(BGK)  [1]  code.  The  comparison  of  theory  and  experiment  after  applying  an  upper  and  lower  wall 
correction  has  always  looked  fairly  reasonable  in  most  cases,  even  though  BGK  uses  the  non¬ 
conservative  formulation.  Recently,  however,  GRUMFOIL  (2,3)  was  made  available  to  NAE  through  a 

cooperative  project  with  NASA,  Langley  on  the  CAST  10  airfoil.  We  were  therefore  interested  in 

studying  the  predictive  capability  of  GRUMFOIL  for  our  current  four  airfoils.  Lynch  [A, 3]  had 
previously  compared  GRUMFOIL  results  against  Douglas  data  obtained  in  the  NAE  tunnel  and  had  found 
good  agreement  if  a  four  wall  correction  procedure,  due  to  Murthy  (6),  was  applied  to  the  wind 
tunnel  results.  The  necessity  for  the  four  wall  correction,  rather  than  the  standard  upper  and 
lower  wall  correction  only  (7J,  is  not  clear  since  the  sidewall  boundary  layer  growth  is  control¬ 
led  in  the  NAE  tunnel  by  applying  sidewall  suction  close  to,  and  around,  the  airfoil.  The  suction 

is  intended  to  control  the  boundary  layer  so  that  it  is  roughly  parallel  to  the  sidewalls  and 
hence  keep  the  flow  two-dimensional .  This  two-dioenslonality  has  been  confirmed  many  times  with 
flow  visualisation.  Nevertheless,  in  order  to  be  consistent  with  Lynch's  analysis  we  have  here 
applied  the  same  four  wall  correction  when  comparing  with  GRUMFOIL. 

The  third  code  used  in  the  comparison  is  an  HIT  code  due  to  DRELA  [8,9]  and  modified  by 
Boeing  Commercial  Airplane  Co.  (10).  This  is  a  full  Euler  code  with  boundary  layer  accounted  for 

by  the  displacement  thickness.  With  this  code  it  was  also  found  necessary  to  apply  the  four  wall 

correction  procedure  in  order  to  obtain  a  meaningful  match  of  theory  and  experiment.  A  major 

feature  of  the  DRELA  code,  unlike  the  others,  is  the  inverse  design  capability,  which  is  easy  to 

use  and  is  consistent  with  the  analysis  mode  -  making  It  a  powerful  tool  for  airfoil  development. 


kjij  parameter  used  in  sidewall  correction 

Me  Barwell's  sidewall  corrected  Mach 

number 

M^  ^  Murthy’s  sidewall  corrected  Mach 
number 

M.J.  tunnel  Mach  number 

M^  frccstrcam  Mach  number 

Pq  stagnation  pressure 

p^  freestream  static  pressure 

R^  chord  Reynolds  number 

X  chordwise  distance 

a  angle  of  incidence 


8>v  boundary  layer  thickness 
Aa  o  correction 

AM  Mach  number  correction  {M^  »  My+AM) 
AHjjj  sidewall  correction  to  Mach  number 
according  to  Murthy 
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The  four  Airfoils  used  in  the  cooparison  were  designed  over  the  past  several  years  beginning 
with  the  thicker  foils  (16  and  21X).  At  that  tlse  MAE  and  deHavilland  were  interested  in  thick 
wing  supercritical  wing  technology  at  a  lift  coefficient  of  about  0.6.  They  were  designed  with 
slightly  favourable  pressure  gradients  up  to  the  shock  so  that  laninar  flow  would  be  encouraged. 
They  were  also  designed  to  have  good  drag  perforsMnce  under  turbulent  flow  conditions.  The 
earlier  results  were  encouraging  enough  to  proopt  a  design  of  the  thinner  10  and  13%  sections. 

Cooplete  tests  of  all  four  airfoils  were  made  for  Reynolds  numbers  from  about  6  million 
(based  on  chord)  up  to  20  million  and  for  a  Hach  number  range  from  about  0.2  to  beyond  drag  rise. 
Lift  coefficients  from  zero  to  post  Cr  were  covered  in  most  cases. 

^max 

Since  the  NLF  feature  of  these  airfoils  was  the  main  part  of  the  study,  very  few  transition 
fixed  runs  were  made  for  the  thinner  airfoils  (perhaps  6  runs  for  each).  However,  rather  than 
assess  the  airfoil  codes  under  more  complicated  transition  free  cases,  we  decided  in  this  paper  to 
concentrate  solely  on  the  transition  fixed  data.  The  computer  codes  were  then  much  more  robust 
and  results  could  be  obtained  relatively  easily.  Transition  was  fixed  in  all  cases  at  7%  and  15% 
chord  on  the  upper  and  lower  surfaces  respectively. 


Similar  comparisons  to  those  made  here  were  reported  in  a  recent  viscous  transonic  airfoil 
workshop  [11).  Several  computer  codes  were  compared  with  experimental  data.  ThubC  codes  included 
inviscid-boundary  layer  coupling  methods  including  GRUHFOIL  and  ISES  (DRELA  and  Giles)  and  a  non¬ 
conservative  code  by  Oesal  and  Rangarajan  (12).  Also  several  Navier-Stokes  codes  were  included. 
The  experimental  data  was  taken  from  tests  on  NACA0012  and  RAE2822.  Also  a  'Jones'  airfoil  was 
included  for  which  there  was  no  experimental  data. 

In  his  concluding  remarks  on  the  workshop  (11)  Holst,  rather  wisely,  left  specific  conclu¬ 
sions  about  which  aiethods  are  superior  or  inferior  to  the  reader.  The  only  obvious  conclusion 
apparent  to  the  present  authors  is  that  the  non-conservative  formulation  (12),  similar  to  BGK  in 
that  respect,  generally  showed  a  trailing  edge  pressure  that  was  too  high.  This  is  confirmed  by 
our  own  experiences  as  shown  later. 

The  present  paper  starts  by  describing  the  airfoil  computer  codes.  The  geometry  of  the  four 
airfoils  is  then  outlined  followed  by  a  description  of  the  wind  tunnel  facility.  Next  an  inter¬ 
esting  aiethod  for  extracting  experimental  wave  drag  and  viscous  drag  is  presented  and  finally 
results  of  the  comparison  are  given. 


2.  THE  THREE  AIRFOIL  COOES 

The  first  code  used  (1)  is  that  developed  by  Bauer,  Garabedian  and  Korn,  which  was  later 
modified  to  include  Jameson's  fast  solver  method.  The  method  is  non-conservative  and  uses,  in  our 
case,  Green's  lag  entrainment  boundary  layer  method  (13)  for  the  turbulent  flow  and  a  compressible 
Thwaites  method  for  laminar  flow.  This  is  in  contrast  to  the  original  code  which  used  the  Nash- 
MacDonald  theory  with  no  allowance  for  laminar  boundary  layer  growth.  The  viscous  effects  are 
simulated  by  boundary-layer  displacement  additions  to  the  airfoil  surface  while  the  wake  is 
modelled  as  a  constant  thickness  extension  of  the  trailing  edge.  An  iterative  inviscid-boundary 
layer  approach  is  used  on  both  a  coarse  and  fine  mesh,  the  latter  having  161  points  on  the 
airfoil.  Due  to  the  code  being  non-conservative  mass  is  created  at  the  shock  but  a  mass-flux 
correction  is  applied  to  the  drag.  This  code  will  be  designated  BGK  for  future  reference  in  the 
paper . 

Melnik's  GRUMFOIL  code  [2,3]  was  also  used  in  the  comparison.  This  is  a  fully  conservative 
formulation  using  a  modified  Green's  lag-entrainment  method  and  Thwaites'  integral  method  for  the 
laminar  flow  up  to  transition.  The  turbulent  boundary  layer  solution  employs  Carter's  semi¬ 
inverse  scheme  and  a  revised  form  of  Green's  method  which  is  used  on  the  airfoil  and  is  continued 
into  the  wake.  The  wake,  wake  curvature  effects  and  the  interaction  effects  at  the  trailing  edge 
are  all  incorporated  into  the  code  although  the  analysis  is  strictly  true  only  for  airfoils  with 
cusped  trailing  edges.  A  surface  source  velocity  me  '  s  used  to  account  for  boundary  layer 
effects.  In  order  to  be  specific  in  the  options  used  ih  G'^UMFOIL  they  were:  IHIHB  *  3,  IMCE  « 
2  and  ICF  =  2  (as  Identified  In  Ref.  3). 

The  final  code  used  was  the  Drela  code  (8)  (referred  to  *s  DRL  on  the  graphs  but  also  known 
as  ISES  (9)).  This  code  was  developed  by  Drela  as  a  Ph.D.  thesis  at  H.I.T.  Its  use  was  made 
available  to  the  present  authors  through  the  courtesy  of  the  Boeing  Commercial  Airplane  Company  in 
Seattle.  The  Boeing  version  of  the  code  is  slightly  different  to  the  original  version.  In  the 
original  form  Drela  solves  the  full  Euler  equations  but  in  a  streamline  coordinate  system  which 
has  the  advantage  of  reducing  the  number  of  unknowns  per  grid  node  from  four  to  two.  In  the 
supersonic  zone  artificial  dissipation  Is  included  by  using  upwinded  velocities.  The  turbulent 
boundary  layer  and  wake  region  are  solved  from  the  compressible  momentum  Integral  formulation  with 
a  lag-dissipation  closure.  In  the  laminar  region  a  two-equation  model  is  used  rather  than  the 
more  usual  Thwaites'  one-equstion  model;  th.^s  is  shown  to  give  better  accuracy  than  the  latter 
when  compared  to  a  full  finite  difference  solution.  Transition  is  predicted  using  a  spatial 
amplification  theory  based  on  the  Orr-Sonmerfeld  equation.  The  program  does  not  model  the  shock¬ 
boundary  layer  interaction  explicitly  nor  does  it  account  for  the  wake  curvature  aft  of  the  trail¬ 
ing  edge.  Displacement  thickness  addition  is  used  to  account  for  the  boundary  layer. 

Drela  solves  the  entire  equation  set  including  the  Inviscid,  viscous  and  matching  conditions 
as  a  coupled  system  by  a  global  Newton  method.  In  practice  the  method  is  quite  efficient  (about 
one  minute  on  a  Cray  2)  and  fairly  robust  particularly  when  doing  a  sweep  of  a  or  values. 


In  their  modification  of  the  code  Boeing  [10]  have  incorporated  a  better  modelling  of  the 
dissipation  coefficient  in  the  integral  turbulent  boundary  layer  equation.  They  show  that  their 
improvement  gives  better  agreement  with  experiment  than  the  original  code  and  also  they  show 
improvement  over  BGK  results  CProgtam  H,  ref  1)  when  a  comparison  is  made  for  several  airfoils 
including  RAE  2d22. 


3.  THE  FOUR  AIRFOILS 

The  four  airfoils  under  study  (Fig.  1)  were  designed  jointly  by  NAE  and  deHavilland.  The 
study  of  this  family  of  natural  laminar  flow  airfoils  has  been  continuing  since  1982.  References 
14,  IS,  and  16  describe  some  of  the  work  carried  out  on  the  16  and  21%  airfoils  while  a  report  to 
be  shortly  released  covers  the  total  series  (17]. 

The  airfoils  are  of  10,  13,  16  and  21%  maximum  thickness  to  chord  ratios,  designated  NAE 
80-060-10(1),  NAE  76-060-13(1),  NAE  72-060-16(1)  and  NAE  68-060-21(1)  respectively.  The  digits 
express  design  conditions  for  Mach  Number,  lift  coefficient  and  maximum  thickness  to  chord  ratio. 
They  were  all  designed  using  the  modified  BGK  (1]  computer  code  with  user  interaction  to  modify 
the  profile  shapes  such  that  the  pressure  distributions  in  the  'roof  top'  regions  were  relatively 
flat  or  favourable.  This  was  expected  to,  and  did,  give  gradients  favourable  enough  to  encourage 
natural  laminar  flow  leading  to  very  low  drag  figures  (16).  Design  pressure  plots  are  shown  in 
Fig.  2. 

The  majority  of  the  tests  were  done  with  free  transition  but  a  comparison  of  the  codes  using 
fixed  transition  only  is  covered  in  this  paper.  This  is  considered  as  a  starting  point  for 
further  investigation  with  free  transition  conditions.  We  fixed  transition  strips  at  0.07  x/c  on 
the  upper  surface  and  at  0.15  x/c  on  the  lower  surface.  This  fixing  was  done  using  ^^320  grit  on  a 
strip  about  I/IO"  chordwise . 

Some  features  to  note  in  the  geometry  of  the  four  airfoils  are  firstly  the  trailing  edge 
thickness  which  is  0.5%  in  the  earlier  designs  i.e.  the  16  and  21%  foils  while  it  is  0.2%  and  0.1% 
for  the  later  designs  i.e.  the  13  and  10%  foils.  This  very  thin  trailing  edge  was  considered 
advantageous  in  drag  reduction  for  NLF  airiwil  design.  The  second  feature  to  note  is  the  trailing 
edge  angle  which  is  6.4®,  6.4®,  9.0®  and  11.4®  for  the  10,  13,  16  and  21%  foils  respectively. 
Clearly  GRUMFOIL,  which  is  accurate  only  for  small  trailing  edge  angles,  may  have  problems  with 
the  latter  two  airfoils. 


4.  THE  EXPERIKENTAL  FACILITY 

All  the  airfoil  experiments  were  carried  out  in  the  NAE  1.5  m  >:  1.5  m  wind  tunnel  with  a  38 

cm  1.5  m  2-D  insert  (Fig.  3).  Sidewall  suction  is  applied  to  control  the  boundary  layer  growth 

on  the  tunnel  sidewalls  and  so  give  good  two  dimensional  flow.  The  tunnel  interference  effects  of 
the  porous  top  and  bottom  walls  are  accounted  for  by  using  Mokry  and  Ohman's  theory  (7).  The  tun¬ 
nel  is  capable  of  high  Reynolds  number  operation  due  to  the  high  pressures  that  can  be  attained. 

Further  information  can  be  found  in  References  18  and  19. 

4.1  WALL  CORRECrriON  PROCEDURES 


Our  standard  NAE  correction  procedure  is  based  solely  on  the  top  and  bottom  wall  corrections 
of  Mokry  and  Ohman  (7).  We  surmise  that  this  procedure,  although  essentially  only  for  top  and 
bottom  wall  effects  also  includes  any  residual  (after  suction)  sidewall  effects  since  these  would 
change  the  vortex  strength  (from  the  lift)  and  be  noticeable  in  the  far  field  solution  which  is 
used  in  Mokry  and  Ohman’s  theory.  So  far  this  has  yielded  satisfactory  data  which  has  compared 
reasonably  well  with  the  BGK  code  for  some  airfoils. 


However,  it  is  known  (20)  that  GRUMFOIL  and,  it  transpired,  the  DRELA  code  require  an  extra 
correction  to  the  Mach  number  M^  to  provide  satisfactory  agreement  with  experimental  data.  Lynch 
made  a  thorough  study  (4,5]  of  Douglas  data  from  the  NAE  tunnel  and  compared  to  GRUMFOIL  and  BGK, 
with  the  conclusion  that  a  four  wall  correction  procedure  based  on  Murthy's  work  [6,7]  gave  an 
extra  AM  and  so  obtained  a  good  comparison  of  theory  and  experiment  with  GRUMFOIL.  BGK  results, 
using  the  two  wall  correction,  were  not  so  good. 


The  four  wall  correction  procedure  used  by  Lynch  and  developed  by  Murthy  is  based  on  the 
earlier  work  of  Barnwell  (21]  and  Sewall  (22).  The  so  called  sequential  procedure  has  been 
applied  by  Kemp  [23]  and  Murthy  (6].  In  this  procedure  the  freestream  tunnel  Mach  number  is  modi¬ 
fied  for  the  sidewall  boundary  layer  growth  according  to  the  formula 


c,b 


(i-n; 


c  ,b 

,  -  .,2. 

k  -  —  (2*ij  M^) 


(1) 


The  boundary  layer  properties  6^  and  H  are  measured  along  the  empty  tunnel  sidewall  at  the  model 
location.  Barnwell  and  Sewall  also  modify  the  pressure  coefficients  by  a  factor 
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and  correspondingly  modify  force  and  moment  coefficients,  in  particular  C^.  TTiese  modified  and 
Cp  wall  values  are  then  used  to  compute  the  top  and  bottom  wall  interference  corrections.  Kemp 
(23)  uses  the  TWINTAN  small  disturbance  code. 


Murthy  (6]  extended  Barnwell  and  Sewall's  theory  for  the  sidewall  boundary  layer  correction 
to  allow  for  a  more  realistic  variation  of  the  boundary  layer  induced  spanwise  velocities.  His 
theory  leads  to  the  correction  formula. 


(1+k) 


1/2 


(2) 


Murthy  states  that  this  la  valid  from  subsonic  to  transonic  sp>eeds  and  agrees  with  Barnwell-Sewall 
correction  at  transonic  speeds  for  small  values  of  k.  Now  k  in  the  NA£  tunnel  is  fairly  constant 
(little  variation  with  Hj)  and  has  a  value  of  about  0.04.  Thus  in  our  case  the  Barnwell-Sewall 
correction  to  Mach  number  would  be  typically  -0.017  while  Murthy  would  give  about  -0.014. 


In  addition  to  computing  the  corrected  Mach  number  from  (2)  Murthy  also  corrects  pressures 
and  forces  by  the  factor 

1/2 

(t+k)  for  subsonic  speeds 

(1+k)^^^  for  transonic  speeds  (3) 


Unfortunately  in  the  wind  tunnel  environment  we  cannot  correct  Hq>  and  Cp  independently  since 
Cp  is  determined  from  a  static  pressure  measurement  pg,  a  stagnation  pressure  Pq  and  a  corrected 
Mach  number  as  follows.  Freestream  static  and  dynamic  pressures  become 


^  w.J,  „2x3.5 


q  =  0.7  p  M^ 
^•,c  ‘^•.c  c 


P.c 


-  Ps  -  P-.c 

'>-.c 


Comparing  the  corrected  Cp  to  the  uncorrected  value  (Cp  gives 

S.c  '  ''  S.T  *  ® 

J  .,2  3.5 


2^12^ 


M  m2, -3-5 

(1*5  a^) 


(i4a^-2-5 


0.7  (l4 


(4) 


Clearly  the  Cp  correction  from  (4)  is  quite  different  to  that  of  Murth>’i.  (3)  since  (4)  involves  a 
shift  as  well  as  a  scaling.  Numerically  B  is  about  -0.034  (M-j*  *  0.8,  =  0.785)  which  seems  to 
be  a  significant  amount.  Likewise  A  is  about  1.023.  In  contrast  Murthy's  factor  is 
1.013.  This  shows  that  there  is  a  significant  difference  between  Murthy's  Cp  correction  formula 
and  the  true  wind  tunnel  correction  for  Cp.  One  can  see  that  for  Cp  y  =  -1  for  example  (close  to 
a  'rooftop'  value)  the  following  values  would  be  obtained. 


Thus  it  is  doubtful  to  the  present  authors  that  the  Murthy  corrections  to  Cp  are  consistent 
(except  for  first  order  small  perturbation  theory)  since  a  correction  to  freestream  Mach  number 
must  lead  to  a  scaling  and  shifting  of  the  Cp  data. 

Now  if  the  Cp  values  were  to  be  modified  according  to  (4)  i.e.  consistent  with  a  corrected 
Mach  number,  we  could  then  compute  corrected  rail  pressures  and  corrected  lift.  Then  following 
the  sequential  approach  of  Murthy  (6)  and  others  (23),  we  could  then  apply  corrections  to  account 
for  the  upper  and  lower  walls.  The  method  of  correction  at  NAE,  due  to  Mokry  and  Ohman  (7], 
involves  a  fast  Fourier  transform  to  compute  AH  and  Aa. 
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However,  making  such  a  sidewall  correction  to  and  Cp  ^  the  rails  will,  in  Hokrys 
theory,  produce  the  same  final  result  as  if  no  sidewall  correction  had  been  applied.  This  pro¬ 
perty  is  known  as  autoconvergence  or  autocorrective  and  has  been  noted  previously  (GARTEUR  action 
group  [24]).  As  a  check  that  this  property  does  hold  in  practice  with  actual  data  we  computed  one 
case  with  differing  Hj..  The  results  of  this  are  shown  in  Table  1.  It  can  be  seen  that  the  final 
Mach  number  in  case  A  is  0.763  while  in  case  B  it  is  0.764.  Thus  in  practice  the  autocorrective 
feature  is  confirmed  to  within  0.001  of  Mach  number. 

It  appears  then  that  sequential  approach  of  Murthy  (6|  will  not  change  the  final  corrected 
Mach  number  obtained  after  applying  Mokry's  top  and  bottom  wall  correction  procedure.  Lynch  (4] 
in  his  comparison  of  NAE  wind  tunnel  data  assumed  the  correction  due  to  Murthy  was  simply  additive 
to  the  top  and  bottom  wall  correction  of  Mokry.  This  implied  that  an  extra  correction,  possibly 
due  to  local  sidewall  boundary  layer  thinning  in  front  of  the  airfoil,  of  about  0.014  is  also  sub¬ 
tracted  from  M^  as  well  as  Mokry's  AM  which  is  also  of  order  0.014  for  higher  lift  cases.  Fig.  4 
show.s  the  correction  to  Mach  number  according  to  Murthy's  formula  based  on  NAE  6*  and  K  measure¬ 
ments.  These  were  used  in  comparisons  shown  later. 


Lynch  (4|  corrected  the  Cp  surface  values  by  first  using  Mokry's  correction  to  AM  (as  in 
equation  (4))  and  then  scaled  Cp  according  to  the  apparently  inconsistent  formula 

S.n,  =  S.T  (5) 

The  reason  for  using  the  power  1/2  rather  than  Murthy’s  1/3  in  transonic  cases  is  not  clear. 

Lynch  showed  very  good  a^  *'ement  between  his  experimental  data  and  results  of  GRUMFOIL.  We  will 
be  doing  a  similar  comparison  in  this  paper  to  try  and  repeat  Lynch's  good  agreement  for  our  air¬ 
foils,  albeit  in  the  knowledge  that  the  scaling  (5)  is  not  consistent. 


It  is  worth  noting  that  Murthy  (2.‘;i  later  modified  his  theory  to  account  for  the  finite 
aspect  ratio  of  the  model  width  to  chord.  In  this  case  the  k  given  in  (1)  is  modified  Lw  tc 


where 


m  b 

I,  - 

‘'2  t 


,1  2 
K  ^  sinh  k- 


Murthy  recommenUs  using  the  length  scale  t  equal  to  2c.  Numerically  this  has  the  effect  of  making 
k^  about  0.03  (k  *  0.04)  and  reducing  the  Mach  Number  correction  from  about  0.014  to  about  0.011. 


5.  EXTRACTION  OF  VISCOUS  DRAG  AND  WAVE  DRAG 

Elfstroffl’s  symmetric  wake  approach  (26)  is  used  to  extract  the  individual  wave  drag  and  vis¬ 
cous  drag  contributions  to  the  total  drag.  This  method  assumes  that  the  unequal  momentum  deficit 
coming  from  the  upper  and  lower  surfaces  of  the  airfoil  quickly  interact  through  high  viscous 
shearing  forces  to  produce  a  symmetrical  wake  pattern,  provided  that  there  are  no  shock  waves  pre¬ 
sent.  This  assumption  was  validated  by  both  Lynch  (4)  and  the  present  authors  by  examining  many 
profiles.  Typical  examples  are  shown  in  Fig.  5.  Scans  2  through  5  are  almost  symmtric  about  the 
peak  and  thus  indicate  very  little  drag  due  to  the  shock  wave.  This  is  confirmed  by  looking  at 
the  pressure  plots,  Fig.  6,  which  show  no  shocks  Or  very  weak  ones  for  these  scans. 

A  further  assumption  is  made  that  the  momentum  deficit  due  to  the  shock  wave  is  not  spread 
out  appreciably  by  the  viscous  shearing  forces  but  rather  produces  a  'tail'  in  the  wake  drag  curve 
as  shown  in  Fig.  5.  Thus  by  subtracting  the  symmetrical  part  of  the  drag  (usually  twice  the  lower 
side  contribution)  from  the  total  wake  drag  one  can  evaluate  the  wave  drag.  Table  2  shows  the 
breakdown  of  total  drag  into  viscous  and  wave  drag  for  the  same  cases  as  Fig.  5. 

A  comparison  is  made  later  on  of  the  viscous  and  wake  drag  contributions  from  the  three  codes 
and  compared  to  experimental  data  extracted  as  outlined  above.  To  extract  the  two  contributions 
from  the  theories  we  used  the  authors'  methods  as  follows. 

For  the  BGK  code  the  wave  drag  is  computed  according  to  Garabedian's  formula  given  in  Ref.  27 
(as  incorporated  in  Program  H  and  modified  in  SCWHI  (I)).  The  boundary  layer  effects  though  are 
canputed  using  Green's  boundary  layer  method  (13),  rather  than  Nash-MacDonald  in  the  original 
code.  The  viscous  drag  In  the  BGK  code  is  computed  from  the  Squire-Young  formula. 

In  GRUMFOIL  (2,3)  Cjj  is  computed  from  integration  of  pressure  and  skin  friction  over  the  air¬ 
foil  surface.  The  viscous  drag  is  denoted  by  and  is  computed  from  the  wake  momentum  thickness 
far  downstream  (i.e.  28^).  It  is  stated  (2)  that  the  difference  between  Cp  and  Cp  is  a  relative¬ 
ly  accurate  measure  of  the  wave  drag.  Thus  we  use  Grumfoil's  Cp  and  Cp-Cp  to  represent  the 
viscous  and  wave  drags  respectively. 

In  the  DRELA  code  (8)  the  total  drag  is  calculated  from  the  momentum  deficit  obtained  by 
integrating  vertically  at  a  station  far  downstream.  The  integration  includes  the  viscous  wake 
effect  as  well  as  the  'entropy'  wake  due  to  the  shock.  To  compute  the  drag  due  to  the  shock  wave 
alone  a  similar  Integration  is  made  using  local  stagnation  conditions.  In  this  case  we  define 
'viscous'  drag  as  the  difference  between  total  drag  and  wave  drag. 
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h .  RESULTS 

6.1  PRESSURE  DISTRIBUTION  AND  DRAG 

Firstly,  the  codes  and  their  operating  conditions  are  sumarized  below. 

BGK  -  same  and  Cj^  as  experimental  and 

GRM  (GRUMFOIL)  -  determined  by  applying  an  extra  AM  to  see  Fig.  A.  This  correction  is  due 
to  Murthy  [6]  and  was  used  by  Lynch  (4).  It  is  thought  to  be  due  to  sidewall  boundary  layer 
effects  near  the  airfoil.  This  phenomenon  is  currently  under  study  at  NAE. 

The  lift  Is  obtained  by  r^caling  C,  by  Experimental  pressures  Cp  are  also  scaled 

•^c  c 

by  the  same  factor.  As  pointed  out  earlier  the  present  authors  consider  this  inconsistent;  how¬ 
ever  Lynch  (4]  did  show  good  agreement  with  GRUMFOIL  when  using  this  scaling. 

DRL  (Drela  modified  by  Boeing) 

The  same  adjustments  to  and  were  made  as  for  GRUMFOIL.  Note  that  small  differences  may 
sometimes  appear  due  to  slightly  different  interpretation  of  AM^^. 


Now,  using  the  above  scaling  of  Cp  yields  different  experimental  data  (Cp  for  BGK  but 

^c  c 

(l-*k)^/^Cp  for  GRM  and  DRL)  thus  making  plots  on  the  same  graph  difficult.  To  get  around  this 
problem  we*^simply  use  the  same  Cp  (experimental)  on  the  graph  but  scale  the  results  of  GRM  and 
DRL  by  (1+k)'^''^. 

On  the  plots  to  follow  the  notation  below  has  been  used. 

M  freestream  Mach  number.  Mokry  and  Ohman  correction  for  the  experiment  and  BGK.  A  further 

AM  correction,  possibly  sidewall,  for  GRM  and  DRL. 

CLP  pressure  integrated  lift  value.  For  GRM  and  DRL  scaled  by  (1+k)^'^^. 

RN  scaled  by  approximately  «-  for  GRM  and  DRL 

ALP  angle  of  incidence  corrected  by  Mokry  and  Ohman  formula  (7),  BGK,  GRM  and  DRL  computed  to 
keep  the  lift  at  the  required  value  (corrected  as  above). 

CMP  pitching  moment  from  pressure  integration 

CDW  drag  due  to  the  shock  wave  (see  earlier  section) 

CDNV  drag  due  to  viscous  effects  (total  drag  minus  CDW) 

CDT  total  drag 

NMAX  maximum  Mach  number  on  the  upper  surface 
HSK  Mach  number  before  the  shock 
XSH  location  of  shock  wave,  taken  where  =  1.1 
NAE  80-060-10  (1) 

A  typical  almost  shockless  result  is  shown  in  Fig.  7  and  a  supercritical  result  in  Fig.  B. 

It  can  be  seen  that  GRUMFOIL  and  DRELA  give,  in  the  weak  shock  case,  a  better  prediction  of  sur¬ 

face  pressures.  BGK  shows  lower  Cp's  on  the  upper  and  lower  surfaces  and  higher  pressures  in  the 
'cove'  region  on  the  lower  surface  as  well  as  a  higher  trailing  edge  Cp.  In  the  supercritical 
case  GRUMFOIL  gives  the  best  prediction  of  shock  location  and  is  generally  good  overall.  BGK 
shows  a  post  shock  acceleration  which  is  typical  in  other  cases  also. 

As  the  lift  is  increased  just  beyond  the  linear  portion  of  Cj^-a  it  can  be  seen  (Fig.  9)  that 

GRUMFOIL  Is  generally  good  except  for  a  strong  overshoot  aft  of  the  shock.  The  DRELA  code  in  this 

case  predicts  the  shock  too  far  forward  while  BGK  Is  fairly  representative  of  the  pressure  distri¬ 
bution  except  for  post  shock  behaviour  and  the  usual  lower  surface  'cove*  region  overprediction 
and  trailing  edge  pressure  too  high. 

In  order  to  draw  global  conclusions  about  the  comparison  of  the  codes  with  experiment  we 
present  In  Fig.  10  charts  which  show  MSK,  XSH,  MHAX,  CDT,  CDW  and  CDNW  plotted  with  experimental 
values  vertically  and  theoretical  values  horizontally.  An  exact  match  would,  of  course,  have  all 
the  points  on  the  45*  line.  Note  that  MSH  is  not  always  easy  to  ascertain  as  the  theoretical 
shock  is  spread  over  3  mesh  points  and  there  may  be  pressure  variation  just  prior  to  the  shock; 
likewise  in  the  experiment  there  may  be  some  amounts  of  scatter.  On  the  other  hand  XSH  and  MMAX 
are  well  defined  so  more  trust  can  be  put  in  these  comparisons.  Looking  at  the  results  for  MMAX 
is  it  clear  that  GRM  is  the  best  with  the  other  two  codes  underpredicting  maximum  Mach  number. 
Also  GRM  gives  very  good  shock  wave  predictions  except  for  shocks  at  around  60-70%. 

In  the  total  drag  comparison  BGK  and  DRL  are  generally  about  7  counts  too  low  while  GRM  shows 
more  scatter  with  a  mean  about  6  counts  too  high. 
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NAE  76-060-13(1) 

A  typical  comparison  of  Cp  is  shown  in  Fig-  11.  Again  BGK  shows  a  large  acceleration  after 
the  shock.  Both  GRM  and  DRL  show  very  good  agreement  in  this  case. 

Overall,  as  shown  in  Fig.  12,  GRM  and  DRL  appear  to  give  the  best  prediction  of  MMAX  and  XSH. 
For  total  drag,  BGK  is  about  12  counts  too  low,  DRI.  10  counts  too  low  and  GRM  again  shows  more 
scatter  and  is  about  8  counts  too  high. 


NAE  72-060-16(1) 

A  typical  comparison  is  shown  in  Fig.  13.  It  can  be  seen  that  BGK  is  still  predicting  too 
high  a  Cp  in  the  lower  surface  cove  region  and  at  the  trailing  edge;  the  post  shock  accelerai  •  t)n 
is  also  present,  but  this  shows  now  also  in  the  experiment.  GRM  seems  still  to  give  a  reasonable 
prediction  with  DRL  somewhat  further  from  the  exp>eriment. 

Overall  BGK  now  shows  a  prediction  of  XSH  and  MMAX  equally  as  good  as  GRM  (see  Fig.  14)  while 
DRL  seems  to  have  far  more  scatter  further  from  the  45®  line. 

Drag  scatter  is  in  this  case  far  greater  than  for  the  10  and  13!^  airfoils.  BGK  indicates 
levels  about  16  counts  too  low,  DRL  about  6  counts  too  low  while  GRM  is  very  scattered  but  with  a 
mean  close  to  the  45®  line. 

NAE  68-060-21(1) 

A  result  near  the  design  condition  is  shown  in  Fig.  15.  BGK  is  predicting  the  shock  too  far 
back  while  GRM  seems  to  give  a  fair  overall  pressure  prediction  (which  is  surprising  given  that 
the  airfoil  has  an  11.4®  trailing  edge  angle).  DRL  is  now  showing  a  larger  discrepancy  than 
previously  observed. 

However  at  lower  incidences  where  the  flow  is  only  just  supercritical  (Fig-  16)  it  can  be 
seen  that  both  GRM  and  DRL  do  a  poor  job  near  the  leading  edge  with  too  much  acceleration  on  the 
upper  surface  and  too  little  on  the  lower  surface-  Also  GRM  is  predicting  separation  at  the  start 

of  the  lower  surface  cove  at  about  60%  chord.  BGK  on  the  other  hand  is  generally  well  behaved 

except  for  over-prediction  in  the  lower  surface  cove  area. 

Because  of  the  poor  performance  of  the  codes  for  this  airfoil  overall  plots  were  not 
attempted. 

6.2  DRAG  RISE  PREDICTION 

For  the  10%  and  16%  air^  11s  there  was  sufficient  data  to  estimate  drag  rise  at  -  0.6,  see 
Fig.  17.  It  can  be  seen  that  drag  rise  prediction  is  very  good  for  both  airfoils  except  for  BGK 
being  somewhat  too  low  in  the  case  of  the  thicker  foil. 

GRM  is  consistently  high  in  drag  levels.  BGK  is  too  low  up  to  drag  rise  while  DRL  is  very 

good  for  the  16%  foil  but  too  low  in  drag  level  for  the  10%  airfoil. 


7.  CONCLUSIONS 

Three  theoretical  computer  codes  -  a  modiiied  BGK,  GIwMFOiL,  ami  the  DKli^a  ^ode  fiom  MIT 
(modified  by  Boeing)  -  have  been  used  and  the  results  compared  to  data  obtained  in  the  NAE  1.5  m  * 
1.5  m  wind  tunnel  facility.  Four  different  relative  thickness  airfoils,  ranging  from  10%  to  21%. 
were  considered  in  the  study.  Only  transition  fixed  cases  were  included. 

For  the  10  and  13%  airfoils  the  GRUMFOIL  code  seemed  to  give  the  best  prediction  when  scaling 
pressure  coefficients  and  lift  by  the  Murthy  factor  (l+k)^^^  and  also  changing  freestream  Mach 
number  again  by  Murthy’s  extra  correction.  This  extra  correction  may  be  due  to  sidewall  boundary 
layer  growing  or  diminial.Jng  along  the  sidewall;  this  is  currently  under  study  at  NAE.  The 
present  authors  do  not  agree  with  the  (l+k)^^^  scaling  of  the  pressure  coetf*oicnl  a  la  Murthy  1^.1, 
certainly  this  scaling  does  produce  a  good  prediction  from  the  GRUMFOIL  code  as  found  also  by 
Lynch  ( 4 ] . 

For  the  16%  airfoil  the  correlations  were  not  quite  as  good  as  for  the  thinner  foils;  BGK  and 
GRUMFOIL  showed  equally  well  in  the  comparisons. 

In  the  case  of  the  21%  airfoil  none  of  the  codes  was  satisfactory.  GRUMFOIL  showed  a  reason¬ 
able  prediction  near  the  design  condition  but  gave  a  poor  prediction  at  lower  lift  conditions 
particularly  near  the  leading  edge. 

Further  studies  are  being  undertaken  to  determine  whether  a  Mach  number  correction  due  to  the 
sidewall  boundary  layer  is  needed.  If  so,  then  correct  scaling  of  Cp  must  be  applied  and  further 
correlations  made. 

The  present  study  attempted  to  isolate  wave  drag  from  viscous  drag  following  the  process 
described  by  Elfstrom  f26J.  TTiis  may  be  a  useful  method  for  future  analysis  of  drag  components. 
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CASE  A.  RUN  32966 
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Ci 

Cm 

Uncorrected 

0.771 

3.39 

39.93 

0.704 

-0.0867 

Corrected 

0.763 

2.72 

39.41 

0.714 

-0.0879 

CASE  B.  RUN 

32966 

Unco»-rected 

0.7A8 

3.39 

38.39 

0.732 

-0.0902 

Corrected 

0.764 

2.69 

39.43 

0.714 

-0.0878 

TABLE  1.  Effect  of  Different  Hp  on  the  Top  and 
Bottom  Wall  Correction  Using  Mokry  and 
Ohman's  Theory  (7|. 


RUN 

PROBE  .  . 

.  DR.AC 

.  .  . 

SCAN 

Vise. 

A  VC. 

WAVE 

AVG. 

TOTAL  AVC 

31278 

0.0125 

0.C022 

0.0147 

31278 

2 

0.0118 

0.0016 

0.0134 

31278 

3 

0.0106 

0.0U6 

0.0013 

0.0017 

0.0120 

0.0133 

31278 

0.0109 

0.0002 

o.ono 

31278 

2 

0.0106 

0.0007 

0.0112 

31278 

3 

O.OIOI 

0.0105 

0.0007 

0.0005 

0.0107 

0.0110 

31278 

0.0106 

0.0004 

o.ono 

31278 

2 

0.0107 

0.0004 

O.OIM 

31278 

3 

0.0101 

0.0105 

0.0003 

0.0004 

0.0104 

0.0108 

31278 

0.0108 

0.0003 

o.oni 

31278 

2 

O.OUO 

0.0001 

0.0111 

31278 

3 

0.0106 

0.0108 

0.0002 

0.0002 

0.0108 

o.ono 

31278 

o.oin 

0.0001 

0.0113 

31278 

2 

O.OIOI 

0.0011 

0.0112 

31278 

3 

0.0109 

0.0107 

0.0001 

0.0005 

o.ono 

0.0112 

31278 

0.01  u 

0.0002 

0.0116 

31278 

2 

0.0125 

0 . 0003 

0.0129 

31278 

3 

o.ono 

0.0116 

0.0015 

0.0007 

0.0124 

0.0123 

31278 

0.0104 

0 . 0045 

0.0149 

31278 

2 

0.01 18 

0 . 0042 

0.0160 

31278 

3 

0.Q108 

o.ono 

0.0042 

0.0043 

0.0151 

0.0153 

31278 

0.0127 

0.0073 

0.0200 

31278 

2 

0.0122 

0 . 0087 

0.0209 

31278 

3 

0.0129 

0.0126 

0.0061 

0.0074 

0.0190 

0.0200 

31278 

0 . 0204 

0.0187 

0.0391 

31278 

2 

0.0130 

0.0183 

0.0313 

31278 

3 

0.0113 

0.0149 

0.0150 

0.0173 

0.0263 

0.  322 

31278 

0.0423 

0.0251 

0.0674 

31278 

2 

0 . 0382 

0.0182 

0.0563 

31278 

3 

0.0164 

0 . 0323 

0.0229 

0.0221 

0.0393 

0.0543 

TABLE  2.  Drag,  CDW,  on  Three  wake  Probes  Downstream 
of  the  Model  (the  fourth,  nearest  the  wall, 
is  ignored) 


riG  2.  (continued)  Design  Pressure  Distributions  for 
the  Pour  Airfoils  (BGK  prediction) 
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FIG  10(a) 


Compacison  of  XSH,  MSH  etc.  for 
Airfoil  -  BGK  Predictions 


FIG  10(b).  Comparison  of  XSH,  nsH  etc.  for  10% 
Airfoil  -  GRH  Predictions 


FIG  10(c).  Coaiparlson  of  XSH,  HSH  etc.  for  10% 
Airfoil  -  DHL  Predictions 
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FIG  12(b).  Coaparison  of  XSH,  nSH  etc.  for  13% 


Airfoil  -  GRH  Predictions 


PIG  12(c).  Coaparison  of  XSH,  HSH  etc. 

Airfoil  -  DRL  Predictions 
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FIG  14(b).  Coapariton  of  X8H,  HSH  ate.  for  16% 
Airfoil  -  GRM  Pradlctiona 


FIG  14(c}.  Coapariton  of  XSH,  HSH  etc.  for  16% 
Airfoil  -  DHL  Predictions 
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SUMHART 

The  paper  presents  an  efficient  method  for  numerical  solution  error  estimation  and 
its  application  to  numerical  predictions  of  turbulent  recirculating  flows.  A  finite 
volume  method  with  colocated  variable  arrangement  is  employed  to  solve  the  flow  and 
k-E  turbulence  model  equations.  The  two-dimensional,  turbulent  flow  over  an  obstacle  in 
a  plane  channel  is  selected  to  demonstrate  the  necessity  of  the  error  estimation.  Recent 
laser  Doppler  measurements  are  available  for  this  geometry.  The  error  estimation  method, 
which  is  applied  to  each  solution  variable,  serves  two  purposes.  Firstly,  it  aids  in  the 
construction  of  an  optimum  numerical  grid.  Secondly,  the  information  on  the  location  and 
magnitude  of  the  numerical  errors  is  essential  to  draw  reliable  conclusions  from 
comparisons  of  numerical  results  and  experimental  data.  The  procedure  outlined  in  the 
paper  is  based  on  Richardson  extrapolation  and  enables  an  accurate  assessment  of  the 
performance  of  the  employed  turbulence  model  and,  hence,  of  the  complete  numerical 
solution  method. 


1.  INTRODOCTrOK 

Despite  the  development  and  use  of  high  performance  supercomputers,  turbulence 
models  will  have  to  be  employed  for  calculating  high  Reynolds  number  flows  of  practical 
interest  in  the  near  future.  Therefore,  the  study  and  assessment  of  the  performance  of 
turbulence  models  is  of  great  importance.  Turbulence  models  usually  are  assessed  by 
comparing  the  calculated  results  with  reliable  experimental  data.  However,  the  numerical 
results  do  not  only  depend  on  the  mathematical  model  used,  but  are  also  influenced  by 
the  solution  errors  produced  by  the  numerical  scheme.  The  experimental  results  used  for 
comparison  are  imperfect  too,  e.g.  due  to  inaccuracies  of  the  test  section,  measurement 
errors  and  deviations  from  idealized  assumptions  (2-D  flow,  boundary  conditions,  etc.). 
Numerical  errors  do  not  always  increase  the  discrepancy  between  numerical  results  and 
experimental  data.  For  example,  numerical  dissipation  produced  by  inadequate  grids  in 
connection  with  first  order  differencing  can  hide  possible  shortcomings  of  a  turbulence 
model  and  pretend  a  good  agreement  of  the  calculated  results  and  the  measured  data.  For 
this  reason,  a  comparison  of  the  numerical  results  and  experimental  data  and  an 
estimation  of  both  the  solution  errors  and  the  measurement  uncertainties  is  necessary  to 
evaluate  and  -  in  turn  -  further  increase  the  performance  of  turbulence  models. 

Solution  errors  in  numerical  calculations  depend  on  many  facts,  e.g.  the  numerical 
grid  used,  the  order  of  the  discretization  scheme  and  the  particular  physical  problem.  A 
simple  method  to  obtain  quantitaive  information  about  solution  errors  is  the  Richardson 
extrapolation.  In  this  paper,  the  successful  application  of  an  error  estimation  based  on 
this  technique  is  shown  by  calculating  the  turbulent  flow  over  an  obstacle  in  a  plane 
channel.  A  finite  volume  method  is  used  for  solving  the  two-dimensional  mean  flow 
equations  in  connection  with  the  k-e  turbulence  model.  The  results  demonstrate  clearly 
that  extremely  fine  grids  are  necessary  to  reduce  the  solution  errors  below  a  reasonable 
value.  The  comparison  of  the  accuracy-checked  numerical  results  with  the  experimental 
data  shows  the  shortcomings  of  the  turbulence  model  employed  and  thus  gives  a  sound 
basis  for  further  turbulence  model  developments. 


2.  MATHEMATICAL  MODEL 


The  results  presented  in  this  paper  are  based  on  the  two-dimensional,  time-averaged 
equations  for  the  conservation  of  mass  and  momentum.  Assuming  incompressible  flows  these 
equations  read: 


(1) 


djpU)  d{pV) 
dz  dy 


(2) 


d{pU^)  djpUV)  ^  dP  d(pu^)  d{/^) 
dz  dy  dz  dz  dy 


d{pUV)  d{pV^)  dP  d{pvv)  d{p^) 

dz  ^  dy  dy  8z  dy 


with  the  mean  velocity  components  U  and  V  in  the  x-  and  y-direction,  respectively,  the 


- — p., - - - - — , 
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mean  pressure  P  and  the  constant  density  p  .  The  velocity  component  fluctuations  are 
represented  by  the  lower  case  letters  u  and  v;  overbars  indicate  the  tiroe>averaged 
quantities.  The  viscous  terms  in  Egs.  (2)  and  (3)  have  been  dropped  due  to  the  assump¬ 
tion  of  a  high  turbulence  Reynolds  number. 

The  Reynolds  stresses  -  p?  ,  -p^  and  -puv  appearing  in  the  momentum  equations 
result  from  averaging  the  nonlinear  convective  terms.  They  are  related  to  known 
quatities  by  a  turbulence  model.  In  the  present  paper  the  k-e  turbulence  model  proposed 
by  Launder  and  Spalding  [1]  is  employed.  This  model  uses  the  eddy  viscosity  concept  to 
relate  the  turbulent  stresses  and  the  mean  stain  rates: 


(4) 

-J  »  2  L 

==  aT  -  5"* 

(5) 

V. 

f 

\ 

(6) 

/du  dv\ 

The  eddy  viscosity  is  made  up  by  the  turbulent  kinetic  energy  k  “  1/2 

and  its  dissipation  rate  e  : 

i 

(7) 

Ih  = 

* 

1  ’ 

where  c^^  is  an  empirical  constant  given  below.  The  distribution  of  k  and  e 
by  semi-empirical  transport  equations  for  these  quantities: 

is 

determined 

t 

(8) 

a(pUk)  a(pVk)  a  /^a*\  a  (p,ak\ 

dz  '  dy  dz \ff,,dz)  dy  Ver*  By)  ^  ^ 

(9) 

< 

(10) 

Equations  (I)-(IO)  form  a  closed  system  to  calculate  the  five  unknowns  U,  V,  p,  k 
and  e  .  The  empirical  constants  appearing  in  these  equations  are  set  to  the  standard 
values  suggested  by  Launder  and  Spalding  [1]  : 

(11) 

ss  0.09  ,  c,i  =  1.44  ,  Cti  =  1.92  ,  =  1.0  ,  a,  =  1.3 

3.  NUMERICAL  METHOD 

A  finite  volume  method  (FV)  is  employed  to  solve  the  continuity,  momentum  and 
turbulence  model  equations.  In  this  section,  the  main  features  of  this  numerical  method 
are  discussed  briefly.  A  more  detailed  description  is  given  by  Peric  et  al.  [2]. 

Contrary  to  many  conventional  FV  methods  (e.g.  Patankar  [3))  employing  a  staggered 
variable  arrangement  to  avoid  oscillatory  pressure  and  velocity  fields,  the  present 
method  is  based  on  a  colocated  variable  arrangement.  The  velocity  components  as  well  as 
all  scalar  variables  are  stored  in  the  geometrical  centre  of  the  control  volumes  (CV) . 
The  grid,  storage  locations  and  labelling  scheme  are  shown  in  Fig.  1.  The  colocated 


J 


storage  locations; 
—  U 

f  V 

=>  Ci  =pU5y 

t  CyrpVfiX 


Fig.  1  : 

Location  of  the  control  volumes, 
the  variables  and  the  convective 
fluxes  and  Cy. 
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variable  arrangement  facilitates  the  treatment  of  boundary  conditions  especially  around 
sharp  corners.  The  main  advantages  of  the  colocated  arrangement  become  apparent  when 
extensions  such  as  roultigrid  techniques  and  non-orthogonal  grids  are  considered  (Becker 
et  al.  143;  Peric  [5]), 

In  order  to  ensure  the  stability  of  the  method/  special  provision  is  made  for  the 
coupling  of  the  velocities  and  the  pressure.  Otherwise/  the  well-known  checkerboard 
instability  would  occur.  A  special  interpolation  formula  for  the  calculation  of  the 
velocity  components  at  the  control  volume  faces  is  used  in  the  continuity  equation  for 
efficient  supression  of  the  numerical  instability.  A  detailed  comparison  of  the  FV 
methods  with  colocated  and  staggered  variable  arrangement  confirms  the  identical 
stability  behaviour  of  both  versions  (Peric  et  al .  (21).  The  number  of  iterations 
required  for  a  converged  solution  as  well  as  the  solution  itself  are  almost  identical 
for  both  methods . 

In  the  discretization  process  the  convective  and  diffusive  fluxes  through  the 
boundaries  of  each  control  volume  must  be  related  to  the  nodal  values.  Here,  the 
diffusive  terms  are  discretized  with  central  differences.  Two  different  schemes  are 
employed  to  approximate  the  convective  fluxes:  the  first  order  upwind  differencing 
scheme  (UDS)  and  the  second  order  central  differencing  scheme  (CDS).  The  resulting 
algebraic  equation  for  a  control  volume  is  arranged  in  the  deferred  correction  manner 
suggested  by  Khosla  and  Rubin  [6}: 

(12) 


where  d  is  any  of  the  dependent  variables  and  is  the  source  term  of  the  respective 
ecfuation.  The  coefficients  arising  from  upwind  and  central  differencing  of  the  convec¬ 
tive  terms  are  denoted  by  the  symbols  and  aJ,,  ,  respectively,  where  the  subscript  m 
indicates  the  four  nearest  neighbours  of  a  grid  point/  see  Fig  1.  The  weighting  factor  y 
allows  a  smooth  change  of  the  discretization  scheme  for  the  convective  fluxes  from  pure 
UDS  (y=  0)  to  CDS  (  Y“  !)♦  Only  the  UDS  part  of  coefficients  is  treated  implicitly.  The 
correction  term  at  the  right  hand  side  of  Eq.  (12)  ensures  the  choosen  discretization 
iteratively.  This  procedure  extends  the  range  of  stable  solutions  with  CDS  and  reduces 
the  number  of  iterations  needed  for  convergence. 

The  velocities  and  the  pressure  in  the  discretized  equations  are  linked  via  the 
SIMPLE  algorithm  of  Patankar  and  Spalding  (7)  including  the  modified  interpolation 
practice  discussed  above.  Using  the  continuity  constraint  yields  a  pressure-correction 
equation  of  the  Poisson  type,  with  a  discrete  form  similar  to  that  of  Eq.  112).  Due  to 
the  non-linearity  and  coupling  of  the  equations,  under-relaxation  has  to  be  used  to 
ensure  convergence  (cf.  Patankar,  (3)).  The  rate  of  convergence  depends  strongly  on  the 
choice  of  the  underrelaxation  parameters  for  the  velocties  dy  and  the  pressure-correc¬ 
tion  dp  .  A  nearly  optimum  rate  of  convergence  for  a  wide  range  of  applications  can  be 
achieved  for  dp  *  1  -  and  values  of  0.7  -  0.8  for  .  All  the  calculations  presented 
in  this  paper  were  made  with  a  value  of  0.75  for  the  underrelaxation  of  the  velocities 
as  well  as  for  the  turbulence  model  equations,  and  a  value  of  0.25  for  the  underrelaxa¬ 
tion  of  the  pressure-correction. 

The  algebraic  subsystems  resulting  from  the  individual  differential  equations  are 
solved  sequentially  for  U,  V,  P',  k  and  t  by  the  incomplete  LU  factorization  method  of 
Stone  (8}.  The  coefficients  Am  are  held  constant  in  the  course  of  this  cycle  (outer 
iteration).  Only  one  relaxation  with  the  algorithm  of  Stone  is  made  per  outer  iteration 
for  solving  the  equations  of  U,  V,  k  and  c  .  The  pressure-correction  equation  is 
iterated  up  to  six  times  per  cycle,  unless  its  residuals  have  dropped  by  a  factor  of 
five.  After  updating  the  coefficients,  the  whole  cycle  is  repeated  until  convergence  is 
achieved. 

The  sums  of  the  absolute  residuals  of  the  continuity  and  the  momentum  eqations  are 
used  for  monitoring  convergence.  The  iteration  process  is  terminated  after  the  residual 
sums,  normalized  by  the  inlet  mass  or  momentum  fluxes,  fall  below  10'^.  In  the  present 
calculations  about  1200  iterations  were  required  using  the  UDS  and  a  95x60  CV  grid.  For 
the  finer  grid  with  190x120  CV  and  CDS  the  necessary  number  of  iterations  increased  to 
about  6000. 


4.  SOLUTION  ERROR  ESTIMATION 

As  pointed  out  in  the  introduction,  information  about  the  solution  errors  produced 
by  the  numerical  method  is  essential  for  a  meaningful  assessment  of  the  calculated 
results  and  especially  for  testing  and  developing  turbulence  models.  A  simple  and 
efficient  method  to  obtain  estimates  of  the  magnitude  and  the  spatial  distribution  of 
the  solution  errors  is  the  Richardson  extrapolation  technique  proposed  by  Caruso  et  al . 
[9].  This  method  is  based  on  Taylor  series  expansion  of  the  solution  error  ,  defined 
as  the  difference  between  the  exact  solution  ^  and  the  numerical  solution  calculated 
on  a  grid  with  spacing  h.  For  first  order  methods  the  corresponding  Taylor  series  is  : 


(13) 


th  =  ^  +  ojA*  +  •  • ' 
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For  higher  order  methods,  one  or  more  of  the  leading  coefficients  ^2,  in  the 
expansion  disappear.  A  numerical  solution  on  a  coarser  grid  with  spacing  2h  yields  the 
solution  error  €2^^  * 


(14) 


^  —  H - 


Subtraction  of  Eqs.  (14)  and  (13)  results  in 


(15) 


=  ttiA  +  a^Zh^  +•••»«* 


The  first  terms  of  the  series  in  Eqs.  (IS)  and  (13)  are  identical.  Hence,  the  difference 
between  the  fine  and  coarse  grid  solutions  is  a  good  estimate  for  the  solution  error  of 
the  fine  grid  solution. 

In  the  FV  method  employed  for  the  present  calculations  a  coarse  grid  control  volume 
is  always  made  up  out  of  four  fine  grid  control  volumes.  Therefore,  the  calculation 
nodes  of  the  coarse  and  fine  grids  do  not  coincide,  and  the  fine  grid  solution 
interpolated  bilinearly  prior  to  the  application  of  Eg.  (15).  This  procedure  results  in 
an  error  estimate  for  the  fine  grid  solution  located  at  the  grid  points  of  the  coarse 
grid. 

The  additional  numerical  work  for  the  solution  error  estimation  is  negligible 
compared  with  the  computing  time  required  for  the  fine  grid  solution.  Therefore,  this 
error  estimation  method  is  a  good  tool  for  a  reliable  assessment  of  any  numerical 
calculations. 


5.  GEOMETRY  AND  BOUNDARY  CONDITION 

The  turbulent  flow  over  a  quadratic  obstacle  in  a  plane  channel  is  an  appropriate 
example  to  demonstrate  the  gain  from  the  application  of  the  error  estimation  method 
presented  above.  In  spite  of  the  relativly  simple  geometry  the  ensuing  flow  is  very 
complex,  featuring  three  different  recirculation  zones.  Such  an  obstacle  flow  has 
recently  been  investigated  by  Tropea  and  Dimaczek  [10],  who  made  extensive  laser  Doppler 
measurements.  The  Reynolds  number,  based  on  the  maximum  inlet  velocity  and  the  height  H 
of  their  water  channel,  was  95.000,  ensuring  a  fully  turbulent  flow.  Profiles  of  the 
mean  velocities  and  the  Reynolds  stresses  -pu*  ,  -p^  ,  -pw*  and  -puv  are  measured  in  the 
midplane  of  the  channel  at  various  streamwise  locations.  The  ratio  of  the  spanwise 
extent  and  the  height  of  the  channel  was  approximately  10.  In  the  centre  region  of  the 
channel  most  measurements  indicate  two-dimensional  flow.  This  will  be  discussed  in  more 
detail  in  the  next  section. 

The  geometry  of  the  computational  domain  is  shown  in  Fig.  2.  The  height  h  of  the 
quadratic  obstacle  is  half  the  height  of  the  channel.  The  obstacle  is  located  3h 
downstream  from  the  inlet  boundary.  The  length  of  the  whole  computation  domain  is  set  to 
12  times  the  height  of  the  channel.  Three  different  boundary  types  appear  in  this 
problem:  inlet  and  outlet  sections  and  walls.  The  treatment  of  these  boundaries  is 
discussed  in  this  order. 

The  measured  data  for  U,  V  and  k  are  prescribed  at  the  inlet  plane  to  simulate  the 
experiment  as  closely  as  possible.  These  boundary  conditions  ensure  that  the  relatively 
short  computational  domain  upstream  of  the  obstacle  as  well  as  the  asymmetries  in  the 
experimental  profiles  can  not  impair  the  comparison.  No  data  are  available  for  the 
dissipation  rate  c  .  Therefore  the  inlet  values  are  calculated  using  the  eddy  viscosity 
assumptions  (6),  (7)  and  the  measured  proflls  of  U,  Sv  and  k: 


(16) 
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Sketch  of  the  calculation  domain. 
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The  experimental  data  are  fitted  by  appropriate  algebraic  functions,  in  order  to  ensure 
smooth  inlet  profiles  and  to  avoid  unrealistic  values  due  to  measurement  scatter. 

The  outlet  plane  must  be  located  far  enough  from  the  obstacle  to  avoid  any  unwanted 
effects  of  the  outlet  boundary  conditions  on  the  upstreeun  region.  In  order  to  limit  the 
computational  effort,  a  reasonable  compromise  is  to  locate  the  outlet  plane  at  x  =  12H, 
i.e.  at  approximately  four  reattachment  lengths  downstream  of  the  obstacle.  The 
derivatives  in  the  x-direction  of  the  velocity  components  and  the  turbulence  quantities 
are  set  to  zero  there.  This  is  a  reasonable  approximation  in  view  of  the  relatively 
small  x-dependence  of  the  channel  flow  in  this  region.  Test  calculations  with  different 
lengths  of  the  computational  domain  confirm  the  reliability  of  this  boundary  condition. 


Defining  boundary  conditions  for  turbulent,  separated  flows  at  rigid  walls  is  a 
particular  difficulty.  The  use  of  the  no-slip  condition  requires  a  very  fine  grid  in  the 
vicinity  of  the  wall  with  at  least  few  grid  points  located  in  the  viscous  sublayer.  For 
high  Reynolds  number  flows,  the  numerical  effort  will  increase  tremendously  because  the 
viscous  sublayer  becames  progressively  thinner  as  the  Reynolds  number  increases. 
Moreover,  a  low  Reynolds  number  turbulence  model  would  have  to  be  used  and  these  models 
are  yet  not  well  proven  for  separated  flows.  In  order  to  avoid  these  difficulties,  the 
near-wall  regions  are  commonly  bridged  by  so-called  wall  functions.  This  technique  is 
also  used  in  the  present  calculations.  As  we  deal  with  a  finite  volume  method,  the  wall 
fluxes  have  to  be  specified.  For  the  wall-parallel  velocities,  these  are  the  wall  shear 
stresses.  They  are  calculated  from  a  relation  given  by  Launder  and  Spalding  [1): 


(17) 


ln(»;)  +  c 


where  the  dimensionless  wall  distance  is  defined  as  follows: 


(18) 


The  subscript  c  denotes  variables  at  the  grid  nodes  adjacent  to  the  wall.  Values  of  0.41 
and  5.2  are  assigned  to  the  von  Karman  constant  x  and  the  constant  C,  respectively. 
Equations  (17}  and  (18)  are  based  on  the  assumptions  of  a  logarithmic  velocity  profile, 
local  equilibrium  of  the  production  and  the  dissipation  rates  of  the  turbulent  )cinetic 
energy  and  a  constant  stress  layer.  Using  the  same  assumptions,  the  production  and 
dLssLgsitLon  rates  Pj^  and  €  ,  respectively,  for  the  near-wall  control  volumes  are 
expressed  as: 
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The  convective  and  diffusive  wall  fluxes  of  k  and  z  are  set  to  zero.  The  value  of  z  at 
the  near-wall  nodes  is  computed  directly  from  Eq.  (20).  The  application  of  the  wall 
functions  described  above  leads  to  reasonable  results  for  flows  in  which  the  above 
assumptions  are  approximately  satisfied.  However,  in  separated  flows  these  assumptions 
are  no  longer  valid,  especially  in  the  regions  around  the  separation  and  reattachment 
points.  The  consequences  of  these  shortcomings  of  wall  functions  when  applied  to 
separated  flows  are  not  well  known  and  will  be  discussed  briefly  in  the  following 
section . 


6.  RESULTS 

The  solution  errors  and  their  dependence  on  the  grid  and  the  discretization  scheme 
are  discussed  first.  The  calculations  were  performed  with  two  different  grids,  compris¬ 
ing  95  x  60  and  190  x  120  CV,  respectively.  The  grids  are  Cartesian  and  nonuniform,  with 
a  high  concentration  in  the  regions  near  the  leading  and  trailing  edges  of  the  obstacle, 
where  considerable  variations  of  the  gradients  of  all  variables  are  expected.  In  the 
interest  of  a  clear  graphic  presentation.  Fig.  3  shows  the  left  part  of  the  coarse  grid. 
Table  1  gives  the  employed  grid  expansion  factors,  defined  as  the  length  ratio  of 
adjacent  control  volumes,  and  the  dimensions  of  the  smallest  control  volumes  located 
near  the  edges  of  the  obstacle  showing  the  high  resolution  of  the  fine  grid  near  the 
obstacle.  The  values  of  the  expansion  factors  are  chosen  close  to  unity  in  order  to 
avoid  additional  inaccuracies  due  to  different  lengths  of  neighbour  control  volumes. 

The  error  estimation  method  described  in  Section  4  can  easily  be  modified  for 
application  to  CDS  calculations.  However,  the  calculations  employing  the  second  order 
CDS  yield  a  converged  solution  only  on  the  fine  grid.  A  stable  solution  could  not  be 
achieved  with  the  CDS  on  the  coarse  grid,  due  to  oscillations  occuring  at  high  grid 
Peclet  numbers.  For  this  reason  the  error  estimation  can  only  be  applied  to  the  UDS 
solutions. 


Fig.  3  :  Coarse  grid  in  the  vicinity  of  the  obstacle,  95x60  control  volumes. 


Table  1  j  Grid  expansion  factors  o*  ,  Oy  and  smallest  control  volume 
length  of  the  coarse  and  fine^  grid. 


Fig.  4  shows  the  computed  solution  errors  of  the  fine  grid  UDS  solution.  Contour 
plots  of  the  solution  errors  ate  made  for  the  two  mean  velocity  components  and  for  the 
turbulent  kinetic  energy.  For  all  three  variables  remarkably  large  solution  errors  occur 
in  the  vicinity  of  the  leading  edge  of  the  obstacle,  although  the  resolution  of  the  190 
X  120  grid  is  highest  there.  The  solution  error  of  the  U-component  (Fig.  4  a),  normal¬ 
ized  with  the  maximum  inlet  velocity,  exceeds  10  %  in  a  limited  region.  Apart  from  a 
second  maximum  of  the  error  located  near  the  bottom  wall  in  front  of  the  obstacle,  the 
solution  error  is  1  %  or  lower  elsewhere.  The  solution  errors  of  the  V-component  are 


Fig.  4  :  Estimated  error  distribution  of  the  fine  grid  upwind  solution,  190x120  control 
volumes,  (a)  U-velocity,  (b)  V-velocity,  (c)  turbulent  kinetic  energy  k. 


normalized  with  the  maximum  inlet  velocity  too.  Values  of  more  than  3  %  are  detected  in 
a  small  region  near  the  leading  edge  of  the  obstacle  (Fig.  4b).  Elsewhere,  the  solution 
errors  of  V  are  below  1%,  as  the  V-component  itself  is  smaller  than  U  in  most  of  the 
flow  domain.  The  solution  errors  of  the  turbulent  )cinetic  energy  above  the  obstacle  are 
largest.  They  are  normalized  with  the  maximum  value  of  k  calculated  on  the  fine  grid  and 
exceed  30  %  in  a  small  region  and  10  %  up  to  one  abstacle  hight  downstream.  Due  to  the 
dominant  convective  transport,  the  solution  errors  remain  larger  than  3  %  even  far 
downstream. 

This  example  demonstrates  that  UDS  solutions  can  contain  considerable  numerical 
errors  even  when  very  fine  grids,  with  a  high  concentration  of  control  volumes  in 
critical  regions,  are  used.  The  numerical  errors  for  the  turbulence  quantities  can  be 
substantially  higher  than  the  errors  for  the  mean  velocities.  This  fact  has  to  be  kept 
in  mind  when  these  quantities  are  compared  with  measurements. 

The  requirement  of  very  find  grids  cannot  be  circumvented  in  all  cases  by  using  the 
more  accurate  second  order  central  differencing  scheme  for  the  convective  terms.  This  is 
due  to  the  fact  that  the  higher  order  schemes  like  CDS  often  produce  oscillatory 
solutions  or  do  not  converge  at  all  on  coarse  grids.  Although  CDS  can  be  employed  in 
many  cases  at  Peclet  numbers  significantly  higher  than  2  (the  upper  limit  derived  from 
the  one-dimens ' onal  convection-diffusion  equation),  some  damping  has  to  be  applied  if 
tne  grid  is  not  sufficiently  fine.  In  our  case  pure  CDS  solution  could  be  obtained  on 
the  finest  grid;  on  coarser  grids  UDS  had  to  be  blended  with  CDS  (cf.  Bq.  (12)), 
achieving  stability  at  the  expense  of  accuracy. 

Since  a  coarse  grid  CDS  solution  could  not  be  obtained,  we  compare  the  fine  grid  CDS 
solution  with  the  corresponding  UDS  solution.  This  comparison  is  shown  in  Fig.  5  in 
terms  of  normalized  differences  of  the  two  solutions.  The  normalization  factors  are  the 
same  as  for  the  solution  errors  in  Fig.  4.  Upstream  and  in  the  vicinity  of  the  obstacle, 
the  contour  lines  of  the  solution  differences  in  Fig.  5  are  rather  similar  to  the 
contour  lines  of  the  solution  errors  discussed  above.  Hence,  it  can  be  concluded  that 
the  differences  in  this  part  of  the  computational  domain  are  mainly  caused  by  the 
inaccuracies  of  the  UDS  solution  and  the  errors  of  the  CDS  solution  are  essentially 
lower.  A  somewhat  different  behaviour  emerges  for  the  downstream  regions  shown  in  Figs. 
4  and  5.  There,  the  estimated  errors  for  U  and  v  are  of  the  order  of  1  %  or  less, 
suggesting  high  accuracy  (Fig.  4).  However,  differences  between  the  UDS  and  CDS 
solutions  of  more  than  3  %  for  the  U-component  appear  in  Fig.  5  up  to  the  outlet  plane. 
The  same  is  observed  for  the  V-component  and  the  turbulent  kinetic  energy.  The  reason 
for  these  relatively  large  differences  between  the  UDS  and  CDS  solutions  is  the 
dominating  convective  transport.  The  solution  errors  produced  in  the  vicinity  of  the 
obstacle  influence  the  entire  flow  in  the  downstream  region  and  are  onlj  weakly  damped. 
The  estimation  method  underpredicts  these  solution  errors  far  downstream,  probably  due 
to  the  dominating  nonlinear  term  in  this  region. 
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After  these  numerical  considerations,  some  physical  aspects  of  the  predicted  flow 
field,  based  on  the  most  accurate  CDS  solution  are  discussed.  The  calculated  streamlines 
are  shown  in  Fig.  6a.  A  small  separation  zone  appears  in  front  of  the  obstacle.  A 
further  separation  point  is  located  at  the  leading  corner  of  the  obstacle.  The  following 
recirculation  zone  is  very  flat  and  the  flow  reattaches  just  at  the  trailing  edge  of  the 
obstacle.  At  this  point  the  main  recirculating  zone  begins.  A  small  secondary  separation 
can  be  seen  at  the  lower  corner  of  the  obstacle.  The  same  flow  structure  has  been 
observed  in  experiments.  However,  the  recirculation  zone  at  the  top  of  the  obstacle  is 
somewhat  thicker  in  the  experiments,  so  that  the  flow  does  not  reattach  at  the  top  wall 
and  the  two  separation  zones  are  connected  with  each  other. 

Contour  lines  of  the  turbulent  kinetic  energy  k  are  ploted  in  Fig.  6b.  The  turbu¬ 
lence  level  of  the  fully  developed  channel  flow  at  the  inlet  plane  is  small.  Above  the 
obstacle,  the  accelerated  flow  together  with  the  thin  recirculation  zone  cause  a  steep 
profile  of  the  U-component  near  the  top  wail  of  the  obstacle.  This  leads  to  high 
production  rates  of  the  turbulent  kinetic  energy  k,  documented  by  the  absolute  maximum 
value  of  k  in  this  region.  Downstream  the  obstacle  a  second  smaller  maximum  of  the  k  is 
observed,  which  is  caused  by  the  shear  layer  of  the  large  recirculating  mass  flow.  Far 
downstream  the  turbulent  kinetic  energy  decreases  only  slowly  due  to  the  dominating 
convective  transport.  Hence,  the  values  of  k  at  the  outlet  plane  are  still  far  from  the 
level  known  from  fully  developed  channel  flows. 

The  location  of  the  points  of  separation  and  reattachment  is  of  special  interest  in 
many  fluid  flow  problems.  For  this  reason,  numerical  methods  and  the  turbulence  models 
implemented  are  often  appraised  by  their  capability  to  predict  the  separation  length 
well.  The  calculated  reattachment  lengths,  normalized  with  the  obstacle  height,  are 
presented  in  Table  2  together  with  the  experimental  value  given  by  Tropea  and  Dimaczek 
[10].  Both  UDS  solutions  overpredict  the  reattachment  length,  with  decreasing  tendency 
as  the  resolution  is  increased.  However,  the  more  accurate  CDS  solution  underpredicts 
the  reattachment  length  by  about  5  %.  The  latter  can  be  regarded  as  the  correct  value 
produced  by  the  k-t  turbulence  model. 

The  comparison  of  the  reattachment  lengths  calculated  by  the  various  dicretization 
schemes  with  different  resolution  makes  clear,  that  the  good  prediction  of  a  single 
physical  quantity  without  any  further  information  about  numerical  errors  may  lead  to 
erroneous  conclusions  with  respect  to  the  performance  of  the  employed  turbulence  model. 
For  the  present  problem,  the  measured  value  of  the  reattachment  length  can  be  predicted 
exactly  by  variations  of  the  grid  size  and  the  discretization  scheme  (eg.  by  blending 
UDS  and  COS  in  a  suitable  proportion).  In  this  case,  the  shortcomings  of  the  turbulence 
model  are  compensated  by  the  numerical  errors  of  computational  scheme.  It  is  therefore 
essential  to  know  the  order  of  the  numerical  errors  before  any  conclusions  can  be  made. 


Fig.  6  :  (a)  Streamlines  and  (b)  contour  lines  of  the  turbulent  kinetic  energy  k, 

central  differencing  scheme,  190x120  control  volumes. 


experiment 

7.12h 

upwind  differencing  95x60  CV 

7.59h 

+6.9% 

upwind  differencing  190x120  CV 

7.40h 

+4.2% 

central  differencing  190x120  CV 

6.77h  1 

-4.6% 

Table  2  ] 


Comparison  of  the  predicted  and  measured  reattachment  lenghts. 
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Some  weak  points  of  the  k-e  turbulence  model  can  be  detected  by  comparing  the  CDS 
solution  with  the  data  of  Tropea  and  Dimaczek  (10).  The  profiles  of  U,  V,  k  and  uv  at 
three  streamwise  locations  in  the  flow  field  are  selected  for  this  purpose.  In  addition 
to  the  most  accurate  CDS  solution  -  in  the  following  diagrams  marked  by  solid  lines  - 
the  results  of  the  UDS  calculations  are  also  shown  (dashed  lines). 

The  first  cross  section  is  located  upstream  of  the  obstacle  (in  the  first  recircula¬ 
tion  zone),  at  x/H  =  1.3.  Due  to  this  separation,  the  profile  of  U-velocity  has  three 
inflection  points,  which  are  well  simulated  by  the  numerical  solution  (cf.  Fig.  7a).  A 
somewhat  larger  discrepancy  between  calculations  and  experiment  observed  for  the  V 
profile  (Fig.  7b),  is  in  the  range  of  uncertainty  of  the  experimental  data.  The 
turbulent  kinetic  energy  k,  shown  in  Fig.  7c,  Increases  strongly  in  the  lower  part  of 
the  channel,  which  cannot  be  produced  by  the  numerical' calculations.  The  reason  for  this 
discrepancy  is  probably  a  three-dimensional  flow  structure  in  the  vicinity  of  the 
separation  zone.  Measurements  of  non-zero  W-components  and  a  corresponding  pattern  of 
the  wall  shear  stress  indicate  periodic  structures  in  the  spanwise  direction.  More 
detailed  measurements  are  required  before  this  phenomenon  can  be  discussed  in  detail. 
The  absolute  values  of  the  Reynolds  stress  uv  in  this  section  (cf.  Fig.  7d)  are  too 
small,  compared  to  the  expected  uncertainty  to  draw  any  conclusion  from  its  profil. 

The  second  cross-section  for  comparing  the  profiles  of  U,  V,  k  and  uv  is  located  at 
x/H  =  1.54,  close  to  the  leading  edge  of  the  obstacle.  The  beginning  of  the  thin 
recirculation  zone  is  indicated  by  the  negative  u  values  near  the  wall.  The  calculated 
negativ  values  of  U  exceed  the  measured  data  by  a  factor  of  two.  Moreover,  the  maximum 
of  the  backward  flow  is  located  closer  to  the  wall  than  in  the  measurement  (cf.  Fig. 
8a) .  This  dislocation  of  the  maximum  in  the  backward  flow  of  a  recirculation  zone  is  due 
to  the  k-e  turbulence  model  and  is  also  observed  in  calculations  of  other  flow  configu¬ 
rations,  see  Obi  et  al.  (11].  The  reason  for  this  behaviour  of  the  turbulence  model  is 
not  completely  clear.  However,  the  wall  functions  do  not  seem  to  be  responsible  for 
these  effects.  At  this  section  the  flow  achieves  its  maximum  deflection.  Thus  the  value 
of  the  V-component  exeeds  the  maximum  inlet  velocity.  The  shape  of  the  V  profile  is  well 
predicted  by  the  calculations  (Fig.  8b),  but  the  values  of  V  are  20  %  smaller  than  the 
measured  ones.  This  underprediction  of  the  V-component  is  typical  for  all  calculated  V 
profiles  downstream  of  the  obstacle.  The  predicted  value  of  maximum  turbulent  kinetic 
energy  k  agrees  astonishingly  well  with  the  measured  data  at  this  section  (Fig.  8c).  m 
the  upper  part  of  the  channel  the  measured  values  are  very  small,  whereas  the  computed 
values  are  essentially  higher.  This  is  one  reason  for  the  opposite  behaviour  of  the 
computed  and  measured  profiles  of  the  Reynolds  stress  uv  shown  in  Fig.  8d. 

The  comparison  of  the  numerical  results  and  experimental  data  in  this  section  as 
well  as  the  error  estimations  clearly  indicate  the  difficulties  in  studying  the 


Fig.  7  ;  Comparison  of  measured  and  predicted  profiles  of  the  U-velocity  (a),  the  V- 
velocit^(b),  the  turbulent  kinetic  energy  k  (c)  and  the  turbulent  shear 

stress  uv  (d)  at  x/H  =  1.3.  -  CDS  fine  grid, - UDS  fine  grid, - 

UDS  coarse  grid,  +  experiments  (Tropea,  Dimaczek  (10)). 
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turbulent  flow  in  the  region  above  the  leading  edge  of  the  obstacle.  This  Is  truo  for 
the  numerical  method  and  the  turbulence  model  as  well  as  for  the  experimental  investiga¬ 
tions  of  this  flow  regime.  For  a  reliable  discussion  of  the  flow  phenomena  in  this 
region,  improved  calculations  together  with  further,  more  accurate  measurements  are 
urgently  required. 

The  third  section  selected  for  comparison  is  located  downstream  from  the  obstacle 
within  the  large  recirculation  zone.  Figure  9a  shows  the  computed  profiles  of  the  U- 
velocity,  which  deviates  clearly  from  the  experimental  data.  The  predicted  U  values  are 
smaller  than  the  measured  data  nearly  everywhere,  indicating  a  smaller  recirculating 
mass  flow.  This  fact  is  confirmed  by  the  underprediction  of  the  V-component  ploted  in 
Fig. 9b.  Moreover,  the  predicted  maximum  negativ  U-velocity  is  dislocated  to  the  wall.  A 
similar  effect  has  been  reported  above  for  the  previous  cross  section.  The  turbulent 
kinetic  energy  k  and  the  Reynolds  stress  uv  are  show  in  Figs.  9c  and  9d,  repectively. 
Both  of  the  turbulence  quantities  are  underpredicted  by  the  k-e  tubulence  model. 
Therefore,  the  turbulent  transport  of  momentum  normal  to  the  streamwise  direction  is  too 
small.  The  lack  of  this  turbulent  momentum  transport  is  the  reason  for  the  significantly 
slower  mass  flow  in  the  recirculation  region.  This  obvious  shortcoming  of  the  k-e  tur¬ 
bulence  model  remains  far  downstream  and  leads  to  the  slower  flow  recovery. 


7.  SDMHART  AND  CONCLUDING  REMARKS 

A  finite  volume  method  is  used  to  predict  the  rather  complex  fully  turbulent  flow 
over  an  obstacle  in  a  plane  channel.  The  two-dimensional  time-averaged  flow  equations 
are  solved  in  connection  with  the  k-e  turbulence  model  equations.  An  efficient  error 
estimation  technique  based  on  the  Richardson  extrapolation  is  employed,  which  gives 
helpful  information  about  the  accuracy  of  the  numerical  solutions.  The  numerical 
results,  computed  on  different  grids  with  various  discretization  schemes,  are  compared 
with  recent  laser  Doppler  measurements. 

The  error  estimation  technique  provides  qualitative  and  quantitative  information 
about  the  distribution  of  the  numerical  solution  errors  and  can  thus  aid  the  grid 
refinement  strategy.  However,  the  most  important  point  is  that  this  method  allows  the 
separation  of  pure  numerical  and  turbulence  model  errors.  This  is  a  basic  requirement 
for  the  scientific  evaluation  of  the  turbulence  model  performance.  Comparing  the 
predicted  and  measured  values  of  only  one  quantity  -  e.g  the  reattachment  length  -  often 
leads  to  erroneous  conclusions  about  the  accuracy  of  the  global  niunerical  solution,  as 
is  clearly  shown  in  the  present  calculations. 

First  order  dicretization  methods  are  shown  to  require  very  fine  meshes  to  yield 
sufficiently  small  solution  errors.  The  solution  error  detected  in  the  present  first 
order  upwind  solution  on  the  finest  grid  cannot  be  neglected,  although  the  non  uniform 
190x120  grid  yields  a  high  resolution  near  the  obstacle.  In  general,  the  solution  errors 
of  the  turbulence  quantities  are  significantly  higher  than  the  errors  of  the  mean 
velocities.  The  second  order  central  differencing  calculations  performed  on  the  fine 
grid  are  found  to  yield  a  solution  with  acceptably  small  numerical  errors.  From  this 
point  of  view,  the  results  of  many  previous  studies,  employing  first  order  methods  on 
coarse  grids,  have  to  be  appraised  carefully. 

The  comparisons  of  the  predicted  and  measured  data  disclose  some  shortcomings  of 
the  k-€  turbulence  model,  when  applied  to  separated  flows.  However,  to  identify  the 
sources  of  these  errors,  more  detailed  and  accurate  experimental  data  -  including  triple 
correlations,  production  and  dissipation  rates  -  are  required.  Based  on  such  improved 
data,  further  developments  in  turbulence  modelling  (e.g.  Reynolds  stress  models,  low 
Reynolds  number  models)  will  be  promoted  and  more  reliable  tests  and  assessments  could 
be  performed. 
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Smmary 

Selected  results  from  an  experimental  investigation  documenting  the  flowfield  over  a  75°  swept  delta  wing  at 
an  angle-of*attack  of  20.5°  are  presented.  Results  obtained  in  the  investigation  include  surface  flow  visualization, 
off-body  flow  visualization,  and  detailed  flowfield  surveys  for  various  Reynolds  numbers.  Flowfield  surveys  at 
Reynolds  numbers  of  0.5,  l.O  and  1.5  million  were  conducted  with  both  a  pitot  pressure  probe  and  a  5-hole  pressure 
probe;  and  3-component  laser  doppler  velocimeter  surveys  were  conducted  at  a  Reynolds  number  of  1.0  million. 
The  pitot  pressure  surveys  were  obtained  at  5  longitudinal  stations,  the  5-hole  probe  surveys  were  obtained  at  3 
longitudinal  stations  and  the  laser  doppler  velocimeter  surveys  were  obtained  at  one  station.  The  accuracy  of  each 
instrumentation  system  is  discussed,  well  as,  discrepancies  in  the  calculation  of  vorticity  using  various  algorithms. 

Nomenclature 


speed  of  sound,  ft/sec 
local  span  of  model,  inches 

p  ^  p 

Static  pressure  coefficient,  ^  ^ 

p  _ p 

Pitot  pressure  coefficient,  ^ — “• 

diameter,  ft 

length  of  model  (22.392  inches) 

Mach  number,  U<x>/a 
vortex  core  radius 
Reynolds  number,  lJ<x>Llv 
static  pressure,  Ib/ft^ 
pitot  pressure,  Ib/ft^ 

Stokes  number,  ^  ^  ^ 

dynamic  pressure,  2P^ooy  Jb/ft^ 

freestream  velocity,  ft/sec 

swirl  velocity  near  vortex  core,  ft/sec 

velocity  components  in  body  axis  system,  ft/sec 

velocity  components  in  tunnel  axis  system,  ft/sec 

rms  of  fluctuating  component  of  u  velocity,  ft/sec 

local  flow  velocity,  ft/sec 

distance  from  coordinate  origin  in  body  axis  system,  inches 

distance  from  coordinate  origin  in  tunnel  axis  system,  inches 

pitch  angle  measured  by  5-hole  probe,  deg 

yaw  angle  measured  by  5-hoIe  probe,  deg 

circulation,  ft^/sec 

kinematic  viscosity,  ft^/sec 

density,  slugs/ft^ 

total  flow  angle,  3in~^(  a) 

V  +  v'  -h 

yaw  angle,  deg 
vorticity,  1^(35  -  If) 


f 
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Subscripts: 

p  particle 

t  transition 

oo  at  freestream  conditions 

Introduction 

Computational  methods  are  progressing  rapidly  toward  the  prediction  of  the  three-dimensional  dowheld  about 
complex  geometries  at  high  angles-of-attack.  These  methods  solve  either  the  Euler  or  Navier-Stokes  equations  and, 
typically,  some  assumptions  about  the  structure  of  the  dowheld  are  made  to  make  the  solution  more  tractable. 
These  computational  methods  require  a  large  number  of  grid  points  to  adequately  model  the  dowheld,  and  they 
produce  large  amounts  of  information.  To  validate  these  methods,  detailed  experimental  fiowfield  measurements 
are  required.  To  date,  few  sets  of  experimental  data  exist  which  are  of  sufficient  detail  and  completeness  to  allow  a 
definitive  validation  of  current  computational  methods. 

This  paper  will  describe  an  experimental  effort  at  NASA-Langley  Research  Center  to  fully  document  the  fiowfield 
over  a  75®  swept  delta  wing  at  an  angle-of-attack  of  20.5®  .  This  investigation  was  expressly  directed  toward  obtaining 
a  data  base  for  code  validation.  The  data  obtained  includes  surface  flow  visualization  at  Reynolds  numbe>‘s  ranging 
from  0.5  to  2.0  million  in  increments  of  250,000;  pitot  pressure  surveys  at  5  longitudinal  stations  at  Reynolds 
numbers  of  0.5,  1.0,  and  1.5  million;  5-hole  pressure  probe  surveys  at  3  longitudinal  stations  nt  Reynolds  numbers 
of  0.5,  1.0,  and  1.5  million;  and  3-component  laser  doppler  velocimeter  surveys  at  a  Reynolds  number  of  1.0  million. 
Reynolds  number  variation  was  accomplished  by  changing  the  tunnel  speed,  which  corresponds  to  a  Mach  number 
range  of  0.04  to  0.11.  Supersonic  data  were  previously  obtained  with  this  same  model  in  the  NASA  Langley  Unitary 
Plan  Wind  Tunnel  by  Miller  and  Wood  (reference  1)  and  compared  with  computational  results  in  reference  2.  A 
comparison  of  the  ’»=‘sults  from  this  investigation  with  the  results  from  the  computational  method  described  in 
reference  2  are  presented  in  reference  3  for  a  Reynolds  number  of  0.5  million. 

Test  Facility  and  Data  Acquisition  System 

The  75®  swept  delta  wing  was  tested  in  the  NASA-Langley  Basic  Aerodynamics  Research  Tunnel  (BART). 
The  BART  is  an  open-return  wind  tunnel  with  a  test  section  28  inches  high,  40  inches  wide  by  10  feet  long.  The 
maximum  test  section  velocity  is  220  ft/sec  which  yields  a  Rn/ft  of  1.4  million.  The  airflow  entering  the  test  section 
Is  conditioned  by  a  honeycomb,  4  anti-turbulence  screens  and  an  11:1  contraction  ratio.  A  photograph  of  the  facility 
is  shown  in  figure  1.  The  variation  in  the  longitudinal  component  of  turbulence  intensity  with  test  section  q  is 
presented  in  figure  2.  The  figure  indicates  that  the  turbulence  intensity  ranges  from  0.05  to  0.08  F>ercent  at  test 
section  ^  =  10  and  45  psf,  respectively. 

Code  validation  requires  large  amounts  of  experimental  fiowfield  data.  The  timely  acquisition  and  reduction  of 
this  data  dictates  the  use  of  a  highly  integrated  and  fully  automated  data  acquisition  and  control  system  (DACS). 
The  BART  DACS  consists  of  a  desktop  computer  system  which  monitors  and  controls  the  tunnel  instrumentation 
(voltages  and  pressures).  Data  acquisition  software  has  been  written  which  allows  completely  automated  surveys  of 
flowfields  above  models  of  arbitrary  geometrical  shape.  Real-time  color  displays  of  the  fiowfield  data  are  produced 
by  the  DACS  to  allow  immediate  interpretation  of  the  test  r^ults.  A  minicomputer  is  used  to  control  and  acquire 
data  from  the  3  component  laser  doppler  velocimeter  (LDVDAS).  This  system  communicates  with  the  BART  DACS 
to  allow  real-time  color  displays  of  the  fiowfield  data.  A  block  diagram  showing  the  integration  of  the  BART  DACS 
with  the  LDVDAS  is  presented  in  figure  3. 

Model  Description 

The  model  used  in  this  investigation  was  a  75®  swept  delta  wing.  A  sketch  of  the  model  is  presented  in  figure  4. 
The  model  is  constructed  of  aluminum  and  has  a  centerline  length  of  22.392  inches  and  a  span  of  12  inches.  The 
upper  surface  of  the  delta  wing  was  fiat.  The  leading  edge  of  the  delta  wing  is  sharp  (.005  inch  radius)  with  a 
chamfer  of  10®  normal  to  the  leading  edge.  The  model  was  attached  to  the  model  support  system  at  xjL  —  0.64 
on  the  lower  surface.  Figure  5  shows  the  delta  wing  mounted  in  the  test  section.  A  row  of  19  pressure  ports  were 
located  at  i/L  =  0.9;  however,  they  were  not  used  in  this  investigation.  Boundary  layer  transition  was  not  fixed  on 
either  the  upper  or  lower  surfaces. 


Experimental  Techniques 

Flow  Visualization 
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Surface  flow  visualizations  were  conducted  at  Reynolds  numbers  ranging  from  0.5  to  2.0  million  in  increments 
of  250,000.  The  upper  surface  of  the  model  was  covered  with  a  black  vinyl  adhesive-backed  paper.  A  mixture  of 
titanium  dioxide  suspended  in  kerosene,  with  a  small  amount  of  oleic  acid  added  as  an  anti-coagulant,  was  painted 
on  the  vinyl  paper  with  a  brush.  The  airspeed  in  the  test  section  was  brought  to  test  conditions,  and  after  the 
kerosene  had  evaporated,  the  Ti02  was  left  deposited  on  the  surface.  The  vinyl  paper  was  then  carefully  lifted 
off  the  surface,  placed  on  poster  board,  and  photographed  for  a  permanent  record.  Figure  6  shows  a  typical  Ti02 
surface  flow  visualization. 

Laser  light  sheet  flow  visualization  was  used  to  see  if  the  vortices  shed  by  the  model  were  burst,  and  to  determine 
if  the  probes  used  in  this  investigation  had  any  visable  effect  on  the  vortices.  The  laser  light  sheet  was  produced  using 
a  5-watt  argon  ion  laser  as  the  light  source  with  a  twin-mirrored  galvanometer  light  sheet  generator  as  described 
in  reference  4.  The  smoke  was  produced  by  vaporizing  propylene  glycol  at  a  temperature  of  380°  F  and  introduced 
into  the  tunnel  circuit  ahead  of  the  honeycomb.  Figure  7  shows  a  typical  laser  light  sheet  photograph  and  illustrates 
the  capability  of  the  system  to  produce  simultaneous  multiple  light  sheets- 

Pitot  Pressure  Surveys 

Pitot  pressure  surveys  were  conducted  at  xjL  =  0.3,  0.5,  0.7,  0.9,  and  1.1  in  planes  normal  to  the  freestream 
direction  for  Reynolds  numbers  of  0.5,  l.O,  and  1.5  million.  The  probe  used  was  a  boundary  layer  probe 
approximately  0.024  inches  wide  by  .013  inches  high  with  a  wall  thickness  of  0.005  inches.  The  pitot  pressure 
probe  was  always  aligned  in  the  freestream  direction. 

A  computer-controlled  probe-positioning  system  was  used  to  traverse  the  probe  through  the  flowfield  above 
the  delta  wing.  At  the  beginning  of  each  survey  and  after  the  airspeed  was  brought  to  test  condition,  the  model 
surface  was  located  through  the  use  of  an  electrical  probe  fouling  circuit.  This  was  done  to  lessen  the  effect  of  the 
probe  and  model  deflections  under  aerodynamic  loading.  Once  the  model  surface  was  located,  the  flowfield  survey 
was  conducted  under  complete  computer  control.  A  typical  flowfield  survey  consisted  of  a  grid  of  approximately 
91  points  horizontally  by  31  points  vertically  («£  2800  data  points  per  survey  location)  with  a  spacing  between 
points  equal  to  1.67  percent  of  the  local  span.  The  time  required  to  acquire  one  survey  was  approximately  2  hours. 
The  data  acquisition  software  also  allowed  the  researcher  to  specify  an  ‘embedded’  survey  grid  in  the  survey  just 
acquired.  In  this  investigation,  the  embedded  grid  option  was  used  for  a  more  detailed  survey  of  the  left-hand 
(positive  y/s)  secondary  vortex.  The  embedded  grids  typically  contained  1700  data  points  with  a  grid  spacing  equal 
to  0.35  percent  of  the  local  span  and  required  75  minutes  to  complete. 

Pressure  data  was  measured  using  an  electronic-scanning  pressure  system  with  1  psid  transducers.  The  accuracy 
of  these  transducers  is  ±.001  psi.  This  accuracy  is  a  function  of  temperature  (±.0005  psi®  F);  therefore,  the  data 
acquisition  system  continuously  monitored  the  temperature  and  automatically  performed  a  recalibration  when  the 
temperature  changed  more  than  2°  F.  After  stepping  to  each  measurement  location  and  pausing  0.5  seconds,  the 
mean  pressure  was  determined  by  averaging  255  samples  acquired  over  a  1  second  time  interval.  The  pitot  pressure 
deficit  was  measured  by  referencing  the  pressure  transducers  to  the  total  pressure  downstream  of  the  last  anti¬ 
turbulence  screen.  The  pitot  pressure  deficit  was  nondimensionalized  by  the  freestream  dynamic  pressure  to  obtain 
the  pitot  pressure  coefficient,  Cp,.  Real-time  color  displays  of  the  Cp,  were  produced  to  insure  there  were  no  lead/lag 
errors  induced  by  the  movement  of  the  probe  through  the  flowfield. 

S-Hole  Probe  Surveys 

Five-hole  probe  surveys  were  conducted  to  measure  flow  angularity  and  velocity  above  the  delta  wing.  These 
surveys  were  obtained  at  x/L  =  0.7,  0.9,  and  1.1  in  planes  normal  to  the  freestream  direction  for  Reynolds  numbers 
of  0.5,  i.O,  and  1.5  million. 

The  probe  used  in  this  investigation  was  a  hemi-spherical  tipped,  0.125  inch  diameter  5-hole  pressure  probe. 
The  probe  was  calibrated  using  equations  derived  from  the  potential  flow  about  a  sphere.  The  derivation  of  the 
calibration  equations  and  the  method  of  acquiring  the  calibration  data  are  described  in  reference  5.  The  error  in 
a,  0^  and  q  deduced  from  the  5-hole  probe  calibration  data  are  presented  in  figure  8.  The  5-bole  probe  was  always 
aligned  in  the  freestream  direction  and  used  the  same  probe  p<Mitioning  system  and  pressure  measurement  technique 
described  above.  The  real-time  display  was  updated  to  display  the  crossflow  velocity  ''ectors  with  the  color  of  the 
vector  reflecting  the  longitudinal  component  of  velocity.  A  typical  flowfield  survey  consisted  of  a  grid  similar  to  that 
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of  the  Cpt  measurements  3300  data  points  per  survey  location).  However,  due  to  the  size  of  the  5-hole  probe, 
the  embedded  survey  grid  option  was  not  used  to  survey  the  secondary  vortex. 

L4uer  Doppler  Velocimeter  Surveys 

The  BART  is  equipped  with  a  dedicated  3-component  laser  doppler  velocimeter  (LDV)  system  to  enable  the  non- 
intrusive  measurement  of  fiowfields.  The  LDV  is  capable  of  obtiuning  accurate  velocity  measurements  in  flowfields 
with  reverse  flows,  large  shear  gradients  and  velocity  fluctuations.  For  this  investigation,  two  LDV  surveys  were 
obtained  at  the  longitudinal  station  xfL  —  0.9  at  a  Reynolck  number  of  1.0  million  for  comparison  with  the  5-bole 
pressure  probe  results. 

The  BART  LDV  system  is  a  three-color,  orthogonal,  crossed-fringe  configuration  with  the  receive  optics  mounted 
90°  off-axis.  The  514.5,  496.5  and  476.5  nanometer  wavelengths  are  used  to  measure  the  lateral  (u),  streamwise 
(u),  and  vertical  (w)  velocity  components,  respectively.  Bragg  cells  are  used  to  provide  directional  measurement 
capability  in  all  three  velocity  components.  The  sample  volume  is  spherical  in  shape  and  has  been  calculated  to 
be  approximately  150-/im  in  diameter.  The  optics  and  laser  move  as  a  unit  on  a  traversing  system  that  provides  1 
meter  of  travel,  with  I0~^m  resolution,  in  ail  three  axes. 

The  flowfleld  was  seeded  with  O.fl-zim  polystyrene  latex  microspheres.  The  seed  particles  were  suspended  in  a 
niixturt:  ui  alcohol  and  water  and  were  injected  into  the  flow  upstream  of  the  honeycomb  using  an  atomizing  spray 
nozzle.  Typically  500  to  4096  velocity  samples  were  obtained  at  each  measurement  location  in  the  flowfleld.  The 
actual  number  of  samples  depended  on  Che  particular  location  in  the  flowfleld  and  the  particle  seeding  rate. 

The  ability  of  a  particle  to  track  the  streamline  in  the  flowfleld,  and  thus  the  accuracy  of  the  LDV,  is  directly 
related  to  the  size  of  the  particle.  Theoretical  predictions  of  particle  trajectorie  in  various  flows  were  reported  in 
reference  6  through  9.  Dring  and  Suo  (reference  6)  concluded  that  the  particle  trajetory  in  a  fre  vortex  swirling 
flow  is  governed  primarily  by  the  Stoke  number  (St)  and  when  the  Stoke  number  is  less  than  0.01,  the  particle 
will  follow  the  circular  streamline  of  the  fre  vortex. 

The  0.8-/im  particle  used  during  this  tet  have  a  density  pp  =  2.03727  slugs/ft^.  The  Stoke  number  for  the 
particle,  based  on  the  radius  and  the  swirl  velocity  at  the  edge  of  the  vortex  core,  is  0.007.  The  numerical  procedure 
described  by  Dring  (reference  6)  was  used  to  predict  the  particle  trajectorie  for  the  vortice  that  were  measured 
during  this  invetigation.  The  predictions  show  that  the  particles  used  during  this  test,  will  follow  the  streamlines 
of  the  vortex  with  accuracy  of  about  1%. 

Results  and  Discussion 

Flow  Visualization 

A  brief  description  of  the  flow  over  a  swept  delta  wing  will  aid  in  the  subsequent  discussion  of  the  results.  At 
moderate  to  high  angles-of-attack,  the  airflow  separates  at  the  sharp  leading  edge  of  a  swept  delta  wing.  The 
separated  shear  layer  rolls  up  into  two  primary  vortices  as  sketched  in  figure  9a  (from  reference  10).  As  the  airflow 
rolls  up  and  over  the  primary  vortices  it  impinges  on  the  surface  along  the  attachment  line  and  then  flows  outward. 
These  two  vortices  induce  additional  velocities  on  the  upper  surface  of  the  wing,  which  produce  a  suction  pressure 
near  the  leading  edges  (figure  9b).  Because  of  the  steep  adverse  pressure  gradients  induced  outboard  of  the  primary 
vortex,  the  boundary  layer  separates  emd  rolls  up  into  smaller  secondary  vortices,  which  induce  additional  velocities 
on  the  surface  and  cause  further  modification  of  the  wing  pressure  distribution.  Depending  on  Reynolds  number, 
additional  tertiary  separations  may  also  occur.  The  secondary  separation  lines  appear  as  rays  emanating  from  the 
apex  of  the  delta  wing  as  shown  in  figure  9c.  When  the  boundary  layer  transitions  from  leuninar  to  turbulent,  the 
position  of  the  secondary  separation  shifts  outward  toward  the  leading  edge  as  described  by  Hummel  in  reference  10. 
Vortex  bursting  may  also  cause  a  shift  in  the  secondary  separation  line.  In  fact,  Lamboume  and  Bryer  (reference  11) 
described  a  situation  in  which  the  vortex  bursting  over  the  surface  of  the  wing  causes  an  outward  shift  or  bending  in 
the  secondary  separation  line  because  of  a  reduction  in  the  adverse  pressure  gradient  and  an  increase  in  turbulence. 
This  was  not  the  case  in  this  investigation  since  the  laser  light  sheet  flow  visualization,  as  in  figure  7,  confirmed 
that  the  vortices  were  not  burst  over  the  entire  Reynolds  number  range  of  the  test. 

The  region  where  the  boundary  layer  transitions  from  laminar  to  turbulent  is  important  for  validating 
computational  methods,  especially  Reynolds-averaged  Navier-Stokes  codes  which  use  *^urbulence  models.  Surface 
flow  visualizations  using  titanium  dioxide  and  kerosene  were  used  to  characterize  the  state  of  the  boundary  layer 
for  Reynolds  numbers  between  0.5  and  2.0  million.  The  complete  set  of  surface  flow  visualizations  are  presented  in 
reference  12.  The  surface  flow  visualizations  were  digitized  to  obtain  the  location  of  the  secondary  separation  lines 
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and  these  data  are  presented  in  figure  10.  This  figure  shows  the  position  of  the  right-hand  secondary  separation 
lin«  for  the  Reynolds  numbers  that  were  investigated.  The  transition  Reynolds  number  is  defined  as, 

Rnt  =  xtUoolt' 


where  xt  is  the  streamwise  distance  from  the  apex  to  where  transition  begins,  ranged  from  800,000  to  900,000. 
This  agrees  well  with  the  results  of  Hummel  presented  in  reference  10.  The  figure  shows  that  the  boundary  layer 
transitions  at  the  trailing  edge  of  the  wing  at  a  Reynolds  number  of  approximately  1.0  million  and  moves  forward 
to  x/L  ^  0.4  at  a  Reynolds  number  of  2.0  million. 

Flowfield  Surveys 

Due  to  the  large  volume  of  off-body  flowfield  data  that  was  obtained  during  this  investigation,  it  is  unfeasible 
to  pr^nt  the  results  for  the  entire  teat.  Therefore,  only  the  results  for  the  Reynolds  number  of  1.0  million  will  be 
presented  and  discussed. 

Pitot  Pressure  Coefficient^  Cpj 

Figure  11  presents  contour  plots  of  the  pitot  pressure  coefficient  data  acquired  over  the  75®  swept  delta  wing 
at  x/L  =  0.3,  0.5,  0.7,  0.9  and  1.1  for  the  Reynolds  number  of  1  million.  The  results  indicate  a  high  gradient  in 
Cp,  just  outboard  of  the  primary  vortex  core.  It  also  shows  two  interesting  regions  where  the  Cp^  measured  in  the 
flowfield  are  very  nearly  equal  to  the  Cp,  measured  in  the  freestream.  The  first  region  appears  as  a  hole  between  the 
free  shear  layer  and  the  cores  of  the  primary  vortices.  The  second  is  a  roughly  triangular  region  at  the  centerline  of 
the  wing  near  the  surface.  These  features  were  inter^ting  because  they  were  not  apparent  in  the  smoke  patterns  of 
the  laser  light  sheet  or  in  previous  investigations  on  a  similar  geometry  (reference  10). 

Whenever  a  probe  is  introduced  into  a  complex  flowfield,  the  effect  of  the  probe  on  the  flowfield  must  be  considered 
as  well  as  the  probe’s  own  measurement  characteristics.  Flow  visualization  has  confirmed  that  the  presence  of  the 
probe  did  not  cause  premature  bursting  of  the  vortex  or  any  perceptible  disturbance  to  either  the  primary  or 
secondary  vortices.  The  pitot  pressure  probe  used  in  this  investigation  was  chosen  because  its  extremely  small  size 
enabled  measurements  to  be  made  with  high  spatial  resolution  in  the  flowfield.  It  was  recognized  at  the  outset  of 
the  investigation  that  the  probe  would  not  be  capable  of  measuring  the  true  total  pressure  since  it  is  always  aligned 
in  the  freestream  direction  and  not  in  the  direction  of  the  local  flow.  Since  the  sensitivity  of  the  pitot  pressure  probe 
is  known,  the  measured  data  can  be  compared  with  computational  results  which  predict  pressure  and  velocity  at 
all  points  in  the  flowfield.  Figure  12  presents  the  pitot  pressure  measured  by  the  probe  versus  the  yaw  angle.  The 
figure  shows  that  the  probe  has  a  plateau  region  of  only  ±7®  and  its  response  rolls  off  sharply  outside  of  this  range. 
The  same  response  was  measured  for  both  pitch  and  yaw  at  multiple  freestream  dynamic  pressures. 

Results  from  the  CFL3D  Navier-Stokes  code  described  in  reference  2  were  used  to  examine  the  effects  of  flow 
angularity  on  the  measurement  of  total  pressure.  Figure  13  presents  the  total  pressure  coefficient  contours  predicted 
by  the  CFL3D  code  for  a  =  20.5®,  xfL  —  0.7  and  Af  =  0.3.  The  total  pressure  coefficients  were  calculated  using  the 
static  pressure  and  an  isentropic  deceleration  of  the  total  velocity  component  to  stagnation.  These  contours  indicate 
a  vortical  flow  pattern  similar  to  those  obteiined  using  the  laser  light  sheet.  Figure  14  presents  the  distribution  of 
total  flow  angle  calculated  from  the  results  of  the  CFL3D  code.  Total  flow  angles  in  the  vortex  flowfield  reach 
a  maximum  of  approximately  60®  at  this  cross  section  and  display  characteristics  similar  to  those  seen  in  the 
experimental  data.  The  velocity  and  static  pressure  field  data  were  used  to  compute  a  “reduced  total  pressure 
coefficient”,  based  on  bringing  only  the  component  of  the  local  velocity  vector  aligned  with  the  freestream  to  rest. 
This  reduced  total  pressure  coefficient  data  is  presented  in  figure  15a  and  includes  at  least  the  first  order  effect 
of  the  flow  angularity  on  the  present  method  of  measuring  total  pressure.  Figure  15a  in  comparison  with  the 
measured  pitot  pressures  of  figure  15b,  shows  that  the  calculated  reduced  total  pressures  contain  all  of  the  features 
of  the  measured  pitot  pressures.  To  provide  a  true  quantitative  comparison  with  theory  and  experiment,  the  actual 
measurement  characteristics  of  the  probe  would  need  to  be  used  to  obtain  the  reduced  total  pressure  instead  of 
method  described  above. 

Figure  16  presents  typical  Cp,  data  acquired  during  an  embedded  survey  of  the  left-hand  secondary  vortex  for 
xjL  =  0.9,  Rn  =  0.5,  1.0,  and  1.5  x  10®,  respectively.  The  figure  shows  that  the  transition  of  the  boundary  layer 
from  laminar  to  turbulent  appears  to  change  the  structure  of  the  secondary  vortex.  Figure  16a.  (Rn  =  0.5  million) 
shows  a  shear  layer  between  the  primary  and  secondary  vortices  with  a  corresponding  large  gradient  in  Cp, ;  however, 
in  figure  16c.  {Rn  =  1.5  million)  this  high  gradient  region  does  not  appear. 
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Velocity  Surveys 


Velocity  surveys  were  obtained  for  xfL  —  0.7,  0.9,  and  l.l  for  the  Reynolds  numbers  of  0.5,  l.O,  and  1.5  million. 
Figure  17  presents  typical  crossflow  velocity  vectors  for  the  xfL  —  0.9;  Rn  =  1.0  million.  This  figure  shows  ti»e 
density  with  which  the  velocity  data  was  acquired.  Figure  18  presents  contours  of  the  u,  u,  and  w  components  of 
velocity  for  the  x/L  =  0.9;  Rn  —  1.0  million  data  set. 

Once  again,  one  must  consider  the  effect  that  the  probe  has  on  the  fiowfield  as  well  as  the  probes  ability 
to  measure  the  flow  angle  and  velocity  in  a  non-uniform  velocity  field.  As  stated  before,  laser  light  sheet  flow 
visualization  showed  that  the  probe  had  no  visable  effect  on  the  position  or  structure  of  the  primary  or  secondary 
vortex  cores.  Figure  8  presents  the  measurement  errors  for  the  5-ho1e  probe  in  a  uniform  flowfield.  However,  the 
flowfield  over  the  75®  is  obviously  not  uniform,  as  shown  in  figure  19.  The  figure  presents  the  gradients  in  the  v 
and  w  components  of  velocities.  The  flowfield  has  large  gradients  in  both  the  v  and  w  components  (as  high  as  7000 
ft/sec/ft).  To  assess  the  measurement  errors  of  the  5-hole  probe  in  this  high  gradient  flowfield,  a  velocity  survey 
was  obtained  using  a  three  component  LDV  at  the  same  points  above  the  delta  wing  as  the  5-hole  probe.  Figure  20 
presents  the  differences  between  the  LDV  and  the  5-hole  probe  results  for  the  u,  u,  and  w  components  of  velocity. 
The  figure  shows  that  for  regions  of  low  velocity  gradients  (<  800  ft/sec/ft),  the  5-hole  probe  does  a  reasonable 
job  of  measuring  the  flowfield  quantities  (probe  error  <  5  percent).  In  the  core  of  the  vortex,  the  5-hoIe  probe  has 
errors  in  the  u,  v,  and  w  components  of  velocity  of  25,  17,  and  35  percent,  respectively.  The  errors  were  calculated 
assuming  that  the  LDV  measurements  were  the  reference.  The  equation  used  to  calculate  the  ii  component  error  is 
show  below: 


terror 


100* 


(“LDV  - 


,2 

LDV 


1/2 

^LDV 


^LDV 


Vortidty 

The  velocity  data  obtained  with  the  5-hole  probe  were  used  to  calculate  the  vorticity  in  the  flowfield  above  the 
delta  wing.  These  vorticity  contours  are  presented  in  figure  21  for  x/L  =  0.7,  0.9,  and  1.1  for  a  Rn  of  1.0  million. 

The  vorticity  calculated  from  a  velocity  field  can  vary  significantly  due  to  differences  in  algorithms,  grid  size  and 
density.  There  are  two  commonly  used  techniques  to  calculate  vorticity.  The  first  method  uses  a  finite  difference 
algorithm  to  approximate  the  gradient  terms  ^  and  ^  in  the  calculation  of  vorticity.  The  second  method  is 

based  on  Stokes  theorem  and  calculates  the  circulation,  T  =  fV  dl  about  a  bounding  path  (typically  a  rectangle) 
and  divides  F  by  the  enclosed  area  to  compute  the  vorticity.  The  vorticity  data  presented  in  this  paper  were 
calculated  using  second  order  finite  differencing  on  both  interior  and  boundary  points  of  the  survey  plane  and  was 
nondimensionalized  by  the  root  chord  divided  by  the  freestream  velocity.  This  technique  for  calculation  of  vorticity 
is  consistent  with  those  commonly  used  by  code  developers. 

A  comparison  was  made  between  the  vorticity  calculated  using  both  techniques  during  the  course  of  this 
investigation.  The  maximum  value  of  vorticity  calculated  from  identical  velocity  fields  was  found  to  differ  by 
as  much  as  50%.  The  vorticity  calculated  by  the  circulation  method  was  consistently  higher  than  that  calculated 
by  the  finite  difference  method.  Care  must  be  exercised  even  when  comparing  the  maximum  vorticity  levels  from 
similar  data  sets  using  the  same  vorticity  calculation  technique.  The  maximum  value  of  vorticity  in  a  velocity  field  is 
very  sensitive  to  grid  size,  placement  and  density  and  therefore,  is  not  a  good  parameter  for  a  detailed  comparison. 
The  vorticity  data  presented  by  Carcaillet  in  reference  13,  provides  a  good  example.  The  data  was  generated  by 
a  75®  swept  delta  wing  at  Reynolds  numbers  bracketing  the  present  experiment.  Even  though  very  similar  finite 
difference  techniques  were  used  and  the  survey  grids  were  approximately  the  same,  the  data  in  reference  13  shows 
almost  twice  the  maximum  vorticity  level  in  the  core  when  compared  to  those  measured  in  this  experiment.  Very 
good  agreement  is  obtained,  however,  between  vorticity  contours  just  outside  of  the  core.  The  results  point  to  the 
fact  that  the  experimentalist  and  computational  code  developers  must  be  explicit  in  describing  the  technique  for 
calculating  vorticity  and  the  geometry  of  the  grid  before  the  data  can  be  used  for  detailed  comparisons. 

Concluding  Remarks 

Selected  results  from  an  experimental  investigation  documenting  the  flowfield  over  a  75®  swept  delta  wing  at 
an  angie-of-attack  of  20.5°  are  presented.  Results  obtained  in  the  investigation  include  surface  flow  visualization, 
off-body  flow  visualization,  and  detailed  flowfield  surveys  for  various  Reynolds  numbers.  Surface  flow  visualization 
was  obtained  at  Reynolds  numbers  ranging  from  0.5  to  2.0  million  in  increments  of  250,000.  Flowfield  surveys  at 
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Reynolds  numbers  of  0.5,  1.0  and  1.5  million  were  conducted  with  bcth  a  pitot  pressure  probe  and  a  S-hole  pressure 
probe;  and  S'Component  laser  doppler  velocimeter  surveys  were  conducted  at  a  Reynolds  number  of  1.0  million. 
The  pitot  pressure  surveys  were  obtained  at  5  longitudinal  stations,  the  5-hole  probe  surveys  were  obtained  at  3 
lon£r)rndinsl  stations  and  the  laser  doppler  velocimeter  surveys  were  obtained  at  one  station.  Comparisons  between 
the  velocities  measured  by  the  3-hole  probe  those  measured  by  the  3-component  laser  doppler  velocimeter 
indicate  that  the  5-hole  probe  does  a  reasonable  Job  of  measuring  flowiield  quantities  when  the  gradients  in  the 
flowfield  are  less  than  800  ft/sec/ft.  However,  errors  as  high  as  35  percent  are  seen  in  the  region  of  the  vortex  core. 
Vorticity  was  calculated  from  the  velocity  data  using  two  different  algorithms  and  it  was  found  to  be  sensitive  to 
both  algorithm,  grid  size  and  density. 
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Figure  1.  Pholograph  of  the  Basic  Aerodynamics  Research  Tunnel. 
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FIgnre  2.  Variation  in  longitudinal  turbulence  inten¬ 
sity  with  q. 


Figure  3.  Schematic  of  the  BART  Data  Acquisition 
System. 


Figure  4.  Sketch  of  75®  delta  wing  model, 
(all  dimensions  in  inches) 


Figure  5.  Photograph  of  the  75®  delta  wing  model 
mounted  in  BART  test  section  showing  LDV 
laser  beams. 


Figure  6.  Surface  flow  visualization  over  75°  delta 
wing;Q  —  20.5®  ,  Rn  —  1.0  million. 
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a).  CFL3D;  A/  =  0.3,  =  0.9  million. 


b).  Expcrimenl;  Rn  =1.0  million. 


Figure  1.^).  Comparison  of  reduced  total  pressure  coelficienl  from  C'FI>3D  Navier-Stokes  code  will* 
experimental  results. 
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a).  Rn  =  0.5  million 


b).  /?n  =s  1.0  million  c).  y?n  =  1.5  million 

Figure  16.  Contours  of  Cp,  in  the  secondary  vortex  for 
x/L  =  0.9. 
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Figure  17.  Typical  velocity  vector  field  obtained  using 
the  5-holc  pressure  probe;  rJL  -=;  0.9, 

Rn  --  0.0  million. 
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a).  Gradient  of  v  component  b).  Gradient  of  tv  coinponeul 

(inaximum  Vt-  =  Gill)  (maximum  Vu>  -  7074) 

Kigui»*  19.  Contours  of  tlic  velocity  gradients  in  the  flowfield  over  llie  75°  swept  tlella  wing; 

■r/L  -  0.9,  flu  =:  1.0  million,  (contour  levels  iioiidimensionalized  by  maximum 
gra<(ient ) 
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Figure  20.  Per  cent  differences  between  measured  velocities;  zfL  —  0.9,  fl?^  =  1.0  million. 


Pll- 


EXPERIHEMTS  AND  CODE  VALIDATION  POR  JUNCTURE  FLOtfS 


L.  R.  Kubendran  (AS&M,  Inc.) 
NASA  Langley  Research  Center 
Hampton,  VA  23665,  U.S.A. 

and 


C.-H.  Sung  and  c.-I.  Yang 
David  Taylor  Naval  Ship  RiD  Center 
Bethesda,  MD  20084,  U.S.A. 


SUMMARY 

The  turbulent  flow  around  a  juncture  formed  by  an  unswept  wing  and  a  flat 
plate  has  been  experimentally  studied,  and  the  effectiveness  of  modifications 
near  the  wing  leading  edge  in  controlling  the  juncture  flow  field  has  been 
evaluated.  The  results  are  compared  with  numerical  solutions  of  the  incompres¬ 
sible  Reynolds-averaged  Navier-Stokes  equations.  The  Baldwin-Lomax  turbulence 
model  is  used  in  the  computations.  The  numerical  code  is  very  time  efficient, 
and  it  predicts  the  flow  behavior  well,  including  the  detection  of  leading-edge 
vortex  formation.  It  tends  to  over-predict  the  boundary  layer  thickness  and 
the  location  of  the  vortex.  Both  the  experiment  and  computations  indicate  that 
the  leading  edge  flow  separation  is  eliminated  by  the  use  of  a  leading-edge 
fillet  designed  in  this  study,  resulting  in  drag  reduction. 


INTRODUCTION 

A  wing/fuselage-type  juncture  is  typical  of  those  found  in  aircraft, 
submarines,  turbo-machinery,  and  aero/hydrodynaraic  test  facilities.  In  this 
juncture,  the  turbulent  boundary  layer  developing  on  the  fuselage  surface 
encounters  an  adverse  pressure  gradient  as  It  nears  the  wing  leading  edge.  The 
ensuing  flow  separates  and  forms  a  horseshoe  vortex  structure  which  surrounds 
the  leading  edge  and  trails  downstream  (fig.  1).  In  addition,  a  small  counter¬ 
rotating  vortex  is  also  present  very  close  to  the  wing/fuselage  intersection. 
These  vortices,  together  with  the  secondary  flows  that  are  present  in  any 
streamwise  corner,  lead  to  a  truly  complex  three-dimensional  flow.  This 
vortex-dominated  flow  field  becomes  even  more  complicated  when  decelerating 
flow  near  the  wing  trailing  edge  separates. 

The  juncture  vortex  system  can  degrade  the  lift/drag  characteristics  of 
the  juncture  surfaces  by  modifying  the  regions  of  attached  flow,  and  can  affect 
the  performance  characteristics  of  the  surfaces  downstream.  A  clear  under¬ 
standing  of  the  juncture  flow  is  necessary  for  designers  to  assess  or  minimize 
the  above-mentioned  effects.  Many  groups  of  researchers  have  experimentally 
studied  various  aspects  of  this  flow  in  different  flow  regimes  (e.g.,  refs.  1- 
6> .  These  studies  have  improved  our  understanding  of  the  flow  mechanisms  in 
this  field.  But,  it  would  be  of  great  help  to  the  designers  if  calculation 
methods  existed  in  addition  to  these  experimental  results.  Researchers 
involved  in  computatio  al  fluid  dynamics  consider  the  analysis  of  this  flow 
challenging  because  of  the  presence  of  all  six  components  of  Reynolds  stresses 
in  turbulent  flow  junctures  in  addition  to  the  secondary  motion.  Boundary- 
layer  approximation  methods  are  not  adequate  for  solving  this  problem,  and 
until  recently,  approaches  based  on  Navier-Stokes  equations  could  not  be 
attempted  because  of  insufficient  computing  resources.  The  advent  of  super¬ 
computers  is  changing  this  situation. 

With  the  availability  of  supercomputers  such  as  CRAY-2  through  nationwide 
computer  networks,  more  and  more  Navier-stokes  solution  procedures  are  being 
developed.  Some  of  the  recent  computational  studies  related  to  this  flow 
problem  are  detailed  in  references  7-9.  But  these  and  other  codes  will  have  to 
be  validated  against  experimental  results  so  that  designers  can  confidently  use 
them  for  evaluation  of  new  concepts  and  for  routine  design  analysis.  With  this 
In  mind,  an  attempt  has  been  made  to  validate  a  Navier-stokes  code  in  this 
paper. 

The  Numerical  code  has  been  developed  at  the  David  Taylor  Naval  Ship 
Research  and  Development  Center  (DTNSROC) .  The  experiments  described  here  form 
the  basis  for  a  cooperative  effort  between  HASA-Langley  and  DTNSRDC.  The 
objectives  of  this  program  are  two-fold:  (1)  viscous  drag  reduction  by  improve¬ 
ment  of  juncture  flow  field  characteristics,  and  (2)  validation  of  the  DTNSRDC 
numerical  code.  Comparison  between  predictions  of  this  code  and  the  results  of 
a  previous  DTNSRDC  juncture  flow  experiment  (ref.  6)  has  indicated  good 
agreement  (ref.  10). 
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In  this  paper,  relevant  results  from  the  experiments  conducted  at  NASA* 
Langley  will  be  presented.  The  code  will  be  validated  against  experimental 
static  pressure  distributions,  and  streamwise  velocity  measurements  in  the 
juncture  and  in  the  wake.  An  uncertainty  analysis  of  the  results  will  also  be 
presented . 


DESCRIPTION  OF  EXPERIMENTS 
Facility  and  Instrumentation 

The  experimental  facility  was  the  12  in.  by  18  in.  Low  Speed  Wind  Tunnel 
at  the  NASA  Langley  8-Ft.  Transonic  Pressure  tunnel  Complex.  This  open-circuit 
tunnel  had  an  overall  contraction  ratio  of  24:1.  Two  turbulence  reduction 
screens  and  a  honeycomb  flow  straightener  were  in  the  inlet  section.  This 
tunnel  had  an  automated  data  acquisition  system  and  a  computer-controlled 
probe-traversing  capability. 


The  probe  rake  used  in  this  study  had  total-  and  static-pressure  probes, 
and  provision  for  a  plug-in  hot-wire  sensor.  The  pressure  probes  were  used  for 
making  all  of  the  velocity  measurements.  The  hot  wire  was  used  for  checking 
the  tunnel  flow  quality.  All  of  the  measurements  were  made  at  a  nominal 
freestream  velocity  of  87  ft/s,  corresponding  to  a  unit  Reynolds  number  of 
520,000/ft.  At  this  operating  condition,  the  r.m.s.  velocity  fluctuation  in 
the  streamwise  direction  was  measured  to  be  about  0.15%. 

Experimental  Model 

A  schematic  of  the  experimental  setup  is  given  in  figure  2.  The  wing- 
fuselage  juncture  was  simulated  by  mounting  an  unswept  wing  normal  to  a 
vertical  splitter  plate  {"fuselage") .  The  wing  had  a  chord  length  of  six 
inches  and  a  span  of  eight  inches.  For  the  smoke  flow  visualization  and  for 
making  some  preliminary  measurements,  an  NACA  0012  wing  was  used,  details  of 
which  are  given  in  references  11  and  12.  (Some  relevant  results  from  these 
experiments  will  be  used  here  as  needed.)  For  making  detailed  surveys,  an  NACA 
0020  wing  was  used.  The  wing  leading  edge  was  located  at  24  in.  downstream  of 
the  plate  leading  edge.  A  flap  at  the  plate  trailing  edge  was  used  to  adjust 
the  stagnation  point  location  near  the  plate  leading  edge.  The  plate  boundary 
layer  was  tripped  by  means  of  a  roughness  strip  near  the  leading  edge.  The 
plate  was  instrumented!  with  wall  static  pressure  orifices  in  the  streamwise  and 
lateral  directions. 

Leading-edge  riQjjL  Control 

It  has  been  observed  in  reference  5  that  the  wing  leading  edge  shape  or 
slenderness  ratio  (i.e.,  the  ratio  between  maximum  thickness  and  distance  :rom 
leading  edge  to  maximum  thickness)  is  a  major  factor  in  determining  the 
juncture  flow  field,  and  that  the  strength  and  location  of  the  secondary  vortex 
system  can  be  controlled  by  suitably  changing  the  leading  edge.  It  is  expected 
that  leading-edge  modifications  near  the  wing  root  can  lower  the  adverse 
pressure  gradients  encountered  near  the  wing  leading  edge,  and  hence  reduce 
vorticity  in  this  region.  Results  from  reference  13  indicate  that  a  corner 
fillet  of  constant  radius  merely  shifts  the  location  of  the  secondary  vortex, 
even  though  it  has  beneficial  effects  near  the  wing  trailing  edge  location. 
Reference  14  demonstrates  that  wing  sweep  can  sharply  reduce  pressure  gradients 
upstream  of  the  juncture  in  supersonic  flows. 

With  the  guidance  provided  by  the  above  observations,  the  following 
criteria  were  used  in  the  design  of  the  fillet.  The  maximum  height  of  the 
fillet  above  the  plate  surface  should  not  significantly  exceed  the  plate 
boundary  layer  thickness  at  the  wing  leading  edge  location.  The  thickness  of 
the  fillet  should  not  exceed  the  maximum  thickness  of  the  wing  since  it  was 
essential  not  to  modify  the  juncture  potential  flow.  In  addition,  it  is 
preferable  to  use  easily-developable  surfaces,  for  ease  of  construction  and 
installation  on  existing  aircraft. 


The  modifications  were  restricted  to  the  region  upstream  of  the  maximum 
thickness  location.  In  the  fillet  design,  a  section  of  the  wing  near  the  root 
was  stretched  linearly  so  that  the  extension  upstream  of  the  leading  edge  was  2 
in.  at  the  root,  and  zero  at  a  height  of  1  in.  from  the  root.  The  basic  shape 
(NACA  4-digit  series)  of  the  airfoil  (up  to  the  maximum  thickness  point)  was 
maintained  at  all  heights  above  the  plate  surface.  A  removable  fillet  was 
fabricated  using  numerically-controlled  machines.  A  photograph  of  the  fillet 
used  is  shown  in  figure  3. 

Measurement  Locations 

Pressure  and  streamwise  velocity  measurements,  with  and  without  leading- 
edge  fillet,  were  made  at  the  following  stations:  (1)  two  chord  lengths 
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upstream  of  the  leading  edge,  (2)  at  50%  chord  location  in  the  juncture,  and 
(3)  one  chord  length  downstream  of  the  wing  trailing  edge  (fig.  2).  Three  sets 
of  data  were  acquired  at  each  of  the  above-mentioned  measurement  locations. 

Measuremen_t  .Uncertaintie_s 

An  electrical  model-detection  circuit  was  used  with  the  probe  rake  to 
accurately  establish  reference  points  on  the  plate  and  the  wing.  Backlash 
error  was  eliminated  by  traversing  in  one  direction  from  the  reference  point. 
The  uncertainties  in  locating  x,  y,  and  2  are  +0.05  in.,  ±0.002  in.,  and  ±0.002 
in.,  respectively.  The  accuracy  of  the  differential  pressure  transducer  used 
in  the  experiment  is  ±0,2*=!%  of  the  reading.  The  pressure  instruments  were 
calibrated  as  and  when  necessary,  and  their  calibration  factors  were  checked 
and  adjusted  for  drift  before  making  measurements  on  any  given  day.  The  esti¬ 
mated  uncertainty  in  the  wall  static-pressure  measurement  is  ±0.4%.  The 
uncertainty  in  the  measurement  of  streamwise  component  of  the  velocity  varied 
across  the  boundary  layer.  Near  the  surfaces,  probe  interference  could  have 
introduced  an  uncertainty  of  about  ±2.5%.  Also,  the  measured  streamwise 
velocities  were  not  corrected  for  the  influence  of  cross-stream  flow  veloci¬ 
ties,  which  could  have  resulted  in  an  overestimation  of  up  to  3%.  The  total 
uncertainty  in  velocity  for  y/c  <  0.1  is  -2.5%  to  +4.0%,  For  larger  values  of 
y,  the  uncertainty  will  be  less  than  1%. 


EXPERIMENTAL  RESULTS 

In  this  section,  some  qualitative  and  quantitative  results  are  presented 
to  highlight  the  complex  juncture  flow.  Smoke  flow  visualization  results  are 
from  a  related  investigation  (ref.  12).  In  that  experiment,  smoke-wire 
technique  was  used  to  visualize  various  x-z  planes  (planes  parallel  to  the 
plate  and  slicing  the  wing)  in  a  juncture  formed  by  an  unswept  wing  with  NACA 
0012  cross-section,  mounted  perpendicular  to  a  flat  plate.  It  should  be  noted 
here  that  the  chord  Reynolds  number  used  in  that  study  was  60000,  with  laminar 
flow  on  the  plate.  Still,  the  mechanism  (adverse  pressure  gradient)  that  leads 
to  vortex  formation  is  the  same  in  both  laminar  and  turbulent  flows,  with  the 
extent  of  separation  being  different. 

Figure  4(a)  presents  visualization  of  the  x-z  plane  located  at  y/delta 
(delta  is  the  undisturbed  plate  boundary  layer  thickness  at  the  wing  leading 
edge) .  This  picture  clearly  shows  the  flow  separation  upstream  of  the  wing 
leading  edge  and  the  formation  of  horseshoe-type  vortices.  These  vortices  wrap 
around  the  wing  and  diffuse  as  they  move  downstream  in  the  juncture.  In  the 
filleted  case  shown  in  figure  4(b),  the  leading-edge  separation  has  been 
eliminated,  and  vortlcity  in  the  flow  field  has  been  effectively  reduced.  The 
fillet  used  is  very  similar  to  the  one  that  was  described  earlier.  Further 
details  of  this  flow-visualization  study  are  found  in  reference  12. 

In  the  present  experiment,  surface  oil-flow  visualization  was  used  to 
identify  the  regions  affected  by  the  use  of  leading-edge  modification.  The 
flow  visualization  shown  in  figure  5  is  around  the  filleted  juncture,  and  there 
is  similarity  between  this  picture  and  figure  4(b).  Leading-edge  flow  separa¬ 
tion,  normally  seen  upstream  of  a  blunt  wing,  has  been  essentially  eliminated. 

The  downstream  er^ects  of  this  leading-edge  device  can  be  characterized 
from  momentum  measurements  as  shown  in  figure  6.  There  the  wake  momentum 
deficit  (Ky)  at  a  given  y  is  calculated  by  integrating  the  momentum  defect 
across  a  strip  of  wake  measurement  region,  with  z  varying  from  -4  in.  to  4  in. 
Also  shown  in  this  figure  is  the  cumulative  deficit  (Dy) ,  as  determined  by 
integrating  Ky  from  the  plate  surface  to  a  given  y.  This  cumulative  deficit, 
which  is  a  measure  of  wake  drag  when  y  is  large,  is  consistently  lower  with  the 
fillet,  indicating  flow  improvement.  Similar  quantitative  results  have  also 
been  obtained  in  a  laminar  juncture  (ref.  12).  These  results  reinforce  the 
view  that  elimination  of  flow  separation  at  inception  can  have  large  beneficial 
effects.  Further  research  work  is  being  carried  out  based  on  this  conviction. 

The  following  sections  describe  the  numerical  procedure  used  for  calcu¬ 
lating  this  flow,  and  give  detailed  comparisons  of  the  code  predictions  with 
the  experimental  results. 


DESCRIPTION  OF  CODE 

A  detailed  description  of  the  numerical  procedure  used  to  solve  for  the 
steady-state  solution  of  the  incompressible  three-dimensional  Reynolds-averaged 
Navier-Stokes  equations  can  be  found  in  reference  10.  only  a  brief  outline  is 
given  here. 

The  governing  equations  to  be  solved  are  based  on  Turkel's  preconditioned 
formulation  (ref.  15)  which  Is  a  generalization  of  Chorin's  artificial  compres- 
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sibillty  approach  (ref.  16) .  The  time  derivative  terms  are  preconditioned  by 
multiplying  an  appropriate  matrix  in  order  to  reduce  the  disparity  in  propaga- 
tion  speeds  of  fast*-moving  acoustic  and  slow-moving  convective  solutions. 


The  spatial  discretization  is  based  on  the  cell-centered  central  dif¬ 
ference  finite-volume  formulation  with  the  dependent  variables  located  at  the 
center  of  the  computational  cell.  Then  the  governing  equations  are  written  in 
semi-discrete  form  at  each  cell  center.  The  time-stepping  scheme  used  is  an 
explicit  one-step  four-stage  Runge-Kutta  method.  This  scheme  is  first-order 
accurate,  has  a  Courant-Friedrichs-Levy  (CFL)  number  of  3,  and  has  been  shown 
to  be  compucutionally  more  efficient  than  the  Runge-Kutta  schemes  used  in 
references  17-19.  A  fourth  difference  artificial  dissipation  model  has  been 
incorporated  to  dampen  spurious  solutions. 

In  order  to  simplify  the  computation  of  viscous  terms,  a  generalized 
version  of  the  thin-layer  approximation  adequate  for  wing/fuselage-type 
junctures  has  been  adopted.  The  Baldwin-Lomax  turbulence  model  (ref.  20)  is 
used.  Techniques  to  accelerate  the  rate  of  convergence  to  a  steady-state 
solution  include  the  use  of  local  time  step,  and  the  implicit  residual  smooth¬ 
ing.  The  use  of  the  latter  has  raised  the  CFL  number  from  3  to  6  or  6.  A 
great  care  must  be  exercised  in  the  treatment  of  boundary  conditions.  The 
component  of  the  momentum  equations  normal  to  the  boundary  surface  written  in 
curvilinear  coordinates  is  used  to  set  up  the  boundary  conditions  at  the  solid 
wall  and  the  plane  of  symmetry.  The  non-reflecting  boundary  conditions  using 
the  characteristic  variables  are  used  for  the  far field  boundaries. 

Computations 

The  computations  were  based  on  the  Reynolds  number  used  in  the  experiment. 
The  computational  domain  was  relatively  small  to  avoid  using  a  large  computer 
memory.  The  inflow  boundary  was  1.7  chord  lengths  upstream  of  the  leading  edge 
of  the  airfoil,  and  the  outflow  boundary  was  at  2.0  chord  lengths  downstream  of 
the  trailing  edge.  The  outer  boundary  was  at  1.9  chord  lengths  from  the  x-y 
plane  of  symmetry,  and  the  top  boundary  was  at  0.7  chord  lengths  from  the 
plate.  The  3-D  computational  grid  was  constructed  by  stac)cing  2-D  C-type 
grids. 

The  computations  were  performed  on  CRAy-2  of  the  Numerical  Aerodynamic 
Simulation  (NAS)  Program  at  the  NASA  Ames  Research  Center.  Computations  were 
run  in  a  coarse  grid  of  41x25x25,  Based  on  previous  experience  (ref.  10),  a 
finer  grid  would  have  been  necessary  if  the  details  of  the  small  counter¬ 
rotating  vortex  needed  to  be  resolved.  The  computations  took  18  minutes  of  CPU 
time  for  1500  time  steps,  and  the  solution  did  not  change  significantly  after 
about  500  time  steps  (5  min,  of  CPU  time) .  The  root-mean-square  residual  of 
the  pressure  was  reduced  by  three  to  four  orders  of  magnitude.  The  solutions 
were  second-order  accurate  in  space.  They  were  first-order  accurate  in  time, 
which  was  considered  adequate  since  only  steady-state  solutions  were  of 
interest.  Computations  of  flow  about  junctures  with  fillets  designed  based  on 
the  criteria  stated  earlier  are  presented  in  reference  21. 


ASSBSSKENT  OP  CODE  PREDICTIONS 

In  figure  7,  the  calculated  wall  static-pressure  distributions  in  the 
plane  of  symmetry  (z«0)  upstream  of  the  juncture  configurations  are  compared 
with  the  experimental  results.  The  agreement  is  considered  quite  good.  In 
figure  7(a),  the  computations  resolve  the  "hump"  (local  maximum  at  about  x/c  = 
-0.1)  normally  associated  with  the  location  of  the  separation  vortex  core.  The 
experiments  did  not  pic}c  up  this  detail,  mainly  because  of  insufficient  number 
of  pressure  orifices  along  the  plate  centerline.  For  the  filleted  case  in 
figure  7 (b) ,  the  calculations  do  not  show  any  "hump”  in  the  pressure  distribu¬ 
tion,  confirming  the  experimental  results  (fig.  5)  that  the  leading-edge 
separation  has  been  eliminated  or  minimized. 

Contours  of  streamwise  component  of  the  mean  velocity  u  normalized  with 
freestreao  velocity  u<0  are  compared  in  figures  8  and  9.  Figure  8  presents  the 
results  at  the  y-z  plane  in  the  juncture  at  x/c-0.5.  The  experimental  results 
show  that  the  leading-edge  fillet  causes  significant  changes  in  the  flow 
behavior  downstream  in  the  juncture.  The  juncture  vortex  is  much  weaker  for 
the  filleted  case,  as  indicated  by  the  more  uniform  velocity  contours  in  the 
juncture.  The  computed  results  exhibit  a  very  similar  trend,  although  the 
location  of  the  vortex,  as  deduced  from  the  contour  distortions,  is  further 
away  from  the  juncture.  Similar  computational  problem  has  been  reported  in  a 
recent  report  (ref.  22). 

Figure  9  presents  comparisons  of  velocity  contours  at  the  wake  plane, 
x/c«2.0.  Again,  the  improvements  brought  about  by  the  elimination  of  leading- 
edge  separation  can  be  seen  in  figure  9(b)  as  reduction  of  contour  distortions. 
The  nximerlcal  results  indicate  a  comparable  behavior.  But,  they  over-predict 
the  boundary  layer  (or  region)  thickness.  As  stated  earlier,  freestream 
Reynolds  number  was  the  only  constraint  used  in  the  computations  of  this  flow. 
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The  measured  initial  conditions  could  not  be  used  in  th^  calculations  because 
of  time  limitations.  This  is  believed  to  be  one  of  the  main  reasons  for  over- 
prediction. 

Individual  velocity  profiles  are  compared  in  figures  10  and  11.  Since  the 
computed  location  of  the  vortex  is  different  from  that  of  the  experiment,  one 
can  expect  differences  in  individual  profile  comparisons.  Part  of  the  differ¬ 
ences  between  the  experimental  results  and  computations  near  the  plate  surface 
(y/c  <  0.1)  can  be  attributed  to  the  measurement  uncertainties  (stated  in  a 
previous  section) ,  which  can  result  in  a  fuller  profile. 


CONCLUSIONS 

Elimination  of  leading-edge  separation  has  considerable  beneficial 
effects,  as  confirmed  by  the  experiments  and  the  computations  described  above. 
The  numerical  code  is  very  time  efficient,  and  it  predicts  the  flow  behavior 
well,  including  the  detection  of  leading-edge  vortex  formation.  It  tends  to 
over-predict  the  boundary  layer  thickness  and  the  location  of  the  vortex. 
Further  comparisons  for  the  wing  at  an  angle  of  attack  are  being  made,  and  the 
results  will  be  published  in  future. 
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Figure  1.-  Juncture  flow  eohenatic.  2.-  Experimental  setup. 
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ir«  5.-  Visualization  of  flow  around 
filleted  juncture. 
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Figure  Effect  of  leading-edge 

modification  on  uake  flow 
(measurement  plane:  x/c=2.o). 
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Figure  7.-  Comparison  of  plate  centerline 
static-pressure  distribution 
upstream  of  wing  leading  edge. 
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Figure  10.-  Comparison  of  code 

predictions  with  experimental 
data  (streamwise  velocity 
profiles  at  measurement  plane 
x/c®0 .5) . 
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Figure  ll.-  Comparison  of  code 

predictions  with  experimental 
data  (streamwise  velocity 
profiles  at  measurement  plane 
x/c=2.0) . 
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1.  ABSTRACT 

Research  on  numerical  modeling  of  turbulent  reactive  gas  flows  is  being  conducted 
at  the  University  of  Florence  Department  cf  Energy  Engineering  (DEF)  to  provide 
improved  analytical  models  of  combustion  devices.  The  objective  is  to  develop  adequate 
mathematical  models  of  physical  processes  and  a  solution  algorithm  with  suitable 
numerical  properties .  The  paper  describes  in  detail  both  the  flow  model  and  the 
numerical  method  adopted. 


2.  MOMSMCLATURB 

a  =  speed  of  sound 

a,  a’  »  coe/ficieflts 

b, b'  -  coefficients 

A  =  matrix  of  the  quasilinear  form 

B  =  matrix  of  the  quasilinear  form 

c  =  mean  square  fluctuating  concentration 
Cp  =  constant  pressure  specific  heat 

C  =  constant 

D  *  diffusion  vector 

e  »  specific  internal  energy 

E  *  total  specific  energy 

f  *  u/i/cpoKm  vector 

/  «  function 

F  »  axial  flux  vector 

g  s  perturbation  vector  or  ampiification  factor 
G  *  radial  flux  vector 

h  *  unknown  index 

/T  ar  ^eat  released  by  the  chemical  reaction 
&pt  s  optimization  matrix 

k  *  thermal  conductivity  coefficient 

K  ®  turJbuience  kinetic  energy 

i  *  /-I 

I  »  identity  matrix 

j  «  index  of  tiie  spatial  discretization 

L  ^  length 

m  ^  index  of  the  time  discretization 

M  =  Mach  number 

n  »  index  of  tiie  spatial  discretization 

M  •  number  of  unknowns 

p  •  pressure 

P  »  turbulence  kinetic  energy  production  term 

Pr  ■  reference  Prandtl  nunPer,  u*’Cp/k‘ 

q  «  heat  flux  vector 

R  *  loir  Peynoids  numPer  tem 

Re  *  reference  Keynoids  numPer,  v*  -L*  -a* /p* 

Rt  *  turbulent  Reynolds  number 

s  *  stoichiometric  ratio 

S  •  source  vector 

5c  *  reference  Schmidt  number,  f* /u* 

t  »  time 

u  *  axiai  velocity  component 

V  »  radial  velocity  component 

V  •  veiocity  vector 

X  *  axial  coordinate 

y  «  radial  coordinate 

V  *  mass  traction 

w  «  irave  nuMPer 

sx  •  computational  coordinate 

sy  «  computational  coordinate 

a  »  specific  heat  ratio 

p  “  eigenvalue 

r  •  diffusion  coefficient 

o  »  densi ty 

p  *  viscosity  coefficient 

r  •  viscous  stress  tensor 

O  •  conserved  scalar 
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O  •  complex  scaiar 

Q  »  mrtificiml  viacosity  coefficient 

Sr  «  cberecteriatic  control  surface  dimension 

St  •  tijiaatep 

Sx  *  mesh  dimension 

SV  «  control  surface  area 

0  •  rata  of  chemical  reaction 

t  »  kinetic  anargy  cfissipaticn  rata 

n  •  parameter  for  cartesian  and  axisymmetric  coordinates 

Subscripts 

fu  •  fuel 

lam  *  laminar 

max  •  maximum 

min  >  jninijsujD 

ox  >  oxidizer 

turh  »  turbulent 

V  *  viscous  sublayer 

¥  “  mall 

Superscripts 

*  *  reference 


3.  INTRODUCTION 

Numerical  research  on  turbulent  reacting  floes  is  being  conducted  at  the 
University  of  Florence  Department  of  Energy  Engineering  (DEF)  eith  the  long  range 
objective  of  bringing  internal  computational  fluid  dynamics  to  a  level  of  pratical 
application  in  designing  combustion  devices.  Turbulent  floes  involving  chemical 
reactions  occur  in  many  devices,  from  poeerplants  to  jet  engines.  The  requirements  of 
increased  combustion  efficiency  and  decreased  pollutant  emissions  in  these  applications 
have  led  to  the  need  for  designers  to  be  able  to  predict  quantitatively  the  behavior  of 
turbulent  reacting  floes. 

Classical  empirical  design  methods  shoe  severe  limitations  in  scaling  combustion 
chaiDhers.  Fur therjnorey  they  are  of  little  use  ehen  big  jumps  are  required  in  the 
technoiogy  levels  or  in  developing  combustion  champers  based  on  novel  concepts. 
ATonetheiess,  the  development  of  more  suitable  empirical -analytical  design  methods  calls 
for  significant  advances  in  both  physical  modeling  and  numerics.  The  reliability  of  a 
numerical  method  is  indeed  mainly  a  function  of  both  the  adequacy  of  the  physical 
process  mathematical  models  and  the  numerical  properties  of  the  solution  algorithm. 

The  Pasic  eguations  that  describe  a  multicomponent  reacting  gas  mixture  floe  are 
assumed  to  be  the  Aravier*-5to/res  conservation  equations  from  a  Bulerian  standpoint ,  for 
overall  mass,  momentum,  energy  and  species,  amplified  to  include  chemical  source  terms, 
and  closed  by  chemical  kinetics  relationships  and  state  relations . 

Since  even  the  fastest  and  most  accurate  computer  available  today  cannot  provide 
direct  solution  of  these  eguations  with  adequate  space  and  time  resolutions,  in  most  of 
the  proPlems  having  engineering  significance,  it  is  customary  to  decompose  the  various 
quantities  characterizing  the  floe  into  averaged  values  and  fluctuating  components.  In 
turPulent  floes,  an  averaging  process  is  introduced  in  order  to  optain  the  laes  of 
motion  for  the  averaged  turbulent  quantities  (Reynolds  averaged  Navier-Stokes 
equations) .  For  compressible  floes,  a  density  eeighted  average  is  preferred  fFavre- 
avaraged  ATavier-Stohes  eguationsi.  Conversely,  hypotheses  are  necessary  to  close 
conservation  equations  for  averaged  quantities. 

Reactive  gas  floes  are  described  as  a  mixture  of  three  species,  fuel,  oxidizer  and 
products,  eith  combustion  supposed  to  be  controlled  by  a  single  step,  irreversible 
chemical  reaction  ehere  fuel  and  oxidizer  comPine  in  a  fixed  mass  proportion  to  produce 
only  a  single  product.  This  model  represents  a  highly  idealized  description  of 
pratical  chemical  systems.  Put  appears  to  be  adeguate  for  engineering  purposes  [8,  9]. 

In  order  to  be  able  to  properly  describe  turbulent  reacting  floes,  it  is  necessary 
to  develop  mechanical  turbulence  and  reaction  rate  models.  The  mechanical  turbulence 
models  developed  by  the  authors  range  from  a  simple  algePraic  generalized  mixing  length 
model  [10,  11]  to  a  more  sophisticated  model  with  consif»rvation  equations  for  teo 
turbulence  quantities.  The  latter,  described  herein,  utilizes  turbulence  kinetic 
energy  K  and  its  dissipation  rate  €  in  a  low  Reynolds  number  formulation.  While  the 
algebraic  approach  has  the  notable  advantage  of  simplicity,  the  two  equation  approach 
certainly  represents  a  far  more  general  model.  In  both  cases,  however,  the  level  of 
approximation  is  always  quite  satisfactory  for  engineering  purposes  [10,  11,  15]. 

The  averaged  chemical  source  terms  are  modeled  Py  using  pseudo-eddy  Preahup  mixing- 
controlled  reaction  rate  expressions  [8,9],  Fast  Pinetic  assumptions  appear  to  Pe 
particularly  reliable  in  modeling  turbulent  reacting  flows.  The  reaction  rate  models 
developed  at  DBF  range  from  a  model  for  only  perfectly  premixed  floes  to  a  model  tahing 
into  account  an  imperfect  premixing,  currently  under  development  and  described  herein. 
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Simpl0  mixiaff-controlled  reaction  rate  formulas  allow  a  quantitative  prediction  of  heat 
release  due  to  chemical  reactions  [10.  11). 

The  main  obstacles  in  advance  numerics  are  the  coupling  and  nonlinearity  of 
equations,  complexity  of  configurations,  and  the  limitations  of  techniques,  i.e., 
numerical  discretisation  errors  and  instabilities  in  solution  algorithms. 

The  spatial  finite  volume  method  (FVM)  of  discretization  allows  easy  adaptability 
to  different  configurations.  The  method  puts  emphasis  on  the  balance  of  flux  integrals 
over  control  volumes,  and  conservation  is  ensured,  since  continuity  of  fluxes  is 
maintained.  A  second-order  accuracy  on  smoothly  varied  meshes  is  obtained  by  using 
hexagonal  control  volumes,  with  numerical  errors  vanishing  at  mesh  refinement. 

The  explicit  pseudo  unsteady  solution  technique  using  artifical  time-dependent 
equations  exhibits  good  properties  of  stability,  convergence,  and  ease  of  understanding. 
The  procedure  is  particularly  simple  and  robust,  as  required  by  the  coupling  between 
conservation  equations  and  the  non  linearity.  The  physical  implications  are  transparent 
and  computing  coats  are  reduced  to  acceptable  levels. 

This  work  involves  a  fluid  dynamic  study  of  steam  generator  boilers  in  large-size 
thermoelectric  powerplants,  where  it  is  necessary  to  solve  compressible  viscous  flow 
equations  for  exceedingly  low  Mach  numbers.  In  fact,  at  such  low  speeds,  compressible 
equations  must  be  used  to  adequately  account  for  the  combustion-generated  heat. 
Therefore,  tha  paper  deals  with  low  speed  regimes  only. 

Physical  modeling  and  numerics  are  easier  to  perform  in  two-dimensional  geometries. 
At  present,  we  shall  limit  our  attention  to  two-dimensional  flows  with  both  cartesian 
and  axisymmetric  coordinates. 


4.  PLOW  MODEL 

The  following  equations  describing  the  flow  model  are  written  in  the  general  two- 
dimensional  form.  A  switching  parameter  f)  distinguishes  between  cartesian  and 
axisymmetric  coordinates. 


4.1  BASIC  COMSSRVATIOff  EQUATIONS 

The  basic  conservation  equations  are  the  unsteady  Navier-Stokes  conservation 
equations,  for  mass,  momentum,  and  energy.  The  unsteady  form  is  required  in  the  time 
marching  approach  to  reach  the  steady  solution.  These  equations  are  written  in  Favre- 
averaged  form,  with  a  first-order  turbulence  closure  as  follows  [2,  2] 

f.t  F.  t  *  G.  r  -  S 

where  f,  F,  G  and  S  are  four-component  vectors  and 
f  •  y”  • (o,  o^u,  o*v.  O'E)^ 


F  =  y"  •  (a-u. 

<7*U^  +  P  -  Txx  ,  0‘U*V  -  Txy  , 

(O’E 

+  p)  ’U  -  U’Txx 

-  V’ Txy 

-  qx ) 

a  .  y"  •  (a-v. 

0*U*V  -  Txy  .  +  p  -  Ty  y  , 

(o*B 

+  p)  •V  -  U’Txy 

-  VTyy 

-  qy  ) 

5  «  yfl  .  ('0,  0,  n*  (p  -  T9  4  )/y^  ,  0-€  -  P  *  0fm  •IT  )* 
where 


Txx  *  2/3’U/P^*  X  -  u.  X  -  v.r  -  0-v/y)  -  2/3'O'K 

Txy  =  U/P.e>  (U.  ,  +  V.  X  ) 

T, y  =  2/3’U/Re‘  (3*v.  y  -  u.  M  -  V.  y  -  O^v/y)  -  2/3’O’K 

t»9  »  2/3*u/Re'  (3'V/y  -  u.  w  -  v.y  -v/y)  -  2/3’0*K 

qx  *  a*k*e.  X  / (Re^Pr) 

qy  •  a*k*e.  y  / <Re*Pr) 

n  *  1  or  0  for  cartesian  and  axisymmetric  coordinates  respectively. 

The  Reynolds  stresses  have  been  expressed  through  an  eddy  viscosity  model, 
following  the  Bousinnesq  assumption,  by  introducing  an  effective  viscosity  coefficient 

U,  the  sum  of  a  laminar  and  a  turbulent  part 

/J  “  pi  tm  *  Pt  xrb 

Similarly,  the  turbulent  flux  vector  has  been  modeled  with  a  gradient  assumption, 
by  introducing  an  effective  thermal  conductivity  coefficient  k,  the  sum  of  a  laminar 
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Mnd  a  turbulant  part 

k  *  ktam  +  kt  u  r  b 

The  turbulant  viscosity  coefficiant  is  axprassad  according  to  tba  Prandtl- 
Kolaogorov  expression 

ptmrb  *  0*Cu*Ra‘^/t 

while  ktarb  is  assumed  proportional  to  ptarb 
k  »  kl»m  *  ktKrb  •  uiam  •  Pr/Primm  +  Utmrb  •  Pr/Prtarb  »  p 

The  production  term  for  the  turbulence  kinetic  energy  is  given  as 
P  -  Ptarb/Re*f2-[(U.M)*  +  <v.y}>  +n-(v/y)*]  +  (v.M  +u,y)*l 

For  a  perfect  gas,  the  equation  of  state  is 
p  ^  (a  -  D-a^e  ^  (a  -  l)-a-(F  -  H- +  v^ ) ) 
and  the  speed  of  sound  is  written 
a*  »  O'p/a 

Only  one  term  involving  an  average  of  velocity  and  pressure  gradient  fluctuations 
is  disregarded  in  the  energy  equation  [1]  -  This  assumption  seems  to  be  reasonable 
Mach  numbers  below  five,  and  certainly  does  not  reduce  accuracy  in  applications 
involving  low  speeds  such  as  those  under  consideration. 

The  equations  are  written  in  dimensionless  form.  All  the  variables’  characteristic 
values  are  constructed  on  the  basis  of  a  reference  length  L* ,  velocity  V*  ,  density  o*  , 
and  values  p*  and  k*  of  the  viscosity  and  thermal  conductivity  coefficents,  whereas  the 
other  characteristic  quantities  are  derived  from:  L*/V*  for  t,  V"*  for  e,  S,  K,  H“',  P 
and  a* for  q,  for  p,  p*  •V* /L  for  r,  V*^/L*  for  t.... 

The  physical  flow  domain  is  generalJy  limited  by  iniet,  exit,  solid,  and  synunetry 
boundaries,  A  number  of  boundary  conditions  equal  to  the  number  of  conservation 
equations  minus  one  is  imposed  at  inlet  (u,  v,  e  are  known),  while  only  one  condition  is 
imposed  at  exit  (p  is  known).  Along  the  solid  boundaries  the  no-slip  condition  requires 
u  ~  V  =>  0,  while  the  heat-flux  vector  has  to  be  specified  (usually  no-heat-flux 
conditions  are  adopted).  At  the  plane  of  symmetry,  the  normal  derivatives  of  all  the 
flow  parameters  vanish.  The  only  exceptions  occur  for  those  flo^r  parameters  which  must 
be  set  e^uai  to  sero  such  as  the  normal  velocity  component. 


4.2  LOW  REYNOLDS  NUMBER  K-t  TURBULENCE  MODEL 

Over  the  past  decade,  two-equation  models  of  turbulence  have  been  widely  used  in 
modeling  turbulence  effects.  Such  models  have  certainly  facilitated  numerical  studies 
of  turbulent  flows,  though  agreement  of  such  predictions  with  experimental  data  has  not 
been  uniformly  satisfactory.  For  wall  flows,  these  models  have  been  normally  used  in 
conjunction  with  empirical  wall  function.  The  wall  function  transfers  the  solid 
boundary  conditions  to  points  in  the  fluid  removed  from  the  wall.  However,  universal 
wall  functions  are  not  well  established  in  many  situations,  and  thus  methods  including 
an  integration  up  to  the  wall  :^pear  preferable. 

The  no-slip  boundary  condition  for  flows  over  a  solid  wall  ensures  that  viscous 
effects  are  important  in  the  immediate  wall  vicinity.  Standard  K-f  models  neplect  any 
direct  viscous  effect  on  the  turbulence  structure,  and  hence  are  inapplicable  in  the 
viscous  sublayer.  In  the  viscous  sublayer,  the  turbulence  Reynolds  numbers 

Pr  «  O^K*  ‘Re/ (pi  mm  •  t) 

are  low,  the  molecular  transport  is  of  the  same  order  or  greater  than  the  turbulent 
transport,  and  the  dissipative  motions  are  strongly  influenced  by  viscosity. 

Low  Reynolds  number  K-t  turbulence  models  are  usually  obtained  according  to  a 
strategy  of  minimum  change  to  high  Reynolds  number  models.  In  the  turbulence  >rinetic 
energy  and  Jlrinetic  energy  dissipation  rate  conservation  equations ,  the  molecular 
diffusion  term  must  be  retained.  Furthermore,  an  additional  term  significant  at  low 
Reynolds  number  is  kept  in  the  latter  equation. 

The  unsteady  conservation  equations  for  K  and  t  are  written ,  according  to  the 
previous  general  form,  as 

f  "  y**  •( ... ,  o^K,  a‘t)* 

f  •  y^  •  ( . . . ,  a»u»K  -  DKm  ,  O'U**'  -  Dtu)* 

G  ••  y"  •( ...  ,  0'V»K  -  DKr  ,  a*  VI  Dtr)* 
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S  »  y*  •( _ _  P  ~  o»t,  •t/K  -  C»M  •0*€*/K  *  r,)* 

with 

DKm  •  f'/RwK.w/Sct 
DK,  -  f/RwK.r/Sct 
Dtw  *  r  */Re‘t.  X  /SC0 
Dtr  -  r  ‘/Rwt.  w/SCx 

Rg  is  a  low  Reynolds  number  term  defined  leter  on.  The  reference  value  for  f  is 
r ** .  Similarly  to  the  previous  assumption  for  k, 

r*  “  r'lam  ♦  “  iilmm  •  Sc/Sct  tm  ^  Ptmrb  •  Sc/Sctarb  »  P 

The  empirical  constants  appearing  in  the  modeled  equations  are  functions  of  Rt  . 
From  sublayer  data  obtained  in  high  Reynolds  number  boundary  layers,  the  function  Cu  is 
given  as 

C„  -  0.09-exp[~2.S/ (1+Rf /50) ] 

For  decaying  isotropic  grid  turbulence,  a  curve  fit  to  experimental  data  gives 
Cxi  »  1.43 

Cxi  *  1.92^(1.00  -  0.33-exp(-Rt*  )} 

The  Schmidt  numbers  should  follow  from  a  computer  optimization.  AC  present,  the 
following  values  are  used 

SCx  •  i.J 

Set  *  1.0 

jbut  some  adjustment  is  required. 

Further  modifications  are  needed  for  use  near  walls.  Let  y  be  the  direction  normal 
to  the  wall.  Within  the  viscous  sublayer,  according  to  the  classical  rappreaentations  of 
the  near  wall  region  such  as  the  Chieng  and  Launder ‘s  two^layer  model  (3)  reproduced  in 
Figure  1,  the  velocity  displays  a  linear  variation,  which  we  may  write  as 

u  *  y*Re*Tm/p 

where  tw  is  the  wall  shear  stress.  Furtiierisore,  the  kinetic  energy  has  a  parabolic 
variation 

K  ~  (y/yx  )• 

where  yx  is  the  thicJrness  of  the  viscous  sublayer.  ^This  corresponds  to  a  linear 
increase  in  fluctuating  velocity  with  distance  from  the  wall.)  The  dominant  contribution 
to  the  energy-generation  rate  is  a  term  Ttxrb*u,r  where  Ttxrt  is  the  local  turbulent 
shear  stress.  5ince  this  stress  is  zero  within  the  viscous  sublayer,  the  generation  of 
turbulence  energy  is  zero.  Unlike  the  generation,  the  dissipation  rate  is  not  zero,  and 
the  value  is  a  constant  equal  to 

2-pixm/lRe^o)  '  riC*.  , 

On  introducing  the  expression  of  K,  we  obtain 

t  »  2’pixm/(Re’a)  •Kx/yx* 

In  the  immediate  vicinity  of  a  solid  surface  e  a  constant,  and  therefore  e/K - >•» 

as  y - >0.  The  problem  can  be  overcome  by  reinterpreting  the  dissipation  equation  so 

that  it  becoines  an  eguation  for 

s~  m  t  -  2-pi  xm/Re^  (K*  .  M  +  R*  .  r  }* 

As  a  result,  a  term 

Rg  ~  -2-pixm/Re-(^.x  -f- 

is  added  as  a  source  tern  in  the  kinetic  energy  conservation  equation. 

The  term  Rx  has  been  modeled  as 

Rx  -  -2>yixm/Re*(e*.M  + 


The  inclusion  of  the  low  Reynolds  number  terns  in  the  conservation  equations 
allows  a  K  •  0,  e  •  0  wall  boundary  condition  to  be  applied. 
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The  proposed  model  appears  to  describe  the  floe  in  the  immediate  neighborhood  of 
the  wall  in  a  reasonable  way.  The  model  basically  differs  from  other  low  Reynolds 
ntimber  formulations  such  as  those  proposed  by  Chien  and  Launder  [3J  and  Hassid  and  Pareb 
[4]  in  the  form  of  the  low  Reynolds  number  terms  Rm  and  R»  .  The  model  does  not  take  into 
account  the  preferential  daapin^  of  velocity  fluctuations  in  the  direction  noraal  to  the 
wall,  as  in  Chien  15J  and  Nagano  and  Hishida  [4J .  In  comparison,  the  proposed 
formulation  has  the  advantage  of  enhanced  generality  and  programming  ease. 

Both  K  and  t  have  to  be  specified  at  inlet,  while  no  condition  is  needed  at  exit. 
Inlet  conditions  are  usually  considered  of  lesser  importance,  but  the  imposed  boundary 
conditions  can  lead  to  erong  conclusions  about  the  performance  ot  a  turbulence  model. 
The  inlet  profiles  of  R  and  t  can  have  significant  effects  on  the  downstream  flow.  In 
absence  of  experimental  inlet  profile  data,  careful  choice  of  the  inlet  conditions  is 
essential  [6,  7].  Typical  inlet  conditions  adopted  in  predictions  are 

JT  *  C»  •  V* 

c  ^  C. 

with  La  a  fraction  of  the  inlet  duct  height. 

This  model,  now  under  development,  is  open  to  modification. 


4.3  COMBUSTION  MODEL 

Let  us  consider  a  gas  mixture  of  three  species,  fuel,  oxidizer,  and  products.  In 
the  partially  premixed  case,  all  the  species  are  known  through  solution  of  conservation 
equations  for  two  reactive  variables,  let  us  say,  the  fuel  mass  fraction  Yfm  and  the 
conserved  scalar  S 

0  Yfu  -  Yax/S 

This  scalar,  an  example  of  the  5hvab-2eldovich  coupling  function,  is  a  flow  property 
free  from  sources  and  sinks. 

The  solution  of  a  conservation  equation  for  0  or  Y«x  is  perfectly  identical  for 
physical  reasons,  and  the  oxidizer  mass  fraction  can  be  derived  from  0  and  Yf  a  . 
However,  the  solution  of  a  conservation  equati^^n  without  source  and  sinks  is  preferable 
for  numerical  reasons. 

The  conservation  equations  tor  Yta  and  0  are  written  as  follows 
f  o^Yfw, 

P  •  y^  ,  O-U'Yfa  -  DYn  ,  c  •  u  •  e  -  D0X  )  * 

G  y”  ,  a»vYf  a  -  DYy  ,  o  •  v  •  O  -  D0y  }  * 

S  «  y”  W.  .  -  »  -O’Sfa  ,  0)* 

with 

DYm  =  r/Re‘  <YfH ) .  m/Sct 
DYy  -  r/Re*(Yfa).y/Scr 
D0»  *  r/Re'0.x/Scr 

D0y  B  r/Re’0.  r/Scr 

The  diffusion  coefficient  r  is  assumed  equal  for  all  species.  Its  reference  value 
is  r*  ,  and  again  ri«r*  is  assumed  proportional  to  utart. 

Both  Yfa  and  0  have  to  be  specified  at  inlet,  while  no  condition  is  needed  at 
exit.  Along  the  solid  boundaries,  the  diffusion  vectors  for  species  have  to  be 
specified  ^although  usually  no  diffusion  conditions  are  adopted^. 

The  problem  is  completely  closed  when  a  formula  for  the  (averaged)  rate  of 
chemical  reaction  for  fuel  is  supplied,  because  the  chemical  reactions  can  be  considered 

in  moat  cases  very  fast,  it  can  be  assumed  that  the  rate  of  combustion  will  be 

determined  by  the  rate  of  dissipation  of  the  eddies.  The  fuel  and  oxidizer  appear  to  be 
fluctuating  intermittent  guantities  so  that  there  is  a  relationship  between  the 
fluctuations  and  the  average  concentration  of  the  species  or  their  gradients.  Therefore, 
the  rate  of  dissipation  can  be  expressed  by  the  mean  concentration  of  the  species  or  by 
their  gradients.  In  combustion  controlled  by  turbulent  mixing,  the  rate  of  chemical 
reaction  is  thus  a  function  of  both  Yft  and  0,  other  than  of  a  time  characteristic  for 
turbulent  mixing  K/t, 

As  in  the  classical  Eddy  breahup  models  [8),  we  assume 
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0fw  *  Ce Bv  •a^c*  •  t/K 

where  Cebb  ia  a  model  constant  and  the  variable  c  represent  the  mean  square  fluctuating 
component  of  fuel  concentration.  The  reaction  rate  ia  thus  directly  proportional  to  a 
parameter  representing  reactant  fluctuations  and  inversely  proportional  to  a 
characteristic  time  for  turbulent  mixing. 

While  variable  c  may  be  obtained  by  solving  its  governing  equation,  it  ia 
preferable  to  assuna  that  generation  equals  dissipation.  Therefore,  c  can  be  evaluated 
from  an  algebraic  equation  written 

where  C«  is  another  model  constant.  The  reaction  rate  ia  thus  made  dependent  on  the  fuel 
mass  fraction  gradient. 

The  imperfect  premixing  is  considered  by  introducing  a  limiting  value  for 
fluctuation,  i.e.,  the  smaller  value  hatiifaan  fuel  and  oxidizer  concentration 

c  i  Yfu* 

C  £  (Y»w/3)’ 

As  previously  pointed  out  for  the  mechanical  turbulence  model,  the  proposed 
reaction  rate  model  is  still  under  development ,  so  that  further  modifications  in 
expressing  c  are  likely  to  be  necessary  in  order  to  obtain  a  fully  satisfactory  model 
for  mixing  controlled  reactions. 

The  influence  of  temperature,  disregarded  in  the  proposed  model,  will  soon  be 
introduced  in  dealing  with  kinetically  influenced  processes .  These  processes  can  be 
easily  considered  by  evaluating  era  as  the  lowest  value  obtained  from  the  previous 
formulation  and  by  an  Arrhenius-type  formulation  [8,  9]. 


5.  mmSRICAL  METHOD 

A  numerical  method  has  been  developed  for  solving  steady  two-dimensional  problems. 
It  comprises  a  pseudo-unsteady  solution,  with  artificial  time-dependent  equations,  a 
finite  volume  spatial  discretization,  and  an  explicit  corrected  viscosity  tejoporai 
discratizatioii. 


5.1  PSBUDO-UNSTBADY  METHOD 

The  physical  time  dependent  techniques  (PTD) ,  i.e.,  those  solving  the  physical 

unsteady  conservation  equations,  have  the  disadvantage  of  requiring  a  very  large  number 
of  Cimeateps  before  convergence .  To  improve  convergence ,  the  physical  unsteady 
conservation  equations  are  replaced  by  artificial  unsteady  conservation  equations.  The 
artificial  time-dependent  techniques  (ATD)  solve  unphysical  unsteady  conservation 
equations,  constructed  by  adding  purely  artificial  unsteady  operators  to  the  steady 
physical  conservation  equations,  so  as  to  lead  to  the  correct  steady  solution  in  as 
small  a  number  of  tines taps  as  possible. 

Let  us  consider  a  pseudo-u/istaacfy  solution  of  the  following  system  of  first-order 
equations 

f.  t  +  A^f.  M  ^  Cb  •I'f  +  Or  -J*/. 

where  A  ia  a  matrix,  possibly  the  function  of  the  fk  's  ih  «  1,...,N),  but  not  of  their 
derivatives,  with  H  real  eigenvalues  fit,  hanaformable  into  diagonal  form,  and  Cb  is  a 
positive  constant,  and  Cb  is  constant,  not  necessarily  positive} . 

The  perturbation  field  can  be  expressed  as  follows  [10] 

g  •  g*  ‘exp^i'ifx^  •expiO^t) 

Mhere  g*  ia  a  constant  complex  ;^ector  and  9  a  constant  complex  scalar.  Substitution 
yields  an  aigebraic  equation,  the  solution  of  Pfhich  furnishes  H  possible  values  of  9. 

If  Cb^O,  Cb^O,  the  solution  generally  yields  values  of  9  which  are  sot  wholly 
imaginary  in  that  they  have  a  positive  or  negative  real  part 

9»  -  -(Cb  -w*  -  Cb)  -i  fh  *  1, .  .  ,N} 

and  the  perturbation  waves  are  consequently  damped  or  anplified  in  accordance  with  Cb  is 
sjialler  or  greater  than  Cb  •w^  respectively.  In  the  specific  case  of  Cb  •  0,  Cb  •  0, 
the  perturbation  waves  propagate  at  velocities  fit,  without  damping  or  amplification. 

As  a  result  of  the  previous  analysis,  suitable  artificial  tine-dependes t 
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eonservtion  ^tqumtion*  cmn  bm  constructs  by  improving  both  tbs  propsgmtion  snd  dmmpiog 
procssssM,  obviously  providing  so  unsltsrsd  stssdy  solution,  Bxsmplss  of  improved 
propsgmtion  are  given  in  (12  -  IS],  while  examples  of  improvS  damping  are  given  in  [10, 
17],  The  viscous  terms  always  prSuce  perturbation  dajaping,  turtbermore,  emphasis 
must  be  plaeS  upon  the  numerical  treatment  of  the  transport  equations  that  contain 
source  terms,  i,e,,  energy,  turbulence  kinetic  energy  and  its  dissipation  rate,  and  the 
fuel  mass  fraction.  Under  certain  circumstances,  these  terms  may  give  rise  to 
perturbation  amplification.. 

Suitable  artificial  time-dependent  conservation  equations  can  be  constructed  by 
improving  the  propagation  proeessea,  obviously  providing  an  unaltered  steady  solution 
[12  -  15],  Assuming  a  successive  explicit  time-integration  scheme,  the  timesteps  are 
determined  according  £o  a  local  CPL  condition.  Therefore,  the  timesteps  are  assumed 
inversely  proportional  to  the  module  of  the  maximum  perturbation  speed,  Pm»M  .  To 
maximize  the  effect  of  the  elimination  process,  the  ratio  between  the  speeds  of  slowest 
and  fastest  perturbations  fimim/fimat  should  be  as  large  as  possible. 

Thereafter,  tii«  physical  time-dependent  conservation  equations  were  replaced  by 
f,t*  B»  p  t  "  ^  ^  P,  X  G,  p  *5 

where  B»pt  is  a  matrix  defined  in  order  to  optimize  the  rate  of  convergence  toward  the 
steady  state. 

The  matrix  expression  is  subject  to  several  conditions  [12J:  1)  the  coefficients  of 
Bppt  must  only  be  functions  of  f:  2)  the  determinant  should  be  nonzero;  3)  the  resultant 
system  of  conservation  equations  must  be  hyperbolic  with  respect  to  time;  and  4)  the 
number  of  negative  eigenvalues  Bust  be  to  the  numher  of  boundary  conditions  given 
for  the  PTD  equations. 

In  view  of  the  great  variety  of  admissible  ATD  equations,  the  systeBs  are  compared 
in  terms  of  the  best  minimum  and  maximum  perturbation  speed  ratios,  with  the  further 
assuJDptioA  of  modifications  to  only  one  conservation  equation.  With  those  assumptions, 
Btpt  can  be  expressed  in  two-dimensional  applications  as  [15] 


B»p  t 


where  ft  ,  ft  depend  on  the  Mach  number  M  *  V/a. 
fi  -  min  -  1,  0} , 
ft  »  BOX  (f%  +  1  ,  Cp) 

with  C*  a  small  positive  number. 

The  perturbation  speed  ratio  for  the  PTD  equations  at  low  Mach  numbers  is  given 
pm  I  M /5mm  M  -  1/il-tl/M) 

The  perturbation  speed  ratio  for  the  proposed  ATD  equations,  again  at  low  Mach 
numbers,  is 

Pmtm/Pmmz  -  l/KX  +  lf)/2  +  [iil  -  H»)/2]*  +  J7*  / 

MiAiBUB  and  maximum  perturbation  speed  ratios  (a  parameter  regarded  as  a 
convergence  speed  indicator)  are  presented  in  Figure  2  for  the  PTD  and  ATD  equations. 
The  PTD  equations  appear  to  be  unsuitable  for  flows  with  low  Mach  numbers,  while  the 
speed  ratio  appears  to  be  significantly  improved  in  low  Mach  number  regions  for  the  ATD 
equations  [26] . 


5,2  SPACE  DZSatSTIBATIOM 

The  equations  are  discretized  in  space  using  a  finite  volume  technique.  The  mesh  is 
generally  nonorthogonal  and  curvilinear,  conforming  to  the  domain  boundaries  and  having 
lines  intersecting  at  arbitrary  angles.  It  is  refined  wherever  high  gradients  are 
expected  to  occur.  The  discretization  nodes,  located  at  the  line  intersection,  are  the 
centers  of  hexagonal  control  volumes,  obtained  bu  connecting  the  six  surrounding  nodes, 
as  represented  in  Figure  3. 


Th0  diacrmtized  V0raion  of  th0  cooaorvatioD  aqumtiona  *ith  tba  fully  irraqular 
baxaffonal  control  aurfaea  ia  a  qanaralxaation  of  tba  claaaieal  hexagonal  diacratization 
propoaad  by  Couaton  [18]  tor  inviaeid  caacada  flow  calculationa,  Nonatbalaaa,  tba 
classical  diacratization  appaars  to  be  unauitabla  for  viscous  calculations  in  cosplex 
paoaatrias,  nainly  dua  to  tiia  raguireaanta  of  constant  maah  apacing  in  tba  diraction 
normal  to  tha  sail. 

A  Study  of  tiia  conaiatency  and  order  of  accuracy  of  the  diacratization  from 
hexagonal,  trapezoidal,  bitrapaxoidal ,  and  quadrilateral  control  surfaces  conducted 
according  to  tiia  procedure  deacribed  in  [19]  siioss  t^at  1}  discretisations  of  tiiese 
types  are  generally  only  conditionally  consistent  and  9}  the  maah  requiremanta  for 
consistency  and  second-order  accuracy  are  easiest  to  satisfy  for  the  hexagonal  aurface. 
In  classical  applications  sith  nonuniform  orthogonal  meaheti,  discretisation  results 
unconditionally  consistent  with  a  second-order  accuracy,  and  an  ensuing  meah  only 
admitting  amooth  variations. 

Vith  unconditionally  consistent  spatial  discretization,  numerical  errors  always 
vanish  eith  aesh  refinement.  Furthermore,  second-order  accuracy  on  smoothly  varied 
fleshes  is  an  isportant  property  of  the  schene^  since  an  error  due  to  nuaerical  diffusion 
of  the  first-order  (as  in  the  old  upwind  schemes)  ia  freguently  of  such  large  magnitude 
that  it  overwhelms  the  turbulence  model  used  in  the  calculations. 

These  control  voluaes  alios  use  of  flos  paraneters  not  specified  by  a  boundary 
condition,  according  to  the  same  numerical  process  inside  the  passage,  through  solution 
of  conservation  eguations  over  half  control  voluaes.  hosever,  half  control  volunes  are 
used  only  along  the  solid  boundaries,  since  a  simpler  extrapolation  from  the  inner  point 
is  preferable  along  the  inlet  and  outlet  boundaries. 

The  approximation  of  the  first-order  derivatives  of  f  is  easily  defined  in  terms  of 
the  coordinates  and  values  of  f  in  each  node  and  its  four  neighbors  [20] .  If  the  cell 
of  the  center  j,n  belongs  to  a  curvilinear  system  zx(x,y)  «  constant ,  zy{x,y)  = 
constant,  the  derivatives  f.n,  f.r,  reguired  to  express  the  viscous  stress  and  the 
heat-flux  and  diffusion  vectors  can  be  written  in  terms  of  derivatives  with  respect  to 
the  curvilinear  system;  these  can  be  easily  approximated  by  means  of  standard  cantered 
di fferences . 


5.3  Tins  DISaUSTIZATION 

The  equations  are  discretized  in  time  using  an  explicit  one-step  corrected 
viscosity  scheae.  A  semi-implicit  character  is  introduced  in  the  scheae  previously 
adopted  by  the  authors  (10,  11]  used  to  evaluate  artificial  viscosity.  This  improves 
stability  properties  sithout  introducing  additional  difficulty. 

The  discretized  version  of  the  conservation  equations  is  written 

-  -5t/dV’I(fl''xes}  *  ^j.o 

-fl/e-  (f"*‘ J-t  .  •  +  f"*^J,a-t  +  f*J*t.m  ^f"j*l.,*i  +  f<»J.  tfi  -6-f"j.m) 

•t’  f^*  j  *  I  ,  f  *  f**J.»*i  —  6'^*j,a) 

where  inviacid  flux  terms  are  evaluated  at  tiae  m^fft,  while  the  viscous  terms  are 
evaluated  at  tiae  a**dt.  In  the  latter  time,  quantities  are  evaluated  only  at  fixed 
intervals  and  assumed  constant  between  updating  intervals. 

The  term  f"*‘  on  the  R.H.S.,  replacing  a  tera  f* ,  means  that  the  last  updated 
value  of  f  ia  used  as  it  heco«es  available.  This  introduces  a  seai-iaplicit  character, 
thereby  iaproving  the  stability  properties  of  the  scheae.  This  modification  does  not 
introduce  any  difficulty,  but,  on  the  contrary,  it  results  in  an  useful  simplification. 
This  alloes  to  obtain  an  iaproved  accuracy/convergence  ratio,  since  numerical  viscosity 
can  be  reduced  for  the  same  convergence  rate. 

In  order  to  investigate  the  stability  properties  of  the  new  scheae,  let  us  consider 
the  scalar  equation 

f.  t  +  A‘f.  ,  »  0 

flhere  A  is  a  constant.  The  discretized  version  of  this  eguation  can  be  written 
fjm^i  -  fj"  -  5t/6x’A/2’  (fj*i"  -  fj-t")  *  l/2’(fs*f  *  fj~t"*^  -  2-fj"} 

where  a  term  fj~i"**  now  replaces  fj^t"  on  the  R.B.S.  This  linear  equation  has  a 
solution  of  the  type 

fj‘  •  f^(w) •exp(i’j‘W'5x} 

where  f^  repreaenta  the  initial  data  and  the  supers(.«*ipt  a  in  g  means  a  power;  g,  the 
copplex  amplification  factor,  is  given  by 
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g  •  f~dt/Sx*A/2'  [0Xp<i*9f^Sx}  -  •xp<-i‘W»Sx)  ]  +  Bxp(i*w6x)/2f/(l  -  exp<-i*w9x)  /2] 

whmrg  mngl*  w»6x  vmrimm  b^twmmn  -P  snd  P,  depending  on  the  wavenumber  w.  According  to 
the  von  Neumann  atability  criterion,  the  scheme  is  stable  if  \ir\^l  for  all  w6x,  and 
unstable  otherwise. 

The  amplification  factor  g  is  generally  given,  in  a  two-level  scheme,  by 
(a  +  i-a*)*g  *  (b  *  i*b‘)  -  0 

where  a,a',b,b‘  are  all  real  coefficients  dependent  upon  w5x.  Therefore,  if 

g  »  \g\‘[cos(e)  +  i*ain(B)] 

then 

|g|«  «  flb-a  +  b'*a‘]^  +  [b-a'  -  b*‘a]*  l/(a*a  -f  a*-a']* 

In  the  specific  case,  the  atability  limit  is  given  as 
1/Ct  -A'St/Sx  £  1 

where  Ct  is  a  number  greater  than  unity.  In  the  scheme  previously  adopted  by  the 
authors,  the  limit  is  simply 

A'dt/Bx  £  1 

and  therefore  the  new  scheme  gains  in  atability  by  a  factor  Ct  . 

In  t/ia  case  where  the  model  eguation  is  a  vector  equation,  f  is  a  vector  and  A  is  a 
matrix  that  might  be  a  function  of  the  ft  *a  ih  »  but  not  of  their  derivatives, 

with  N  real  eigenvalues  $k  ,  the  atability  condition  is  replaced  by 

1/Ct  •St/9x  £  1 

This  condition  can  be  expressed  in  the  same  fashion  as  the  one  adopted  for  the  classical 
C.F.L.  condition,  i,e,,  the  numerical  domain  of  dependence  of  the  scheme  must  contain 
the  domain  of  dependence  of  the  difference  equation,  although  the  latter  is  now  reduced 
by  a  factor  Ct  , 

In  the  old  scheme,  the  scalar  viscosity  coefficient  0  is  evaluated  as 
Q  «  Cot*(X  -  Cas/6* 

If  0  •  0,  the  artificial  viscosity  is  not  corrected  and  its  coefficient  is  of  the 
order  of  Sr* /St,  i,e.,  the  artificial  viscosity  term  introduces  an  error  of  the  order  of 
Sr,  which  is  unacceptable.  If  O  »  1,  the  error  due  to  artificial  viscosity  is 
completely  corrected,  but  the  scheme  reduces  to  unconditionally  unstable  for  inviscid 
flows.  If  O  •  1  -  0(Sr) ,  a  weak,  often  eccepte^Jer  residual  viscosity  is  retained  at 
the  steady  state;  this  viscosity  is  of  the  order  of  (1-0)  ’Sr*  /St,  i.e,,  only  Sr*, 

It  should  be  noted  that  the  ertificiei  viscosity  is  weak  only  at  the  steady  state, 
but  it  ie  rather  strong  when  required  by  the  damping  of  perturbations  during  transient 
states. 

5ince  a  larger  artificial  viscosity  coefficient  improves  cont^ergence  and  since 
every  conservation  equation  involves  proper  choice  of  the  artificial  viscosity 
coefficient  to  achieve  a  balance  between  stability  and  accuracy  requirements,  we  shall 
introduce  an  artificial  viscosity  vector 

0  »  Cqi  '[1  -  Cq»/€' 

*^*J*t,m 

where  C«j  and  C§s  have  ^ecoJie  tiro  ir^ctore,  i.e.,  tAe  viscosity  coefficients  are 
dependent  en  this  particular  equation .  The  end  result  is  an  improved 

accuracy/convergence  ratio  with  respect  to  that  of  the  previous  scheme. 

In  t/ie  calculations,  the  terms  referred  to  in  iteration  m*  are  updated  only  at 
specific  iterations  and  are  assumed  constants  between  two  updatings.  The  updating  rate 
is  assumed  equal  to  20-25  iterations  ms  a  result  of  a  nuaericei  optimization.  The 
viscosity  coefficients  are  generally  of  tAe  order  of  unity,  but  smaller  values, 
producing  a  stronger  artificial  viscosity,  are  used  in  tAe  mass  conservation  equation 
and  in  the  energy  conservation  equation  for  nonreacting  flows. 

Lastly,  it  should  be  noted  that  special  attention  is  focused  to  those  eource  terms 
representing  generation/destruction  of  turbulence  kinetic  energy  or  fuei  coneuA^tion. 
The  source  terms  representing  generation/  destruction  in  tAe  transport  equation  for  tAe 
turbulence  kinetic  energy  and  ite  dissipation  rate  are  predominant  with  respect  to 
transport  and  diffusion.  TAerefore,  CAe  oscillations  of  these  terms  have  to  be  properly 
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reduced  ia  order  to  avoid  inatabilitiea .  The  terms,  suitably  filtered,  are  evaluated 
only  at  set  intervals  and  assumed  constant  during  intervals.  This  results  in  a 
reduction  of  the  oscillations  and  in  enhanced  convergence .  The  same  applies  to  the 
source  terms  representing  fuel  consumption,  especially  the  term  appearing  in  the  energy 
conservation  equation  due  to  the  large  values  of  the  heat  released  by  the  chemical 
reaction  if  >>  B,  where  additional  problems  arise  from  the  interaction  between 
turbulence  and  combustion  from  the  presence  of  K  and  t  in  the  fuel  reaction  rate 
expression. 


6,  BBSOLTS 

The  code  is  particularly  economical  with  respect  to  both  storage  requirements  and 
computing  times.  Calculations  have  been  easily  performed  on  an  IBM  PC  AT. 
Computational  time  per  node  and  per  time  step  is  of  the  order  of  2’10~^  s  per 
conservation  equation.  The  number  of  iterations  to  be  performed  obviously  depends  on  the 
degree  of  accuracy .  A  residual  source  criterion  ia  adopted  to  ensure  that  the 
procedure  has  converged.  The  unknown  field  satisfies  the  steady  conservation  equations 
to  the  required  degree  when  the  maximum  pointwiae  residual  for  every  conservation 
ecruation  becomes  smaller  than  values  of  the  order  of  10~’  ~  10~*.  In  typical 
calculations,  convergence  is  reached  iA  about  3000  -  4000  tijne  steps. 


6.1  MOMRBACTIMG  PLOMS 

The  numerical  method  was  first  applied  to  the  prediction  of  nonreacting  flows. 
Several  isothermal  flows  of  engineering  interest  were  computed  and  compared  with 
experimental  data,  including  plane  and  axisymmetric  computations  of  recirculating  flows 
(backward  facing  step  flow,  flow  in  a  symmetric  expansion,  or  double  step,  flow  in  a 
sudden  pipe  expansion;  the  flow  domains  are  schematically  illustrated  in  Figure  4). 

Preliminary  calculations  were  performed  with  a  25  x  35  computational  grid.  Grid 
size  was  dictated  by  available  resources ,  although  obviously  better  results  can  be 
obtained  on  finer  grids.  In  particular,  stronger  mesh  refinement  should  be  used  near 
the  walls,  mainly  due  to  the  low  Reynolds  number  formulation  of  the  JT-e  turbulence 
model . 

Calculations  were  performed  for  a  flow  over  a  backward  facing  step;  experimental 
data  obtained  by  Westphal  et  al.  are  given  in  [22j  .  The  duct  height  upstream  of  the 
expansion  is  76.2  mm,  the  step  height  is  50.8  mm,  and  the  /Reynolds  number,  based  on  step 
height  is  42,000. 

The  mesh  adopted  is  shown  in  Figure  5.  The  velocity  field  in  Figure  6  exhibits  the 
expected  features,  with  the  separated  and  reattachment  region  downstream  of  the  step.  A 
useful  parameter  for  a  quantitative  evaluation  of  the  prediction  capability  is 
comparison  of  the  length  of  the  recirculation  region  xt ,  normalized  by  step  height.  The 
experimental  reattachment  length  is  about  7.33,  the  predicted  reattachment  length  is 
7.58. 


In  calculating  backward  facing  step  flow,  standard  K^t  models  [6]  uAderpredict  the 
reattachment  length  by  as  much  as  20%.  This  implies  that  the  shear  stress  in  the 
separated  shear  layer  are  cverpredicted,  i.e.  the  computed  turbulent  viscosity  is  higher 
than  that  existent  in  the  region,  which  is  probably  the  main  reason  for  failure . 
Contrarily,  the  prediction  obtained  using  the  proposed  K-t  model  ia  quite  accurate, 
despite  the  coarse  grid  adopted. 

Calculations  were  also  performed  for  a  flow  over  an  axisymmetric  expansion  (cfr. 
experimental  data  obtained  by  Moon  and  Rudinger  [23] 7.  The  pipe  dia^^eter  upstream  of 
the  expansion  is  70  mm,  the  pipe  diameter  downstream  of  the  expansion  is  100  mm,  and  the 
Reynolds  number,  baaed  on  the  small  tube  diameter,  is  280,000. 

The  mesh  adopted  ia  shown  in  Figure  7.  The  velocity  field  in  Figure  8  exhibits  the 
expected  features.  Comparison  of  the  length  of  the  recirculation  region  xk  ,  normalized 
by  the  step  height,  gives  an  experimental  reattachment  length  of  about  8. 0-8. 5  with  a 
predicted  reattachment  length  of  8.04. 

In  contrast  to  the  predictions  for  backward  facing  step  flow,  the  standard  R-i 
models  predict  the  reattachment  length  within  experimental  uncertainty  [6] .  while  the 
prediction  obtained  using  the  proposed  K-e  model  is  again  quite  satisfactory. 

The  fairly  good  prediction  of  the  flow  in  an  abrupt  pipe  expansion  and  the 
underprediction  of  the  recirculation  length  in  the  flow  over  a  backward  facing  step, 
usually  encountered  using  standard  R-e  models  are  most  likely  due  to  an  incorrect 
representation  of  the  rtabilizing  effect  of  the  top  wall  in  these  models,  ffithin  the 
limits  of  these  applications,  the  proposed  model  seems  to  properly  model  the  near  wall 
region.  Obviously,  much  more  exploration  ia  needed  before  final  judgment  can  be  passed. 

Predicted  and  measured  axial  velocities  are  compared  in  Figures  9-11.  While 
accuracy  satisfactory  for  engineering  purposes  is  obtained,  better  grid  refinement 
should  be  adopted  for  fully  satisfactory  results. 
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6,2  MEACTIMG  FLOWS 

Tb0  method  wee  also  applied  to  an  extremely  simplified  configuration  of  turbulent 
flow  with  chemical  reactions.  In  this  configuration,  mixing  of  two  parallel  streams, 
one  of  hot  gases  and  the  other  of  a  fresh  mixture  of  air  and  methane,  in  a  constant  area 
duct  is  considered.  The  hot  Jet  causes  a  flame  to  be  ignited  and  stabilised  in  the 
duct. 


In  the  flow  domain,  schematically  illustrated  in  Figure  12,  the  inlet  duct,  with  a 
cross-section  of  100  x  100  mm*,  is  split  into  two  parts.  The  upper  section  (80  x  100 
moF )  is  assigned  to  the  fresh  air  and  methane  mixture,  with  a  velocity  of  65  m/s,  a 
temperature  of  580  K,  and  a  mixture  ratio  of  0.8;  the  lower  one  (20  x  100  jbb*  ^  one  is 
assigned  to  the  pilot  flame  made  up  of  hot  gases,  with  a  velocity  of  130  m/s  and  a 
temperature  of  2000  K;  the  walls  are  insulated. 

This  configuration  has  been  studied  botA  and  theoretically;  two 
sections,  x  »  82  mm  and  x  •  122  mm,  were  investigated  with  CARS  measurements  [25] .  The 
authors  studied  the  configuration  using  their  simplified  model,  i.e.,  a  generalized 
mixing-length  mechanical  turbulence  model,  with  a  formulation  for  the  chemical  source 
term  to  be  used  only  in  perfectly  premixed  flows  [10,  11] . 

Preliminary  calculations  were  performed  on  the  35  x  45  computational  grid  shown  in 
Figure  13.  Comparison  of  experimental  and  theoretical  transverse  temperature  profiles 
in  Figures  14  and  15  shows  that  agreement  in  both  sections  lies  within  engineering 
accuracy.  At  x  =  42  mm,  the  differences  are  very  close  to  the  limit  of  experimental 
uncertainty,  since  the  influence  of  the  reaction  rate  formulation  is  very  small.  At  x  • 
122  mm,  the  temperatures  in  the  mixing  layer  are  underestimated,  with  relatively  large 
differences;  this  is  attributable  to  a  limited  computer  optimization  of  the  model 
constants  and  to  the  lack  of  an  ignition  condition. 


7.  COMCLUSIONS 

An  artificial  time-dependent  technigue  (ATD)  capable  of  solving  the  steady 
conservation  erruations  governing  partially  premixed  turbulont  reacting  gas  flows  has 
been  presented. 

Mechanical  turbulence  has  been  modeled  using  a  low  Reynolds  number  formulation  of  a 
K-i  turbulence  model.  This  low  Reynolds  number  terms  and  the  dependence  of  the  model 
constants  on  the  turbulence  Reynolds  number  allows  a  fairly  good  representation  of  the 
near  wall  region. 

The  chemical  source  term  has  been  modeled  according  to  classical  fast  kinetic 
assumptions.  The  formulation  relates  the  chemical  source  term  to  the  fuel  mass 
fraction  gradients,  while  making  it  possible  to  take  into  account  imperfect  premixing  by 
introducing  limiting  values. 

The  proposed  ATD  equations,  discretized  by  means  of  an  explicit  dissipative  finite 
volume  scheme,  have  been  used  to  compute  turbulent  reacting  and  nonreacting  flows. 
Results,  obtained  on  coarse  grids,  are  encouraging:  The  method  appears  to  be  simple, 
robust,  and  efficient,  with  computing  costs  reduced  to  acceptable  levels. 
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Axisymnetric  expansion :  predicted  velocity  field 
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Figure  9  -  Axlsymmetrle  expansion: 
cowparison  of  predicted  and  measured 
[341  axial  velocities. 
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Figure  10  -  Axiaymmetric  expansion : 
comparison  of  predicted  and  measured 
[24]  axial  velocities. 


Figure  11  -  Axisymmetric  expansion : 
comparison  of  predicted  and  measured 
[24]  axial  velocities. 
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Abstract 


A  numerical  method  has  been  developed  to  solve  the  Navler-Stokes  equations  for 
laminar  compressible  flow  around  delta  wings.  A  large-scale  solution  on  a  mesh  of 
129x49x65  points  for  transonic  flow  M^=0.B5  a»iO  deg.  and  Re^  ^  -2.3Bxio*  around  a  65 
deg.  swept  delta  wing  with  round  leading  edge  Is  presented  and  discussed.  The  results 
reveal  the  presence  of  primary,  secondary,  and  even  tertiary  vortices.  Comparison  with 
experiment  shows  that  the  interaction  between  the  primary  and  secondary  vortices  is 
obtained  correctly  and  that  these  results  are  a  more  realistic  simulation  than  the  one 
given  by  the  Euler  equations. 


Intro^.  \ctlon 

Numerical  solution  to  the  Euler  equations  is  currently  being  proposed  as  a  model  to 
the  problem  of  leading-edge  separation  from  a  delta  wing  and  the  consequent  formation  of 
a  vortex  over  the  wing.  The  approach  seems  reasonable  enough,  and  Indeed  convincing 
results  have  been  produced,  when  the  separation  occurs  from  a  sharp  edge^'3,  one  concern 
with  a  solution  to  finite  differences  taken  on  a  grid  Is  that  the  vorticlty  diffuses 
because  of  the  numerical  method.  A  mesh  with  a  large  number  of  grid  points  usually  is 
needed  in  order  to  limit  the  diffusion  to  a  low  level.  But  even  then  serious  reserva¬ 
tions  arise  with  this  approach  If  the  edge  is  round  because  the  action  of  viscosity  in 
the  boundary  layer  now  determines  precisely  where  the  flow  separates,  and  not  a  geomet¬ 
rical  singularity  as  in  the  case  of  a  sharp  leading  edge. 

The  comparison  8(  Euler  solutions  with  experimental  measurements  in  an  internation¬ 
ally  sponsored  study  of  vortex  flow  over  cropped  65  deg.  delta  wings  with  sharp  and 
round  leading  edges  recently  demonstrated  this  point^ .  With  the  round  leading  edge  a 
vortex  is  shed  in  some  numerical  Euler  solutions  but  in  other  solutions  the  flow  is 
attached  around  the  leading  edge.  This  suggests  that  the  Euler  solution  may  be  non 

unique.  Even  when  the  numerical  solution  produces  a  vortex  when  in  reality  it  Is  expect¬ 
ed,  the  comparison  with  the  measured  surface  pressure  Is  not  particularly  good  because 
the  secondary  vortex,  observed  in  the  experiment  but  not  in  the  Euler  solution,  dis¬ 
places  the  position  of  the  primary  vortex.  One  concludes  that  a  viscous  model  is  needed 
for  a  more  realistic  simulation. 

We  have  recently  developed  a  numerical  method  to  solve  the  compressible  Navier- 
Stokes  equations  for  laminar  flow  over  delta  wings^.  We  present  here  some  of  our  latest 
results  from  a  large-scale  Navler-Stokes  simulation  of  transonic  flow  M.»0.85  a»lO  deg. 
over  the  round-edge  delta  wing  of  the  International  Vortex  Flow  Experiment,  and  compare 
them  with  our  Euler  solution  and  the  measured  pressure  distributions.  The  viscous  solu¬ 
tion  contains  the  secondary  vortex  as  well  as  other  vortices  located  between  the  upper 
surface  of  the  wing  and  the  shear  layer  shed  from  its  leading  edge.  The  comparison  with 
the  experiment  shows  that  the  position  of  the  primary  vortex  and  the  surface  pressure 
under  its  core  are  more  accurate  in  the  Navler-Stokes  solution  than  in  the  Euler  solu¬ 
tion.  Hence  the  proper  interaction  between  the  primary  and  secondary  vortices  Is  obtain¬ 
ed. 


Current  address:  DPVLR,  Institute  for  Theoretical  Fluid  Mechanics,  Bunsenstr.  10, 
D-3400  Qbttingen,  F.R.  Germany 


The  Symposium  on  the  International  Vortex  Flow  Experiment  on  Euler  Code  Validation 
was  held  in  Stockholm,  Sweden,  1-3  Oct  1986.  The  Proceedings  are  published  as  Ref. 

4  and  are  available  on  request  to:  Librarian,  FFA,  Box  11021,  161  11  BROMMA,  Sweden 
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Computational  Hethod 

The  Navler-Stokes  equations  for  an  arbitrary  stationary  cell  V  with  boundary  dV  and 
outer  normal  unit  vector  q  in  a  Cartesian  reference  frame  read 

It  /  g  (JV  +  /  H(g)-n  dA  -  0  (1) 

“  V  av 


gv 

pv 

H  = 

pyy 

Pi 

-  r 

(e+p)y 

-  r  *y 

♦  9 

The  notation  is  standard.  The  column  vector  3  is  density,  momentum,  and  total  energy  per 
unit  volume.  The  gas  is  air  and  is  considered  perfect.  Newton's  law  gives  the  stress 
tensor 

T 

t  *  Ai(grad  y  +  (grad  y)  ]  +  /tidiv  y 

and  Fourier's  law  the  heat  flux  9*  viscosity  coefficient  n  depends  on  temperature 

according  to  Sutherland's  law,  and  the  Prandtl  number  Is  assumed  constant,  PrsO.72. 

The  Navler-Stokes  equations  (1)  are  discretized  in  hexahedrons  (Fig.  1)  using  the 
finite-volume  technique.  Since  the  conservative  variables  are  assumed  to  be  defined  by 
their  cell  averages,  the  volume  Integral  in  (1)  over  a  cell  P  Is  expressed  by: 

33  ^3p 

/  ^  dV  »  /  dV  (2) 

y  at  3t  y 

^P  P 

The  surface  Integral  In  (1)  over  the  boundary  of  cell  P  is  approximated  by  assuming 
the  mean-value  of  the  flux  tensor  on  each  side  to  be  equal  to  the  arithmetic  average  of 
the  flux  tensor  in  the  adjacent  cells: 

6 

/  ^•n  dA  s  £  8  .  .  /  n  dA  (3) 

avp  k-i  -  avp^ 


5pk  -  2  'Sp  "  Sk'  • 

aVpk  denotes  the  common  part  of  the  boundaries  of  P  and  its  neighbouring  cell  k. 

With  the  conservative  variables  given,  all  terms  of  the  flux  tensor  are  readily 
available  in  cell  P,  except  for  the  gradients  of  the  velocity  components  and  temperature 
as  well  as  div  y.  Following  the  definition  of  the  conservative  variables  as  cell  averag¬ 
es^,  the  gradients  in  cell  P  are  defined  by: 

grad  0p  *  /  grad  0  dV/  /  dV  (4) 

Vp  Vp 

where  0  =  u,  v,  w,  or  T. 

Using  the  gradient  theorem,  the  volume  integral  in  (4)  can  be  expressed  by  a  sur¬ 
face  integral,  which  is  approximated  similarly  to  (3); 

6 

grad  0„a  /  0  n  dA//  dVs  £  0_.  /  n  dA//  dV  (  ... 

^  V  *  V  k»l  V 

Vp  Vp  K  1  cJVpj^  Vp 

where 

♦pk  ”  i(*P  *  *k>  • 

div  Vp  is  evaluated  similarly  to  grad  0p. 

On  a  Cartesian  equidistant  grid,  the  present  finite-volume  approximation  is  equiva¬ 
lent  to  a  second-order  central  difference  discretization  involving  25  points.  It  is 
broader  than  the  conventional  finite  volume  schemes  applied  to  the  Navier-Stokes  equa¬ 
tions  which  Involve  19  points. 
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Huveclcal.Qusioa 

The  spatial  discretization  constitutes  the  physical  difference  operator  Spu  defined 
by  the  negative  right  hand  side  of  (3)  divided  by  the  cell  volume.  The  convective  cen¬ 
tral  differences  do  not  damp  unphysical  oscillations  caused  by  flow  discontinuities  and 
waves  with  short  wavelengths,  and  nor  do  the  dissipative  central  differences  because  our 
broad  scheme  xmcouples  neighboring  points.  Therefore  we  add  numerical  damping  terms  to 
?u(g)  Just  as  we  did  for  solving  the  Buler  equations*,  but  we  use  smaller  coefficients. 
They  comprise  non-linear  second-order  differences  sensed  by  the  discretized  secotui  deri¬ 
vative  of  the  pressure,  and  linear  fourth-order  differences  of  the  conservative  vari¬ 
ables  : 

EN(a)={CPL/At) {r(aj[ai(p)Ai]+aj[sj(p)Ajl  + 

+  AK[8,c(p)a,^])-A(Aj+6^+Aj^))a  (6) 

with  CFL  the  maximum  CFL  number  used  (defined  below)  and  At  the  time  step.  The  constants 
X  and  A  used  lie  In  the  ranges:  0<x<0.01  and  0.005<a<0 .02 .  The  sensors  8<^,  Sj  and  8|^  are 
of  similar  form,  e.g.  for  a  cell  indexed  by  I,J,K: 

®l(Pltl/2,  J.K*”"!  I^f  _  l^i  Pl',J',K'l  1'^) 

Here  we  have  used  the  classical  finite-difference  operators  are  defined  by*. 

“1*1/2, J,K  -  ®I-1/2,J,K 

''I  ®I,J,K“<®I  +  1/2,J,K  *  “1-1/2, 
and  similarly  for  J  and  K. 

The  nvunerical  damping  operator  Cu  is  modified  near  the  wing  surface  and  farfield  to 
ensure  its  dissipative  property  also  there. 


Ilag-Xo£egra£lco 

Thus  the  semi -discrete  approximation  of  the  Navler-Stokes  equations  can  be  written 

as : 

da 

35  =  ?<9t  (9> 

where 

E  “  EpH  +  En  • 

Equation  (9)  represents  a  large  system  of  first-order  ordinary  differential  equations. 
We  solve  it  for  the  steady  state  by  the  second-order  explicit  three-stage  Runge-Kutta 
scheme : 


g'  “  q°  +  At 

a"  =  a®  +  i/24t  [E(a°)  +  E(a' )  1 
a"+i.  a”  ♦  1/2  4t  [6(3")  +  E(g'')) 


(10) 


sxabllltx 

The  stability  of  explicit  Runge-Kutta  schemes  applied  to  the  seml-dlscretlzation 
(9)  of  the  Navler-Stokes  equations  has  been  studied  for  a  scalar  linear  model  equation 
in  Ref.  5.  If  the  coefficents  of  the  model  equation  are  obtained  from  the  maximum  moduli 
of  the  eigenvalues  of  the  coefficient  matrices  of  the  linearized  Navier-Stokes  equation, 
the  von  Neumann  stability  analysis  shows  that  also  the  mixed  derivatives  contribute  to 
the  time  step  limitation  even  on  an  orthogonal  mesh,  contrary  to  the  implication  we 
reached  in  Ref.  5.  We  have  refined  the  stability  condition  for  an  explicit  Runge-Kutta 
method  applied  to  the  present  finite-volume  discretization  of  the  Navier-  Stokes  equa¬ 
tions.  The  estimate  we  now  use  reads 

Attain  {CFL  u I  1 Y ■ Sj I  + 1 Y ' Sj 1  + 1 V • Sr | +c( 1 5i | +| 5j |  + 1 Sr P  T * .  , 

i  |RK|uM.(  ISil  '  +  |5j|’  +  |SKr)+2M|5i-Sj|  +  |Si-SKl  +  |5j’SKl) 

.  ((/./-)/p)(|Si|  ISjI  +  ISiIISkI  +  ISjIISkI))’') 


» 


(11) 
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wher«  c  Is  ths  spsed  of  sound,  u  *  / P i  »  the  cell  volume.  Si  the  sur¬ 

face  normal  In  I-dlrection,  etc. 

The  stability  bounds  RK  and  CPL  are  chosen  such  that  all  complex  numbers  z  with 
RK<Re(z)<0  and  |Im(z)|<CFL  lie  inside  the  stability  region  of  the  Runge-Kutta  method 
(see  Pig.  2).  Por  the  three-stage  Runge-Kutta  method  (10)  the  following  choice  is  taken 
for  the  delta  wing  fine-mesh  case:  CPL-0.5  and  RK*-1.  In  general,  CPLsi.S  and  RK«-1  are 
taken.  The  factor  1/2  leaves  space  on  the  negative  real  axis  of  the  stability  region  to 
accommodate  the  numerical  damping  contribution. 


Mesh 


The  round  leading  edge  delta  wing  proposed  for  the  International  Vortex  Flow  Expe¬ 
riment  on  Euler  Code  Validation  has  65^sweep  and  15k  taper.  It  is  defined  by  one  section 
in  terns  of  x-  and  z-coordinates : 


z« 


i[0. 1183 Vx-0.2101X'f0. 3501x^-0.3406x3] 
NACA  64A005  profile 


0<X«0.4 

x>0.4 


The  nose  radius  is  0.7k,  the  naxinum  thickness  at  40k  is  Sk  local  chord,  and  the 
trailing  edge  is  sharp. 


He  generate  an  0-0  mesh  around  this  wing  by  the  transfinite  interpolation  method'^. 
The  fine  nesh  consists  of  129,  49  and  65  grid  points  in  tiiC  chordwise  I-,  near  normal  J- 
and  spanwise  K-directions,  respectively,  i.e.  410  865  grid  points  in  total.  On  the  wing, 
the  mesh  points  are  clustered  near  the  leading  edge  and  tip  and  to  a  less  extent  also 
near  the  trailing  edge  and  symmetry  boundary  with  larger  spacings  in  the  mid  sections 
(Fig.  3).  The  mesh  Is  nearly  orthogonal  at  the  wing  contour,  except  for  the  points  near 
the  trailing  edge  and  tip  (Figs.  4  and  5).  The  grid  points  between  the  wing  and  the 
farfield,  which  is  a  hemisphere  of  radius  3  root  chords  Cp  from  mid  root-chord,  are 
clustered  near  the  wing  to  resolve  the  boundary  layer.  He  estimate  that  the  clustering 
placus  about  20  points  in  the  boundary  layer. 


Initial  and  Boundary  Conditions 

For  M^=0.85,  a=10°,  Re^  ^^=2 . 38x10* ,  the  calculation  Is  started  from  freestream  on 
a  coarse  mesh  using  a  large  second-  order  damping  coefficient  (x-O.l),  which  is  subse¬ 
quently  reduced  to  0.01.  The  converged  result  is  interpolated  on  the  medium  mesh  and  so 
on  to  the  fine  mesh. 

The  0-0  mesh  topology  Introduces  periodic,  symmetry,  wing  and  farfield  boundaries 
to  determine  bilaterally  symmetric  flow  over  a  quadrilateral  wing.  The  symmetry  boundary 
lies  in  the  y*0  plane.  The  periodic  boundaries  extend  from  the  trailing  edge  and  tip  of 
the  wing  In  the  positive  x-  and  y-directions ,  respectively.  At  periodic  boundaries,  grid 
points  on  upper  and  lower  surfaces  are  mapped  onto  each  other.  The  conditions  on  the 
conservative  variables  are 

SiMAX,  J.K'Sll  ,  J,K  ■  ai,J,KMAX'''*IMAX-I.J,KMAX-l 

At  the  symmetry  boundary,  p,u,w.  and  e  are  even  functions  with  respect  to  y,  and  v 
is  an  odd  one: 

(ip,u,v.i»,e)'’^(x.y,z)  =  (p,u,-v,w,e)'''(x.-y.x)(12b)  (12b) 

The  no-slip  condition  holds  on  the  wing,  which  Is  assumed  to  be  adiabatic.  The 
pressure  is  obtained  by  neglecting  the  viscous  terms  in  the  wall  normal  momentum  equa¬ 
tion: 


Xw=  0  •  fSlw  -  0  i  ISlw  =  0  (12'=) 

The  pressure  and  the  stress  tensor  at  the  wing  interface  of  the  first  cell  above 
the  wing  are  approximated  by  their  values  In  that  cell. 

The  boundary  conditions  at  the  farfield  boundary  are  based  on  the  theory  of  charac¬ 
teristics  for  locally  one-dimensional  inviscid  flow.  For  supersonic  inflow  or  outflow, 
the  locally  one-dimensional  Rlemann  invariants,  entropy  and  tangential  velocity  compo¬ 
nent  ,  i.e.: 


2 

R  »  v«n  -  — 7  c 

R_»  vn 

-  -  7-1 

2  -  - 

R^*  In  (-2) 

R,=  V  - 

3  7 

-4 

given  from  outside 

or  Inside 

(v*n)n 

the  computational  region  by. 


respectively: 


(12d) 


(12e) 


For  subsonic  inflow,  R|,R3,  and  are  given  from  outside  and  from  inside.  R2> 
R3,  and  are  determined  from  inside  and  Rj  from  outside  for  subsonic  outflow. 
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The  conditions  (12e)  are  used  to  detersine  R-  in  a  fictitious  cell  outside  the 
doaain  of  integration  either  by  freestreaai  or  by  in  the  cell  next  to  the  farfield. 

This  fully  discrete  explicit  scheme  has  been  fully  vectorized  over  all  three  dimen¬ 
sions  for  the  CYBER  205  supercomputer  by  the  vector-coding  concept  developed  by  Rizzi*. 
Using  32-bit  word  length  the  resulting  computer  program  operates  at  23  CPU  micro-seconds 
per  time  step  and  per  grid  point.  Only  30  data  quantities  need  to  be  stored  at  each  grid 
point . 


Discussion  of  Computed  Solution 

We  simulate  laminar  flow  over  the  cropped  delta  wing  for  the  conditions  M.«0.8S, 
a«io  deg.  and  Re„  ^  «2.38xio*.  The  streamlines  (steady  particle  paths)  originating  near 
the  leading  edge  in  Fig.  6  show  two  distinct  regions  of  swirling  flow  which  lift  before 
the  trailing  edge.  The  Inboard  one  is  clearly  the  primary  vortex,  and  is  above  the  out¬ 
board  region.  The  other  swirling  that  we  see  only  starts  past  midchord.  For  this  reason 
and  because  it  is  too  far  outboard,  we  hesitate  to  call  it  the  secondary  vortex.  He 
discuss  this  further  below.  The  side  view  shows  that  the  shear  layer  leaving  from  the 
cropped  tip  is  leas  tightly  wotind,  presumably  because  of  the  reduced  sweep  angle  of  this 
edge.  We  remark  that  there  is  no  indication  of  an  abrupt  uplifting  of  the  vortex  near 
the  beginning  of  the  cropped  tip,  as  we  have  seen  in  the  corresponding  Euler  solution^ 3. 
We  attributed  that  as  an  effect  of  the  cropped  edge. 

The  line  towards  which  the  skin  friction  lines  converge  (Fig.  7)  clearly  indicates 
the  secondary  separation  at  y/8«0.74  and  confirms  that  there  is  a  secondary  vortex  in 
the  numerical  solution.  This  compares  reasonably  well  with  the  oil  flow  in  Fig.  7,  con¬ 
sidering  that  the  experiment  is  done  for  a  wing  with  a  sharp  leading  edge.  The  experi¬ 
ment  Indicates  a  clear  primary  attachment  line,  and  one  can  infer  one  in  the  computa¬ 
tions  up  to  about  60E  chord.  Past  this  point  the  skin  friction  lines  from  near  the  sym¬ 
metry  plane  are  swept  spanwise  outboard,  and  the  suggestion  of  a  primary  attachment  line 
is  completely  lost.  Since  this  is  Just  ahead  of  the  cropped  tip,  perhaps  this  effect  is 
linked  to  the  tip.  But  the  discrepancy  that  we  cannot  explain  is  that  close  to  the 
trailing  edge  the  computed  lines  sweep  outboard  from  the  symmetry  plane  while  the  oil 
flow  sho»«s  the  direction  to  be  streamwise  Inboard  of  the  primary  attachment.  The  skin 
friction  lines  emanating  from  points  a  short  distance  away  from  the  tip  and  trailing 
edge  turn  upstream  and  apparently  terminate  in  a  nodal  point  of  separation  on  the  secon¬ 
dary  separation  line,  also  In  contrast  to  the  oil  flow. 

Figure  8  presents  the  computed  skin  friction  lines  on  the  upper  side  of  the  leading 
edge.  Where  they  are  converging,  the  dashed  line  nearest  the  leading  edge  has  been  drawn 
to  indicate  the  primary  separation  line.  Where  the  skin  friction  lines  diverge,  a  dashed 
line  suggests  the  attachment  line  of,  presumably,  the  secondary  vortex.  The  oattern 
diverging  streamlines  cases  just  ahead  of  the  cropped  tip,  and  apparently  the  secondary 
attachment  line  terminates  there.  We  believe  this  effect  is  strongly  influenced  by  the 
shape  of  the  tip. 

The  pressure  minimum  (Fig.  9a)  almost  coincides  with  the  secondary  separation  line, 
around  which  large  gradients  of  the  modulus  of  vortlcity  (Fig.  9b)  can  be  seen  where  the 
boundary  layer  lifts  off  the  surface.  Pressure  and  vortlcity  are  nearly  conical  up  to 
x/Cg-0.55.  The  structure  in  the  flow  near  the  leading  edge  between  x/C|^-0.55  and  -0.75 
is  complex  and  needs  to  be  discussed  further.  For  this  purpose  Fig.  10  presents  contour 
curves  of  constant  static  Cp,  total  pressure  coefficient  Cp  «l-p^/p^  and  vortlcity 
modulus  drawn  in  the  flat  plane  x/Cp=0.60.  The  rings  of  static  Cp  (Fig.  10a)  identify 
the  primary  vortex.  The  overall  pattern  of  these  contours  is  regular  except  for  the 
region  between  the  primary  vortex  and  the  leading  edge.  The  contours  total  pressure 
(Fig.  lOb)  and  vortlcity  modulus  (Fig.  10c)  show  the  thinness  of  the  boundary  layer  on 
the  upper  and  lower  surfaces.  They  also  indicate  the  lifting  up  of  the  boundary  layer  on 
the  upper  surface  just  under  the  primary  vortex.  This  is  confirmation  that  secondary 
separation  occurs  under  the  primary  vortex  where  the  contour  lines  of  Cp^  and  vortlcity 
on  the  upper  surface  are  most  dense.  Further  outboard  both  sets  of  contours  show  another 
uplifting  from  the  wing  surface  and  could  be  called  a  tertiary  separation.  And  even  a 
fourth  Island  of  vortlcity  appears  very  near  the  tip. 

The  comparison  of  static  pressure  coefficients  (Fig.  11)  at  the  stations  x/Cb.sO.3, 
0.6  and  0.8  with  experimental  data  verifies  the  realism  of  the  main  features  simulated 
here,  and  points  out  the  contrast  with  the  Euler  solution.  The  position  of  the  primary 
vortex  core  and  the  pressure  level  under  it  are  predicted  in  good  agreement  with  the 
experiment,  whereas  the  pressure  minimum  in  the  Euler  solution  lies  too  close  to  the 
leading  edge  and  Its  suction  Is  much  higher.  A  number  of  different  Cp  measurements  were 
taken  for  different  Reynolds  numbers.  The  results  of  these  meanuremehts  show  a  clear 
dependence  on  the  Reynolds  number.  Since  our  simulation  is  for  laminar  flow,  we  compare 
here  with  the  measurements  taken  at  the  lowest  Reynolds  number  because  that  case  con¬ 
tains  the  largest  region  of  laminar  flow.  Two  distinct  minima  occur  in  the  viscous  simu¬ 
lation  which  Is  typical  of  laminar  vortex  flow.  The  second  minimum  usually  is  not  seen 
in  turbulent  flow,  and  this  is  con-  sistent  with  the  experimental  results  presented 
here.  In  which  the  transition  to  turbulence  was  observed.  The  comparison  of  laminar  and 
turbulent  pressure  measurements  over  a  delta  wing  (Fig.  12)  illustrates  this  effect 
which  Ktichemann  discusses  in  his  book*^.  The  third  minimum  in  the  computed  pressure  near 
the  leading  edge  at  x/Cj^«0.6  (in  Fig.  11)  may  be  related  to  the  third  vortical  structure 
seen  near  the  tip  in  Fig.  10c. 
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The  overall  conparieon  of  the  velocity  vectors  in  Fig.  13  measured  by  two  different 
techniques  ( laser and  probe* and  those  from  the  computed  solution  further  support 
the  realism  of  the  calculation.  We  should  point  out  the  even  under  the  best  of  circum¬ 
stances  such  measurements  are  difficult  to  carry  out  for  transonic  flow.  As  seen  in  Fig. 
13a  laser  measurements  could  not  resolve  the  entire  primary  vortex  core,  and  the  probe 
measurements  just  outboard  of  the  leading  edge  in  Fig.  I3b  are  clearly  in  error. 
Neverthless  these  are  the  best  data  we  have  to  work  with.  Close  Inspection  of  this  figu¬ 
re  does  shows  that  the  core  of  the  primary  vortex  in  the  computed  solution  is  slightly 
above  and  inboard  of  the  one  found  in  the  probe  measurements  in  turbulent  flow.  The 
sketch  of  the  primary  vortices  in  Fig.  12,  taken  from  the  laminar  and  turbulent  experi¬ 
ments,  explains  this  difference  as  being  due  to  the  turbulent  flow  condition  present 
during  the  probe  measurements. 

We  return  now  to  the  question  of  the  complex  structure  seen  in  the  vorticity  con¬ 
tours  in  Fig.  10.  Velocity  vectors  are  needed  to  bring  out  the  sense  of  the  flow  direc¬ 
tion.  Figure  14  displays  them  drawn  at  equispaced  intervals  (not  grid  points)  in  a  true 
plane  normal  to  the  leading  edge  at  x/Cp-0.70.  (Looking  at  the  vectors  in  this  plane 
reduces  the  chances  of  being  mislead  because  the  missing  component  along  the  leading 
edge  varies  the  least.)  Here  (Pig.  14a)  we  see  clearly  the  primary  separation,  the  vor¬ 
tex  core,  and  the  primary  attachment  point.  The  secondary  and  tertiary  vortices  are  seen 
only  crudely  because  of  the  coarse  spacing  of  the  vectors.  With  a  tighter  spacing  over  a 
region  close  to  the  upper  surface.  Pig.  14b  brings  out  the  velocity  profile  over  the 
whole  upper  surface  of  the  wing  section  and  now  clearly  indicates  the  secondary  and 
tertiary  vortices.  In  the  region  just  surrounding  the  leading  edge  of  the  wing  the  velo¬ 
city  vectors  in  Fig.  14c,  even  reveal  a  fourth  vortex  which  might  be  called  a  "roller" 
vortex  because  it  is  sandwiched  between  shed  shear  layer  and  the  wing  surface.  There 
might  be  a  counter  clockwise  vortex  in  -  .  cinlty  of  the  leading  edge. 

In  high  Reynolds  n\ifflber  flows  one  exi.v  ■  -s  the  boundary  layer  to  be  very  thin.  In 
order  to  investigate  this  matter  in  our  solution,  we  present  diagram  plots  of  vorticity, 
total  pressure,  and  u  component  of  velocity  drawn  versus  the  line  segment  indicated  by 
the  dashed  line  in  the  contour  plots  in  Fig.  15.  These  diagrams  indicate  the  very  thin 
and  sharp  boundary  layer  profile  supported  by  our  mesh  clustered  tightly  near  the  wing 
surface.  It  is  interesting  to  observe  that  the  maximum  of  vorticity  (Fig.  15a)  occurs  in 
the  boundary  layer  on  the  windward  side,  presumably  because  the  boundary  layer  is  swept 
and  stretched  there.  The  magnitude  of  vorticity  is  much  higher  in  both  the  windward  and 
leeward  side  boundary  layers  than  in  the  core  of  the  primary  vortex.  This  suggests  that 
the  standard  Baldwin  and  Lomax  model  for  turbulence  could  be  applied  in  its  usual  form 
without  modifying  it  use  of  vorticity.  The  largest  loss  In  total  pressure  occurs  in  the 
leeward  boundary  layer  (Pig.  ISb),  but  here  the  loss  in  the  core  is  greater  than  in  the 
windward  boundary  layer.  The  profiles  of  the  u  velocity  component  show  that  the  gradient 
of  u  is  somewhat  steeper  through  the  windward  boundary  layer  that  it  is  through  the 
leeward  layer  where  it  is  separating.  The  small  plateau  in  u  is  a  curious  feature  of 
this  uplifting  layer. 


Concluding  Remarks 

The  quantitative  details  of  this  solution  must  be  analyzed  further  before  one  can 
come  to  a  final  judgement  about  its  realism.  But  from  comparison  with  experimental  data 
we  can  conclude  that  the  laminar  Navier-Stokes  equations  are  a  better  model  than  the 
Euler  equations  for  this  class  of  flow,  and  that  in  overall  qualitative  terms  their  nu¬ 
merical  solution  is  predicting  the  Interaction  between  the  primary  and  secondary  vor¬ 
tices,  and  thus  the  surface  pressure,  more  accurately  than  the  inviscid  flow  simulation. 
It  remains  to  be  Investigated  which  improvements  can  be  gained  by  implementing  simple 
transition  and  turbulence  models  for  high  Reynolds  number  vorticial  flows. 
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a)  view  from  above 


b)  horizontal  view  towards  symmetry  plane 


Fig.  6  Streamlines  originating  near  the  leading  edge 
determined  from  the  solution  show  multiple 
vortices  over  the  wing. 


Profiles  through  the  boundary  layer  along  the  dashed  line  a)vorticity  moduls,  b)  total 
pressure  coefficient,  c)  U/V  velocity  component. 
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Summary 

The  accuracy  of  finite  volume  methods  for  the  discretization  of  the  unsteady  Euler  equa¬ 
tions  in  a  cartesian  coordinate  frame  is  investigated.  For  finite  volume  methods >  gener¬ 
al  requirements  are  derived  for  a  spatial  discretization  which  yields  first  order  accu¬ 
racy  on  arbitrary  meshes.  An  error  analysis  shows  that  in  two  dimensions  methods  based 
on  a  cell  vertex  scheme  meet  these  requirements  whereas  methods  based  on  a  cell  centered 
scheme  do  not.  Numerical  results  on  different  two-dimensional  meshes  confirm  the  theore¬ 
tical  statement  that  only  cell  vertex  schemes  perform  accurately  on  grids  with  slope 
discontinuities . 

Using  structured  coordinate  grids  for  complex  three-dimensional  flow  problems,  even  cell 
vertex  schemes  require  additional  effort  to  ensure  first  order  accuracy  on  arbitrary 
meshes.  The  applicability  of  the  ceM  vertex  scheme  is  demonstrated  by  the  calculation 
of  the  flow  field  in  a  nozzle  and  the  flow  around  a  powered  nacelle. 


Lxst  of  Symbols 


^1 

E 

F 

h 

H 

f 

Ma 


lift  coefficient 
pressure  coefficient 
total  energy 
tensor  of  flux  density 
mesh  spacing 

total  enthalpy 
cartesian  unit  vectors 

Mach  number 

unit  vector  of  outward  normal 


0(h'') 
Introduction 


terms  which  are  at  least  pro¬ 
portional  to  h*^ 


q  velocity  vector 

R  gas  constant 

t  time 

T  temperature 

V  volume 

W  vector  of  conserved  quantities 

*  io,  ou,  pv,  pw,  pB)^ 
x,y,z  cartesian  coordinates 

a  angle  of  attack 

SV  boundary  of  control  volume  V 


The  field  of  computational  fluid  dynamics  has  evolved  from  the  first  attempts  at  solving 
model  fluid  flows  to  the  stage  where  computational  methods  play  an  important  role  in 
aerodynamic  design.  With  the  advent  of  fast  vector  computers  a  significant  advance  was 
achieved  in  this  field  by  developing  methods  for  solving  the  Euler  equations.  The  use  of 
Euler  codes  has  several  motivations.  Solutions  of  the  Euler  equations  give  a  more  physi¬ 
cal  representation  of  inviscid  subsonic,  transonic  and  supersonic  flow  fields  than  po¬ 
tential  flow  methods.  They  do  not  suffer  from  nonuniqueness  problems,  which  have  been 
observed  in  potential  flow  theory.  In  particular  the  position  of  the  vortex  sheet  behind 
a  wing  needs  not  be  specified,  but  it  comes  out  as  a  part  of  the  solution.  In  regions 
where  shock  waves  are  present,  the  Euler  equations  allow  entropy  rise  through  shock 
waves  while  mass,  momentum  and  energy  are  conserved.  Furthermore,  Euler  codes  are  able 
to  treat  embedded  regions  of  different  total  pressure  and  total  temperature  in  the  flow 
field  without  dividing  it  into  different  domains,  which  have  to  be  otherwise  patched  to¬ 
gether  by  complicated  or  nonphysical  procedures. 

The  numerical  solution  of  the  Euler  equations  as  discretized  by  the  finite  volume  tech¬ 
nique  is  well  known.  Finite  volume  methods  are  based  on  the  integral  form  of  the  govern¬ 
ing  equations,  which  ensures  the  fulfillment  of  the  conservation  principles  in  the  dis¬ 
cretization.  Usually  the  equations  are  written  in  a  cartesian  coordinate  frame,  and  no 
global  transformation  of  the  system  of  equations  to  curvilinear  coordinates  is  neces¬ 
sary.  The  finite  volume  discretization  technique  requires  the  approximation  of  the  inte¬ 
gral  over  the  surface  of  the  control  volumes  in  the  computational  mesh.  There  exists 
a  variety  o_  schemes  based  on  the  finite  volume  technique.  Generally,  however,  two  basic 
strategies  are  applied. 

The  first  strategy  uses  a  cell  centered  scheme  in  which  the  flow  quantities  are  associ¬ 
ated  with  the  center  of  a  cell  in  the  computational  mesh.  Jameson,  Schmidt  and  Turkel 
[1]  applied  a  cell  centered  scheme  for  the  calculation  of  two-dimensional  flow  fields  by 
solving  the  Euler  equations.  In  Jameson  and  Bakar  12)  further  applications  of  this  meth¬ 
od  to  three-dimensional  problems  are  reported.  Also  Rizzi  used  in  [3]  a  cell  centered 


BcheiM  for  the  calculation  of  invlscld  three-dimensional  flows.  Due  to  their  simple 
structure,  cell  centered  schemes  are  in  widespread  use  in  computational  fluid  dynamics. 
The  second  approach  employs  a  cell  vertex  scheme,  %ihere  the  flow  quantities  are  assigned 
to  the  vertices  of  a  cell,  i.e.  to  the  mesh  nodes.  Ni  [4]  used  a  cell  vertex  scheme  for 
the  calculation  of  inviscid  two-dimensional  flows.  Hall  [5]  applied  an  extended  version 
of  Hi's  scheme  for  the  discretization  of  the  two-dimensional  Euler  equations.  Koeck  [6] 
and  Denton  [7]  employed  cell  vertex  schemes  for  the  computation  of  three-dimensional 
flows. 


Recently  the  complexity  of  geometries  being  investigated  has  continuously  increased.  In 
addition  to  the  calculation  of  tiie  f low  field  around  a  single  wing  C8l  ,  work  is  more  emd 
more  focused  on  the  simulation  of  the  flow  around  complete  aircraft  configurations,  e.g* 
I2,  9-12  1  .  For  such  geometries  the  generation  of  smooth  body-fitted  grids  is  very 
laborious.  Due  to  the  complexity  of  the  configuration  under  consideration,  it  may  be 
impossible  to  generate  smooth  meshes  without  singular  lines  or  singular  points.  Even  the 
use  of  block-structured  meshes  (13-161  may  not  avoid  the  occurrence  of  singularities  and 
slope  discontinuities. 

A  difficult  question  which  arises  in  computational  fluid  dynamics  is  the  analysis  of  the 
numerical  error  which  appears  in  the  discretization  of  the  governing  equations.  The 
problem  is  even  more  evident  when  treating  complex  geometries.  As  a  comparison  with 
exact  solutions  is  usually  not  possible  for  complex  flows,  confutation  on  successively 
refined  grids  is  used  to  verify  the  accuracy  of  the  numerical  method.  This  means  of 
verification  requires  a  priori  that  the  truncation  error  in  the  spatial  discretization 
is  at  least  proportional  to  the  mesh  spacing,  i.e.  at  least  of  first  order.  In  order  to 
validate  this  feature  of  the  spatial  discretization  the  accuracy  of  finite  volume  meth¬ 
ods  has  to  be  assessed  mathematically. 


In  the  first  part  of  this  study,  general  requirements  are  analytically  derived  which 
have  to  be  fulfilled  to  establish  first  order  accuracy  of  a  finite  volume  method  inde¬ 
pendent  of  the  smoothness  of  the  computational  mesh.  In  the  following  a  cell  centered 
scheme  and  a  cell  vertex  scheme  for  the  discretization  of  the  two-dimensional  Euler 
equations  are  compared.  The  accuracy  of  the  different  approaches  is  analyzed'  and  the 
derived  criteria  are  confirmed  by  numerical  results.  The  outcome  of  this  comparison  is 
that  only  the  cell  vertex  scheme  provides  the  capability  to  be  at  least  first  order 
accurate  on  arbitrary  meshes.  The  last  topic  of  the  paper  concerns  three-dimensional 
flow  problems.  It  is  pointed  out  that  a  straightforward  extension  of  the  two-dimensional 
cell  vertex  scheme  to  three  dimensions  does  not  lead  to  a  method  of  first  order  on  arbi¬ 
trary  meshes,  since  in  three  dimensions,  the  faces  of  a  cell  in  the  computational  mesh 
may  be  distorted.  Furthermore  a  hexahedral  cell  may  degenerate  to  a  pentahedron  or  a 
tetrahedon.  A  comparison  of  the  results  of  the  calculation  of  the  flow  through  a  nozzle 
achieved  by  the  application  of  both  cell  centered  and  cell  vertex  schemes  shows  the 
better  accuracy  of  the  cell  vertex  scheme  on  non-smooth  grids.  The  applicability  of  the 
cel*,  vertex  scheme  is  further  demonstrated  by  the  calculation  of  the  flow  around  a  pow¬ 
ered  nacelle.  In  this  case  the  computational  mesh  exhibits  a  polar  singularity.  However, 
no  transformation  of  the  equations  to  polar  coordinates  is  necessary. 

2 .  General  requirements  of  finite  volume  methods 

2 . 1  Governing  equations 

The  three-dimensional  Euler  equations  for  unsteady  compressible  inviscid  flows  may  be 
written  in  integral  form  using  a  cartesian  coordinate  system  as 


where 


V  dv 


W 


P 

pu 

pv 

pw 

pB 


P<l 

puq  +  pi, 
pvq  +  pi, 
pwq  +  pi, 
pHq 


(1) 


In  equation  (1).  p,  p,  u,  v,  w,  E  and  H  are  the  preasure,  density,  cartesian  velocity 
components,  total  energy  and  total  enthalpy,  respectively.  V  .denotes  an  arbitrary  con¬ 
trol  volume  fixed  in  time  and  space  and  3V  is  the  closed  boundary  of  the  volume,  f  re¬ 
presents  the  tensor  of  flux  density  and  is  the  outward  facing  normal  along  3V.  The 
unit  vectors  of  the  cartesian  coordinate  system  are  given  by  x_,  ly,  i,,  and  the  veloci¬ 
ty  vector  is  hence  ^ 

q  *  u/„  +  v/y  +  .  ( 2 ) 


Applying  the  integral  mean  value  theorem,  equation  (1)  can  be  converted  to 
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IJf  .ndS 
dV 


(3) 


The  term  on  the  left-hand  side  of  equation  (3)  represents  the  integral  mean  value  of  the 
rate  of  change  of  i?  in  the  control  volume  V,  and  the  right-hand  side  is  the  flux  per 
volume  of  mass,  momentum  and  energy  through  the  surface  of  V.  Together  with  the  equation 
of  state 


p  =  pRT 


(4) 


which  relates  the  pressure  to  the  components  of  W,  equation  (3)  forms  a  system  of  five 
equations  for  the  unknowns  p,  u,  v,  w  and  E. 

2 . 2  Finite  volume  discretization 


As  equation  (3)  is  valid  for  an  arbitrary  control  volume,  it  also  holds  locally  for  each 
cell  ^  in  the  computational  mesh 


•ndS 


(5) 


where 


dV 


Denoting  the  flux  of  if  through  the  surface  of  the  cell  hy 

0/./.*= 


/.* 


equation  (5)  reads 


\dt  Jij.k  * 


(6) 


(7) 


In  a  finite  volume  method  the  flux  a  is  evaluated  by  approximating 
integral  in  equation  (6)  by  numerical  integration.  Denoting  the  result  of  tl 
integration  by  j,k'  equation  (6)  now  is 

Qij.k  =  hj.k  +  Hi.k 


the  surface 
the  numerical 


(8) 


where 

gives 

ceil 


Ci  i  ^  denotes  the  error  due  to  the  numerical  integration.  Substituting  (8)  in  (7) 
tne*^  approximation  of  the  integral  mean  value  of  the  rate  of  change  of  vf  in  each 


fT,,.  + 


(9) 


Equation  (9)  shows  that  for  the  approximation  of  the  mean  rate  of  change  of  the  flow 
variables  in  a  control  volume  one  has  to  deal  with  error  terms  of  the  form 


Hhk 


Hi,k 


(10) 


If  the  integral  mean  value  of  the  rate  of  change  of  the  flow  quantities  in  a  control 
volume  is  to  be  calculated  with  at  least  first  order  accuracy,  the  error  term 
must  at  least  depend  linearly  on  the  mesh  size  h.  '  * 

The  volume  of  a  cell  is  a  quantity  whose  magnitude  in  an  n-dimensional  space  is  propor¬ 
tional  to  the  n-th  power  of  the  mesh  size  h 

Vf./.n  =  .  (11) 


Thus  it  is  5v^dent  from  equation  (10)  that  the  integration  error  in  the  numerical  inte¬ 
gration  of  F*n  over  the  surface  of  a  cell  must  be  proportional  to  h^  ^ 


E 


i.J.k 


=  0(h) 


{12) 


to  fulfill  the  above  requirement. 


PI  4-4 


Equation  (12)  states  that  in  two-din^n^ional  finite  volume  methods  the  accuracy  of  the 
numerical  integration  of  the  term  (F*  n)  over  the  surface  of  a  cell  must  be  of  third 
order.  For  three-dimeneional  methods  the  error  of  the  numerical  Integration  must  be  at 
least  of  fourth  order.  Only  under  these  conditions  it  is  assured  that  the  approximation 
of  equation  (3)  is  at  least  first  order  accurate  on  arbitrary  meshes. 

Note  that  in  the  above  considerations  no  assumptions  about  the  location  of  the  flow 
quantities  were  made.  The  relations  derived  so  far  are  independent  of  the  strategy  ap¬ 
plied  in  the  finite  volume  scheme. 

3.  Two-dimensional  flows 


3.1  Discretigation 

In  this  section  the  two  basic  strategies,  the  cell  centered  and  cell  vertex  discretiza¬ 
tion  scheme,  will  be  compared  through  their  application  to  two-dimensional  flows.  The 
particular  cell  centered  finite  volume  method  is  a  scheme  according  to  Jameson  {1]  , 
whereas  the  cell  vertex  scheme  is  based  on  the  ideas  of  Hall  [S].  A  comparison  including 
a  detailed  error  analysis  was  given  in  (17]  and  therefore  here  only  the  main  features  of 
the  different  schemes  will  be  discussed. 

In  order  to  apply  the  finite  volume  methods  investigated  here,  the  physical  domain  is 
divided  into  quadrilateral  cells  by  generating  a  body-fitted  grid.  A  typical  cell  with 
corresponding  geometrical  quantities  is  shown  in  Fig.  1.  As  the  faces  of  a  two-dimen¬ 
sional  cell  are  given  by  straight  lines,  the  normal  vectors  to  the  different  faces^are 
constants  which  can  be  calculated  exactly.  The  numerical  evaluation  of  the  flux  Q;  ^ 
through  the  surface  of  a  cell  is  performed  by  splitting  the  surface  integral  of  equation 
(6)  into  a  sum  of  integrals  over  the  four  faces  of  the  cell.  Due  to  the  fact  that  the 
normal  vectors  are  constants,  equation  (6)  can  be  written  for  two-dimensional  cells  as 

Q-,;  =  -J  frfS  +  -j  FdS  +  n,.,„^.j  +  fdS  . 

The  remaining  problem  is  the  evaluation  of  the  integration  of  the  flux  density  tensor 
over  the  different  faces. 


First  the  cell  vertex  scheme  will  be  considered.  In  Pig .  2  four  control  volumes  are 
sketched  which  have  point  i,  j  as  a  common  vertex.  The  flow  quantities  are  located  at  the 
vertices  of  the  control  volumes.  The  flux  density  tensor  in  the  midpoints  of  the  faces 
is  obtained  by  linear  interpolation  of  the  quantities  at  the  endpoints  of  the  face.  The 
numerical  integration  is  performed  with  the  trapezoidal  rule  which  is  known  to  be  third 
order  accurate.  For  this  reason  the  approximation  of  the  integral  mean  value  of  the  rate 
of  change  of  the  flow  quantities  in  a  cell  is  approximated  at  least  with  an  accuracy  of 
first  order.  Note  that  du*^  to  the  fact  that  the  normal  vector  on  each  face  can  be  calcu¬ 
lated  exactly#  accuracy  of  first  order  is  assured  independently  of  the  geometry  of  the 
cell.  Roe  has  shown  in  tl8)  that  for  the  case  that  the  cells  are  parallelograms,  the 
approximation  of  the  rate  of  change  in  a  cell  is  even  second  order  accurate.  Due  to  the 
parallelism  of  opposite  faces  the  first  order  error  terras  cancel  each  other. 

In  order  to  relate  the  mean  values  of  the  rate  of  change  in  a  cell  to  the  rate  of  change 
at  a  vertex,  a  further  approximation  is  made  by  the  use  of  a  distribution  formula.  The 
application  of  this  formula  assumes  the  change  at  a  vertex  to  be  a  function  of  all  cells 
having  the  particular  vertex  in  common.  Following  Hall  (5]  ,  the  changes  in  the  cells 
surrounding  a  vertex  are  weighted  by  the  volumes  of  the  corresponding  cells,  and  this 
average  is  taken  to  be  the  change  at  the  particular  vertex.  For  point  i,j  in  Pig.  2  this 
leads  to: 


/  d  -V' 

V/-1 


(14) 


This  formula  Is  first  order  accurate  on  arbitrary  meshes.  Therefore  the  accuracy  of  the 
approximation  of  the  rate  of  change  at  a  vertex  is  always  of  first  order.  On  cartesian 
meshes  the  distribution  formula  (14)  is  second  order  accurate  thus  leading  to  a  discre¬ 
tization  method  which  is  second  order  accurate  on  cartesian  grids. 

Next  the  cell  centered  scheme  will  be  discussed.  The  flow  quantities  are  located  at  the 
cell  centers  (Fig.  3)  ♦  In  order  to  perform  the  numerical  integration  of  equation  (13) 
the  mean  value  of  the  flux  density  tensor  F  at  the  midpoint  of  a  face  is  approximated  by 
averaging  the  quantities  in  those  cells  having  the  face  in  common.  Multiplication  of  the 
mean  flux  density  tensor  with  the  corresponding  cell  face  and  normal  vector  leads  as 
before  to  numerical  integration  of  (13). 

If  the  averaging  of  the  quantities  in  neighboring  cells  gave  the  exact  value  of  the  flux 
density  tensor  at  the  midpoints  of  the  facee,  the  integration  would  be  third  order  accu¬ 
rate.  For  the  arrangement  of  cells  sketched  in  Fig .  4  the  averaging  does  not  provide  the 
exact  value  at  the  midpoint  of  a  face  even  for  a  linearly  varying  function.  The  conse¬ 
quence  is  that  the  numerical  integration  of  (13)  is  no  longer  third  order  accurate, 
which  in  turn  leads  to  errors  Independent  of  the  mesh  size  h  for  the  approximation  of 
the  rate  of  change  in  the  control  volumes.  In  [17]  it  is  pointed  out  that  the  reduction 
of  the  discretization  error  In  cell  centered  schemes  depends  only  on  the  smoothness  of 
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the  computational  grid.  On  non-smooth  grids  with  slope  discontinuities  the  discretiza¬ 
tion  error  will  not  be  reduced  when  the  mesh  is  refined.  Nevertheless  on  cartesian  grids 
the  cell  centered  scheme  is  second  order  accurate  and  on  grids  which  are  sufficiently 
smooth  the  cell  centered  scheme  behaves  as  a  scheme  of  second  order  accuracy. 

3 . 2  Solution  method 

In  order  to  establish  a  fair  comparison  of  both  discretization  strategies,  the  same 
solution  method  is  applied  as  a  framework  for  the  procedures  described  above.  As  the 
schemes  use  central  differences  they  require  an  amount  of  artificial  viscosity,  and  here 
a  blend  of  fourth  and  second  differences  as  described  by  Jameson  [1]  is  added.  The  inte¬ 
gration  of  the  system  of  ordinary  differential  equations  is  carried  out  by  the  use  of  a 
five-stage  Runge-Kutta  scheme.  Details  of  the  scheme  can  be  found  in  [19j.  In  order  to 
drive  the  solution  towards  the  steady  state,  acceleration  techniques  such  ac  local  time 
stepping,  implicit  averaging  of  residuals,  and  enthalpy  damping  are  applied.  The  cell 
verte.v  scheme  is  further  augmented  by  the  use  of  a  multigrid  method  which  is  based  on 
the  work  of  Jameson  [1]  and  Hall  [5].  Solid  wall  boundaries  in  the  cell  centered  scheme 
are  handled  by  implementation  of  the  normal  momentum  relation  119]  .  The  cell  vertex 
scheme  uses  a  flow  tangency  condition  similar  to  [ 5]  .  The  treatment  of  the  farfield 
boundaries  is  based  on  the  concept  of  Riemann  invariants.  For  lifting  cases  the  effect 
of  a  single  vortex  is  added  to  the  freestream  flow. 

3 . 3  Numerical  Results 

The  first  test  case  considered  is  the  internal  flow  over  a  circular  arc  of  10%  thick¬ 
ness.  The  onflow  Mach  number  was  chosen  to  be  0.5  so  that  the  flow  field  remains  subson¬ 
ic.  The  grid  exhibits  a  slope  discontinuity  caused  by  the  attachment  of  the  circular  arc 
to  the  wall  (Fig.  5)  .  The  isobar  patterns  delivered  by  the  cell  centered  scheme  exhibit 
disturbances  caused  by  the  discontinuity  in  the  mesh.  The  results  obtained  with  the  cell 
vertex  discretization  are  given  in  the  same  figure.  In  this  case  the  isobars  have  smooth 
slopes  and  the  flow  field  is  symmetric  with  respect  to  the  inflow  and  outflow  bounda¬ 
ries,  as  it  should  be  for  inviscid  subsonic  flow.  Fig .  6  shows  the  results  for  the  same 
problem  after  a  mesh  refinement.  The  disturbances  in  the  cell  centered  scheme  do  not 
vanish,  due  to  the  zeroth  oraer  errors  in  the  scheme. 

The  second  case  for  comparison  is  the  transonic  flow  past  the  NACA  0012  aerofoil.  An 
0-grid  was  generated  by  conformal  mapping  using  160  by  32  cells  and  all  grid  lines  pos¬ 
sess  smooth  slopes.  Fig.  7  shows  the  results  provided  by  the  application  of  the  differ¬ 
ent  discretization  methods.  Both  schemes  deliver  almost  the  same  results,  as  can  be  seen 
from  the  contour  pressure  distribution  and  the  lift  and  drag  coefficients.  In  order  to 
check  the  order  of  accuracy,  a  mesh  refinement  to  320  by  64  cells  was  performed.  The 
results  are  given  by  dashed  lines  in  the  same  figure.  The  total  pressure  losses  are  al¬ 
most  reduced  by  a  factor  of  four  in  both  schemes,  indicating  that  both  schemes  behave  as 
second  order  accurate  schemes. 

4.  Three-dimensional  flows 


4. 1  Discretization 

For  derivation  of  an  accurate  finite  volume  method  for  the  calculation  of  three-  'men- 
sional  flow  fields  only  cell  vertex  schemes  will  be  discussed.  Compared  to  the  2-u  case 
additional  effort  is  required  in  three  dimensions  when  using  structured  meshes,  '^is  is 
caused  by  two  reasons:  first,  the  faces  of  three-dimensional  cSlls  in  structured  -eshes 
are  not  necessarily  rectangles  but  may  have  a  trapezoidal  or  even  triangular  shape.  Fur¬ 
thermore  the  vertices  of  a  cell  face  may  not  lie  in  a  plane  and  therefore  the  normal 
vector  is  no  longer  constant  on  the  face. 

If  all  cell  faces  are  given  by  triangles,  no  problems  occur  to  meet  the  requirement  of 
equation  (12),  since  on  a  triangle  the  normal  vector  is  always  constant  and  will  not 
cause  any  difficulties  in  the  discretization.  Additionally  simple  averaging  of  the  flow 
quantities  at  the  three  vertices  leads  to  a  numerical  integration  which  is  fourth  order 
accurate.  This  implies  that  such  a  numerical  integration  of  a  function,  which  varies 
linearly  on  the  cell  face,  will  yield  the  exact  value  of  the  integral.  This  property  is 
exploited  by  methods  applied  to  unstructured  meshes  (e.g.  [20]). 

V^hen  treating  quadrilateral  rather  than  triangular  cell  faces  the  numerical  integration 
has  to  be  exact  for  a  bilinear  function  to  meet  the  above  requirements  [21]  .  In  this 
case  the  averaging  of  the  quantities  at  the  four  vertices  only  provides  a  formula  of 
sufficient  accuracy  if  the  cell  face  is  given  by  a  rectangle.  Additionally,  due  to  the 
fact  that  the  normal  vector  may  not  be  a  constant,  it  is  not  possible  to  derive  a  three- 
dimensional  analog  to  equ~'ion  (13).  For  faces  on  which  the  normal  vector  is  not  a  con¬ 
stant  the  integration  has  to  include  the  varying  normal  vector. 

In  order  to  overcome  these  difficulties  the  cell  faces  can  be  .subdivided  into  triangles. 
Performing  this  subdivision  in  an  appropriate  manner  leads  to  a  discretization  scheme 
which  is  first  order  accurate  on  arbitrary  meshes.  Furthermore,  on  cartesian  meshes  the 
discretization  will  be  second  order  accurate  and  therefore  on  smooth  meshes  a  behaviour 
of  second  order  can  be  expected.  The  subdivision  of  cell  faces  into  triangles  leads  to  a 
three-dimensional  cell  vertex  discretization  scheme  with  analogous  properties  to  the 
two-dimensional  scheme.  Of  course  numerical  effort  will  be  increased  when  employing  this 
discretization . 
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The  considerations  above  only  concern  the  approximation  of  the  integral  mean  value  of 
the  rate  of  change  of  the  flow  variables  in  a  cell.  In  order  to  approximate  the  rate  of 
change  at  a  vertex  a  distribution  formula  similar  to  equation  (14)  is  used. 

4.2  Numerical  results 

In  this  section  numerical  results  from  the  application  of  the  cell  vertex  finite  volume 
method  will  be  presented.  The  framework  of  the  solution  method  is  a  direct  extension  of 
the  3-D  DFVLR  cell  centered  Euler  code  (22)  .  In  contrast  to  the  2-D  cell  vertex  code  no 
raultigrid  technique  is  implemented  at  this  time. 

The  first  problem  considered  is  the  subsonic  flow  through  a  noszle.  Fig.  8  illustrates 
the  nozzle  grid.  To  improve  computational  efficiency,  the  symmetry  of  the  configuration 
was  used  and  the  mesh  covered  only  one  fourth  of  the  physical  domain.  The  mesh  has  80 
cells  along  the  axis  and  10x10  cells  in  the  cross-sections.  The  inflow  Mach  number  was 
chosen  as  0.03.  The  computed  results  are  shown  in  Fig.  9  by  displays -'.g  isobars  in  a 
series  of  cross-sections.  Even  on  this  coarse  mesh  the  results  of  ths  cell  vertex  dis¬ 
cretization  scheme  do  not  show  any  irregularities  when  fo)  lowing  t'.^e  flow  through  the 
nozzle.  Iii  order  to  demonstrate  the  higher  accuii-oy  of  the  cell  vertex  scheme,  the  same 
flow  field  was  calculated  using  a  rell  centered  discretization.  It  should  be  mentioned 
that  the  solution  method  remained  the  same  and  the  results  are  given  at  corresponding 
crosG-sections .  At  the  region  where  the  circular  shape  of  the  cross-sections  changes  to 
a  rectangular  one  the  non-smoothness  of  the  grid  causes  disturbances  in  the  flow  field 
obtained  from  the  cell  centered  scheme.  This  can  be  seen  in  Pig.  9. 

The  last  numerical  simulation  was  chosen  to  demonstrate  the  applicability  of  the  cell 
vertex  scheme  to  complex  geometries.  The  flow  field  around  a  powered  nacelle  during 
take-off  conditions  is  computed.  The  grid  structure  is  shown  in  Fig.  10.  As  indicated  in 
this  figure  the  core  jet  is  represented  by  a  solid  body.  As  the  framework  of  the  solu¬ 
tion  method  allows  the  use  of  a  multi-block  technique,  the  computational  domain  is  de- 
vided  into  three  blocks.  From  Fig.  10  it  can  be  seen  that  the  grid  exhibits  two  types  of 
singularities:  first  there  is  a  polar  singular  line  at  the  symmetry  axis.  Secondly,  at 
the  leading  and  trailing  edge  the  quasi-streamline  grid  diverges  to  form  the  upper  and 
lower  sides  of  the  nacelle.  Fig.  11  gives  a  view  of  the  grid  around  the  nacelle  gener¬ 
ated  by  an  elliptic  system  [^3j.  Fig.  12  displays  an  enlarged  view  of  the  mesh  r.jar  the 
leading  edge  region  of  the  nacelle.  Note  that  the  grid  lines  have  a  discontinuity  in 
slope  at  the  block  boundaries. 

In  order  to  simulate  take  off  conditions,  results  were  computed  at  an  angle  of  attack  of 
18*  and  a  freestream  Mach  number  of  0.25.  No  attempt  was  made  to  simulate  a  bending  of 
the  core  jet  due  to  the  angle  of  attack.  Fig.  13  shows  the  calculated  distribution  of 
lines  of  constant  Mach  number.  As  can  be  seen  from  the  figure  no  discontinuities  of  the 
lines  crossing  the  block  boundaries  or  the  singular  line  at  the  axis  are  present.  Even 
the  strong  discontinuity  in  the  slope  of  the  grid  lines  at  the  block  boundaries  at  the 
leading  edge  does  not  cause  disturbances.  Fig .  14  illustrates  this  favorable  behaviour 
in  an  enlarged  view  of  the  flow  field  at  the  grid  singularities. 

It  is  worth  mentioning  that  no  transformation  to  cylindrical  coordinates  was  necessary 
to  establish  an  accurate  solution  for  this  flow  problem. 

5 .  Concluding  remarks 

In  this  paper  the  accuracy  of  two-  and  three-dimensional  finite  volume  methods  has  been 
assessed  mathematically.  A  ignificant  result  of  this  error  analysis  is  that  on  arbitra¬ 
ry  meshes  an  accuracy  of  least  first  order  is  not  always  assured  for  the  spt*l.iai 
discretization.  It  is  s>.  chat  for  two-dimensional  flow  problems,  methods  based  on  a 
cell  vertex  scheme  establish  first  order  accuracy  independent  of  the  smoothness  of  the 
grid,  whereas  methods  based  on  a  cell  centered  scheme  do  not.  These  theoretical  state¬ 
ments  are  confirmed  by  numerical  results  obtained  for  different  flow  problems  on  smooth 
and  non-smooth  meshes. 

In  the  case  of  three-dimensional  flow  analysis  on  structured  meshes  even  cell  vertex 
schemes  need  additional  effort  in  order  to  establish  an  accurate  solution  method-  This 
is  caused  by  the  occurrence  of  irregular  cells  such  as  pentahedrons  or  tetrahedrons. 
Furthermore  the  cell  faces  may  be  nonplanar  and  the  normal  vector  to  a  face  is  no  longer 
constant.  Subdivision  of  the  cell  faces  into  triangles  establishes  first  order  accuracy 
on  arbitrary  meshes.  For  cartesian  coordinate  grids  the  discretization  is  second  order 
accurate  and  therefore  on  smooth  meshes  a  behaviour  of  second  order  accuracy  can  be 
expected. 

The  higher  accuracy  of  the  cell  vertex  scheme  is  shown  by  comparing  the  calculations  of 
the  flow  field  in  a  nozzle  with  both  a  cell  centered  and  a  cell  vertex  scheme.  In  order 
to  demonstrate  the  applicability  of  the  cell  vertex  schene  to  complex  geometries,  the 
flow  around  a  powered  nacelle  is  calculated.  The  grid  used  in  the  computations  has  vari¬ 
ous  singular  lines  and  no  deviation  of  the  results  near  those  lines  was  observed. 
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Fig.  8:  Coordinate  grid  for  nozzle 
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SUMMARY 

In  recent  years  a  large  number  of  separated  flows  have  been  studied  at  Institute  fur  Strb¬ 
mungsmechanik  of  TU  Braunschweig  and  a  lot  of  experimental  data  are  available.  Some  flows  are 
well  understood  In  many,  details  and  properly  documented,  so  that  they  can  be  used  as  test  cases 
for  computational  fluid  dynamics  validation.  The  topics  of  separated  flows  to  be  treated  here 
are  low  speed  flows  around  delta  wings,  double-delta  wings  and  canard  configurations  as  well  as 
hypersonic  flows  in  axial  corners  of  Intersecting  wedges.  The  experimental  results  are 
summarized  in  this  paper.  The  main  results  are  presented  and  a  detailed  documentation  is  provi¬ 
ded  on  where  and  in  which  form  these  results  are  available. 


LIST  OF  symbols 

2 

A  Aspect  ratio  (A  =  b  /s) 

M  Machnumber 

Ng^  Geometric  neutral  point 

Re  Reynoldsnumber  (Re  =  V^‘C^y/v  for  wings) 

R^,  Reattachment  points  (Fig.  25) 

S  Area 

S^,  Separation  points  (Fig.  25) 

Tr  Triple  point  (Figs,  25) 

Free-stream  velocity 

Y,  2  Conical  coordinates  in  the  measuring 

plane  (Fig.  24),  origin  at  x-axis 
(Y  =  y/x,  Z  =  z/x) 

Conical  coordinates  in  the  measuring 
plane  (Fig,  24),  origin  at  the  corner 
b  Wing  span  (b  »  2s) 

c  Chord 

c  Mean  aerodynamic  chord 

'“L’^D’^M  pitching-moment- 

coefficient  (based  on  q^,  Sy,Cy. 
reference  pcint  N^^,  nose-up  positive) 

Cg  Total  pressure  coefficient  (Cg={g-p„)/q^) 

Cp  Static  pressure  coefficient  (Cp=(p-p^)/q_^) 

c^  Dynamic  pressure  coefficient  (Cq=q/q^) 

d  Wing  thickness 

g  Total  pressure 

1  Model  length 

p  Static  pressure 

q  Dynamic  pressure 

q  Local  heat  transfer  rate  at  the  wall 

s  Wing  half  span 

s^(x)  Local  half  span 

V  Local  velocity 

x,y,z  Rectangular  wing-fixed  coordinates 

origin  at  wing  apex  (Figs.  2,13,21,24) 
x,y,z  Rectangular  aerodynamic  coordinates, 

origin  at  wing  trai 1 ing-edge 


o  Angle  of  attack 

0  Angle  of  sideslip 

Y  Body  half  angle  (Fig.  12) 

j  Medge  angle  normal  to  the  leading-edge 

€  Kink  angle  (Fig. 12) 

0  Corner  angle  (Fig.  24) 

X  Taper  ratio  (x*c^/cj 

a  1 

V  Kinematic  viscosity 

♦  Leading-edge  sweep  (Figs.  13,24) 

4*  Angle  between  the  shear  stress 

direction  (local  flow  direction)  at  the 
wdi)  and  the  conical  direction, 
positive  towards  the  corner  center 

(Fig. 

C,  n»  c  Dimensionless  wing-fixed  coordinates 
({  =  */c^,  n  '  y/Sj,  ;  =  2/Sj) 

C,  n,  c  Dimensionless  aerodynamic  coordinates 
il  =  x/s,  n  =  y/s,  c  *  z/s) 

Subscripts 

C  inard 

K  K  .nk 

W  1  (Figs.  19-23) 

W  State  at  a  swept  wedge  (Figs.  24,25) 

W,u  State  at  an  unswept  wedge  (Figs.  24,25) 

a  Outer  section  (y  =  s) 

d  Maximum  thickness 

i  Inner  section  (y  *  0) 

1  Based  on  model  length 

t  Total  condition  (gas  brought  to  rest 

isentropically) 
n,c  In  the  n,c-plane 

1,2  Front,  rear  part  (Fig. 13) 

2  State  behind  a  normal  shock  (Figs. 25, 26) 

-  Free-stream  conditions 


^  Partly  supported  under  contracts  DFG  Schl  5/82,  Hu  254/2,  Hu  254/7,  Hu  254/8  and  BMVg  T/Rr41/90010/91454,  TR/RF41/00011/01411 . 
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1.  INTRODUCTION 

For  computational  fluid  aynamics  comparlslor.s  with  experimental  data  are  essential.  In  the  very  be* 
ginning  of  numerical  calculations  the  strategy  and  the  grid  type  have  to  be  adapted  to  the  physical  cha¬ 
racteristics  of  the  flowfield.  In  the  course  of  the  calculations  various  errors  may  be  caused  e.  g.  by 
neglecting  terms  in  the  governing  equations,  by  finite  mesh  spacing,  by  the  applied  difference  scneme  or 
finite  volume  formulstiorit  by  artificia)  viscosity  and  by  the  application  of  numerical  boundary  condi¬ 
tions.  Therefore  results  of  computational  fluid  dynamics  have  to  be  checked  by  comparison  with  experi¬ 
mental  data.  For  this  purpose  experimental  investigations  have  to  be  provided  which  are  well  understood 
and  properly  documented.  In  tne  last  years  some  international  programs  have  been  Initiated  to  collect 
experimental  data  on  various  topics  for  validation  of  computational  fluid  dynamics.  Beside  this 
cooperative  work  In  some  places  single  flows  or  some  series  of  flows  have  been  investigated 
experimentally  and  the  data  obtained  can  similarly  be  used  as  test  cases  for  results  of  computational 
fluid  dynamics.  Since  a  long  time  at  the  Institut  fur  Stromungsmechanik  of  Technische  Universitat 
Brauschweig  separated  flows  have  been  studied  in  detail,  and  a  lot  of  experimental  data  are  available  for 
validation  of  computational  fluid  dynamics.  It  is  the  purpose  of  this  paper  to  summarize  these 
experimental  investigations,  to  present  the  main  results  and  to  provide  a  detailed  documentation  on  where 
and  in  which  form  these  results  are  available. 


2.  INVESTIGATIONS  ON  DELTA  WINGS  AT  LOW  SPEED 
2.1  General  properties  of  the  flew 

At  moderate  and  large  angles  of  attack  the  flow  separates  from  the  sharp  leading-edges  of  slender 
wings.  These  flow  separations  usually  take  the  form  of  two  free  vortex  layers  joined  to  the  leading-edges 
of  the  wing  and  rolling  up  to  form  spiral  shaped  printory  vortices  above  the  upper  surface  of  the  wing  as 
sketched  in  Fig.  1.  The  vortices  over  the  wing  induce  additional  velocities  at  the  upper  surface  of  the 
wing.  The  corresponding  pressure  distribution  which  is  also  drawn  in  Fig.  1  shows  distinctly  marked 
minima  beneath  the  vortex  axes.  Accordingly  an  additional  lift  force  occurs  which  depends  non-linearly  on 
the  angle  of  attack.  Due  to  tne  leading-edge  vortices  the  flow  at  the  wing  surface  is  directed  outwards. 
The  steep  pressure  gradient  between  the  minimum  of  pressure  and  the  leading-edge  causes  again  flow 
separation  which  usually  takes  the  form  of  a  small  secondary  vortex.  At  the  upper  surface  of  the  wing 
this  secondary  vortex  induces  additional  velocities-  The  corresponding  modification  of  the  pressure 
distribution  is  Indicated  in  Fig.  lb  by  hatching-  At  very  large  angles  of  attack  the  lift  coefficient 
reaches  a  maximum  value  similar  to  that  in  the  attacned  flow  case,  but  the  reasons  for  this  behaviour  are 
quite  different:  Firstly  the  suction  is  reduced  due  to  the  vertical  displacement  of  the  vortices  in  the 
rear  part  of  the  wing.  Secondly  the  primary  vortices  experience  a  sudden  change  of  their  structure  which 
is  called  vortex  bursting  or  even  vortex  breakdown,  which  causes  an  additional  strong  reduction  of  the 
suction  on  the  uppei  surface  of  the  wing. 

This  vortex  formation  is  well  known  since  a  long  time.  The  first  experiments  on  slender  wings  are 
due  to  H.  Winter  [1].  The  physics  of  the  vortex  formation  have  been  studied  mainly  on  delta  wings.  There 
exists  a  very  large  number  of  papers  on  this  subject,  for  instance  by  O.J.  Marsden,  R.W.  Simpson, 
W.J.  Rainbird  [2],  N.C,  Lambourne,  O.W.  Bryer  C3],  O.H.  Peckham  [4},  P.B.  Earnshaw,  J.A.  Lawford  [5,6] 
and  D.  Hummel  [7.8],  and  the  flow  over  delta  wings  is  also  covered  by  review  papers  which  have  been 
published  from  time  to  time  for  instance  by  D.  KUchemann  [9],  J.H.B.  Smith  [10]  and  D.J.  Peake  [11]. 


2.2  Survey  of  the  experimental  program  at  TU  Braunschweig 

Comprehensive  experimental  investigations  on  delta  wings  have  been  carried  out  at  the  Institut  fur 
Stromungsmechanik  of  Technische  UniversHat  Braunschweig.  The  first  papers  were  aimed  at  a  certain 
understanding  of  vortex  breakdown  and  its  effects  on  slender  wings.  In  an  early  work  D.  Hurmel  [12] 
investigated  the  flowfield  of  a  leading-edge  vortex  with  vortex  breakdown  by  means  of  probe 
measurements.  Since  the  pressure  gradient  produced  by  the  probe  has  an  influence  on  the  phenomenon  under 
consideration,  such  experiments  are  very  doubtful.  Therefore,  vortex  breakdown  has  been  generated  over 
the  wing  by  a  very  strong  artificial  pressure  gradient  so  that  the  additional  pressure  gradient  due  to 
the  probe  was  relatively  small.  The  data  presented  in  [12]  are  the  only  flow  field  measurements  by  a 
probe  which  have  been  carried  out  in  a  vortex  with  vortex  breakdown.  They  will  be  hopefully  replaced  in 
near  future  by  results  of  Laser-Doppler-Anemometry.  In  the  papers  by  D.  Hummel  [12],  D.  Hummel, 
P.S.  Srinivasan  [13]  and  0.  Hummel,  G.  Redeker  [14],  a  series  of  sharp-edged  delta  wings  has  been 
investigated  by  means  of  three-  and  six-component  measurements  in  order  to  investigate  the  effect  of 
vortex  breakdown  on  the  overall  characteristics  of  slender  wings.  An  A  =  1.0  delta  wing  of  this  series 
has  been  equipped  with  a  pressure  hole  system  in  its  surface  in  order  to  get  more  insight  into  details  of 
the  flow.  Using  this  model,  the  effects  of  vortex  breakdown  on  the  flow  at  the  upper  surface  have  been 
Investigated  by  means  of  pressure  distribution  measurements  and  oilflow  patterns  by  D.  Hummel  [15j.  In 
addition  the  flow  situation  which  leads  to  the  maximum  lift  coefficient  nas  been  analysed  by  D.  Hummel 
[16]  applying  pressure  distribution  measurements  and  three-component  measurements  without  and  with 
suction  in  the  vortices  in  order  to  remove  vortex  breakdown.  By  this  method  the  two  effects  which  lead  to 
the  maximum  lift  coefficient  were  separated  and  the  explanation  given  in  Fig.  Ic  could  be  established. 

Further  investigations  on  the  A  =  1,0  delta  wing  have  been  carried  out  in  the  angle  of  attack  regime 
In  which  no  vortex  breakdown  is  present.  A  lot  of  measurements  have  been  performed  at  an  angle  of  attack 
a  *  20.5°,  since  some  theoretical  results  from  J.h.b.  Smith  [17]  for  this  special  angle  of  attack  were 
available  at  that  time.  Investigations  by  D.  hunmel  [15],  [16]  showed  the  effects  of  Reynoldsnumber:  The 
overall  forces  ana  moments  are  independent  of  Reynoldsnumber,  but  the  pressure  distribution  and  the  flow 
at  the  upper  surface  depend  significantly  on  Reynoldsnumber.  Pressure  distribution  and  boundary  layer 
measurements  have  been  carried  out  for  laminar  boundary  layers  on  the  upper  and  lower  surface  of  the 
wing.  From  these  measurements  first  of  all  the  bound  vortex  lines  in  the  lifting  surface  have  been 
determined  by  0.  Hummel  Cl6]j  see  also  0.  Kuchemann  [18].  Later  the  boundary  layer  measurements  have  been 
published  by  D.  Hummel  [19]  at  a  teparate  test  case  for  boundary  layers  on  delta  winga.  Similar 


Investigations  have  been  carried  out  by  D.  Hurmel*  G.  Redeker  [2!0]  using  artificially  turbulent  boundary 
layers.  The  slope  of  the  bound  vortex  lines  In  the  vicinity  of  the  trai 1 ing-edge  of  the  wing  Indicated 
the  occurrence  of  counter-rotating  vorticity  downstream  of  the  wing  trailing-edge  as  described 
qualitatively  by  B.J.  Elle»  J.P.  Jones  t21D  and  0.  Hummel^  G.  Redeker  [201.  Therefore  the  flowfield 
behind  the  trailing-edge  of  the  delta  wing  A  *  1.0  has  been  easured  at  a  20.5*’  in  different  planes  by 
D.  Huinnel  [7],  [83.  Since  these  experiments  the  flow  over  a  sharp-edged  delta  wing  in  the  angle  of  attack 
range  without  vortex  breakdown  may  be  regarded  as  fully  understood  even  in  details. 

2.3  Results  for  the  delta  wing  A  «  1.0 

The  different  kinds  of  measurements  which  have  been  carried  out  on  the  A  »  1.0  de’ta  wing  are  put 
together  in  Tab.  1.  They  can  be  used  for  comparisons  with  computational  fluid  dynamics  and  subsequently 
some  guidelines  are  given  for  the  use  of  this  material. 

2.3.1  Windtunnei  model  C7],  CIS],  C193 


The  measurements  have  been  carried  out  on  a  sharp-edged  delta  wing  of  aspect  ratio  A  »  1.0  the 
geometry  of  which  is  shown  in  Fig.  2.  The  wing  has  a  flat  surface  and  a  narrow  triangular  cross-section 
up  to  x/c.  *  0.9  and  a  trapezoidal  cross-section  in  the  region  0.9  <  x/c,  <  1.0.  The  model  is  conical 
with  respext  to  the  wing  apex  as  well  as  with  respect  to  the  wing  tips.  The  Maximum  relative  thickness  is 
d/c.  *  0.021  at  x/c.  =  0.9.  On  both  sides  of  the  model  pressure  tubes  are  embedded  in  the  surface  and  the 
holis  for  the  pressure  measurements  are  drilled  on  lines  x  =  const,  (sections  a  to  g  In  Fig.  2).  The 
dimensions  of  the  model  are  length  c.  =  750  mm,  span  b  =  375  mm,  thickness  d  =  16  mm.  The  geometric 
neutral  point  N2C  is  situated  at  *  0.5. 

The  tests  have  been  performed  iiT^the  1,3  m  Low-speed  Windtunnei  of  Institut  fiir  Strbmungsmecnanik  at 
Technische  Universtitat  Braunschweig.  This  windtunnei  has  an  open  working  section  with  a  circular  cross 
section  of  1.3  m  diameter.  The  angle  of  attack  a  has  been  chosen  as  the  angle  between  the  free-stream  and 
the  flat  surface  (plane  z  =  0)  of  the  model  and  positive  for  a  free-stream  flow  from  the  lower  surface, 
see  Fig.  2. 


2.3.2  Forces  and  moments  C7],  [131*  [193 


The  results  of  the  three-component  measurements  are  shown  in  Fig.  3.  At  very  large  angles  of  attack 
vortex  breakdown  occurs  in  the  vortices.  The  movement  of  the  breakdown  point  as  function  of  the  angle  of 
attack  may  be  taken  from  [13].  The  trailing-edge  of  the  wing  is  reached  at  o  =  29®  and  for  larger  angles 
of  attack  the  aerodynamic  characteristics  are  strongly  influenced  Iw  vortex  breakdown. 

The  results  plotted  in  Fig.  3  have  been  obtained  for  Re  *  2.10'^.  Similar  tests  have  been  carried  out 
for  6.10^  s  Re  s  2,10”  and  no  influence  of  Reynoldsnomber  has  been  found.  Therefore  these  results  can  be 
used  for  all  Reynoldsnumbers  in  this  region.  This  does  not  mean  that  there  are  no  Reynoldsnumber  effects 
in  details,  but  if  one  is  interested  only  in  forces  and  moments  on  a  slender  sharp-edged  wing  the  Rey- 
noldsnumber  is  not  an  important  parameter.  . 


2.3.3  Surface  oilflow  patterns  on  the  wing  [73,  C163,  [193,  [203 

Detailed  investigations  have  been  carried  out  for  the  angle  of  attack  o  »  20.5®  since  for  this  special 
value  theroretical  results  from  J.H.B.  Smith  C173  were  available.  c 

A  first  set  of  data  has  been  collected  for  a  Reynoldsnumber  Re  *  9  •  10”.  In  this  case  the  boundary 

layers  at  the  pressure  side  as  well  as  in  the  unseparated  parts  of  the  suction  side  of  the  wing  were 

laminar  [73,  [16],  [193.  The  surface  oilflow  pattern  from  the  flat  surface  of  the  wing  at  a  “  -  20.5®  is 
given  in  Fig.  4d.  It  shows  a  typical  pressure  side  flow  without  any  flow  separations.  The  corresponding 
pattern  for  a  *  +  20.5  given  in  Fig.  4b  is  a  typical  suction  side  flow  with  laminar  boundary  layers.  In 
this  case  an  early  secondary  separation  takes  place  at  n  =  =  0.68  and  ’n  the  region  of  the  secondary 
vortex  detailed  flow  studies  [163  led  to  the  understanding  that  tertiary  separations  underneath  the 
secondary  vortex  are  present. 

A  second  set  of  data  has  been  collected  for  turbulent  boundary  layers  on  the  upper  surface  the 
wing.  For  this  purpose  the  flow  was  investigated  again  at  a  Reynoldsnumber  of  Re  =  9  •  10”,  but 
artificially  turbulent  boundary  layers  have  been  generated  by  means  of  turbulence  generators  as  shown  in 
Fig.  5.  For  this  purpose  wires,  having  a  relative  diameter  of  0/s  =  0.0053,  were  fixed  to  the  wing 

surface  at  n  *  ±  0.5.  It  turned  out  that  the  turbulent  boundary  layer  stays  longer  attached  C203.  In  this 

case  the  secondary  separation  takes  place  at  n  =  1  0.8.  Only  a  weak  secondary  vortex  is  formed  and  no 
tertiary  separations  are  present. 

2.3.4  Pressure  distributions  on  the  wing  C73,  [163,  Cl93,  C203 

The  pressure  distribution  on  the  flat  pressure  side  of  the  wing  at  a  =  -20.5®  is  shown  in  Fig.  6 
C193.  This  is  a  typical  lower  surface  pressure  distribution  with  a  high  pressure  level  In  the  central 
parts  of  the  wing  and  accelerated  flow  towards  the  leading-edges.  In  this  case  no  flow  separations  are 
present.  On  rays  n  =  const,  the  pressure  coefficients  change  in  longitudinal  direction;  therefore  the 
flow  Is  non-conical.  The  pressure  distribution  on  the  flat  suction  side  of  the  wing  at  o  *  +20.5®  Is 
shown  in  Fig.  7  [193.  This  Is  a  typical  upper  surface  pressure  distribution  for  a  laminar  boundary  layer. 
The  early  secondary  separation  at  n  *  i  0,68  leads  to  a  strong  secondary  vortex  which  produces  high 
suction  at  n  *  t  0.90.  The  displacement  effect  of  the  large  secondary  vortex  moves  the  axis  of  the 
primary  vortex  upwards  and  more  inboard  as  compared  to  Inviscid  flow  C203.  Therefore  the  suction  peaks 
generated  by  the  primary  vortex  are  relatively  low  and  located  inboard  at  n  *  ±  0.62.  The  flow  is  again 
non-conical.  According  to  detailed  flow  studies  tl63  tlw  additional  suction  peaks  at  n  «  0,73  are  due  to 
a  tertiary  vortex  underneath  the  secondary  vortex. 

The  pressure  distribution  on  the  flat  suction  side  of  the  wing  at  a  ■  +  20.5®  and  turbulent  boundary 
layers  is  shown  in  Fig.  8.  The  secondary  separation  at  n  ■  ±  0.80  leads  to  a  small  secondary  vortex  which 
produces  only  weak  suction  close  to  the  wing  leading-edge.  Correspondingly  its  displacement  effect  on  the 
primary  vortex  Is  small.  Therefore  the  suction  peaks  due  to  the  primary  vortex  are  very  high  and  they  are 
located  outward  at  n  *  t  0.68. 

Concerning  comparisons  between  experimental  data  and  theoretical  results  the  following  conclusions 
can  be  drawn:  For  comparisons  with  inviscid  flow  theories  such  as  potential  flow  and  Euler  solutions 


experiments  with  turbulent  boundary  layers  should  be  used.  Only  In  this  case  reasonable  agreement  can  be 
expected*  but  in  addition  one  has  to  bear  in  mind  that  a  difference  between  theory  and  experiment  has  to 
remanin  due  to  the  neglection  of  viscosity  in  the  theory.  On  the  other  hand  the  pressure  distribution  for 
laminar  boundary  layers  can  properly  be  used  to  check  viscous  flow  calculations  such  as  boundary  layer 
methods  as  well  as  solutions  of  the  Navier-Stokes  equations. 


2.3.5  Boundary  layer  measurements  [19]. 

Three-dimensional  laminar  boundary  layers  on  the  flat  surface  of  the  delta  wing  A  *  1.0  have  been 
measured  at  a  *  ±  <^0.5®.  The  corresponding  pressure  distributions  are  shown  in  Figs.  6  and  7.  From  these 
experiments  the  velocities  at  the  outer  edge  of  the  boundary  layer  were  used  to  determine  the  bound 
vortex  lines  in  the  lifting  surface  which  have  been  published  in  [7],  [16],  [18].  The  detailed  boundary 
layer  measurements  [19]  have  been  carried  out  for  the  three-dimensional  flow  at  all  stations  x,y  accor¬ 
ding  to  Fig.  2  in  which  the  static  pressure  at  the  wing  surface  had  been  determined.  For  all  these 
stations  the  distributions  of  magnitude  and  direction  of  the  local  velocity  vector  have  been  measured  and 
the  limiting  value  of  the  local  flow  direction  at  the  wing  surface  has  been  determined  form  a  quantita¬ 
tive  evaluation  or  the  oil  flow  pattern  according  to  Fig.  4.  The  paper  [19]  contains  the  experimental  data 
for  two  three-dimensional  laminar  boundary  layer  flows  namely  a  typical  pressure  side  flow  at  a  =  -  20.5® 
without  any  flow  separation  and  a  typical  suction  side  flow  at  a  =  +  20.5®  with  secondary  separations  at 
n  =  ±  0.68.  For  both  boundary  layers  some  velocity  distributions  have  been  presented  in  [19],  which  are 
not  repeated  here.  These  boundary  layer  measurements  are  well  suited  as  test  cases  to  check  methods  for 
the  calculation  of  three-dimensional  laminar  boundary  layers  as  well  as  solutions  of  the  Navier  Stokes 
equations. 

Similar  experiments  have  also  been  carried  out  for  the  case  of  artificially  turbulent  boundary 
layers  [20j.  From  these  measurements  the  bound  vortex  lines  could  be  determined  using  the  velocity 
vectors  at  the  outer  edge  of  the  boundary  layer.  Unfortunately  only  a  small  part  of  the  velocity  profiles 
is  covered  by  the  experimental  data  and  therefore  these  experiments  do  not  provide  a  similar  test  case 
for  turbulent  boundary  layers. 

2.3.6  Flowfield  measurements  [7] 

The  investigations  of  the  flowfield,  behind  the  A  »  1.0  delta  wing  at  q  *  20.5®  have  been  carried 
out  at  a  Reynoldsnumber  of  Re  =  2.0  ,  10®.  In  this  case  the  lower  surface  boundary  layer  was  laminar  up 
to  the  flat  ridge  near  the  trai I ing-edge  of  the  wing.  At  the  upper  surface  natural  transition 
laminar/turbulent  took  place  at  ^  »  0.43  and  in  the  rear  part  of  the  wing  a  turbulent  boundary  layer  was 
present.  The  flow  was  attached  in  the  inner  region  and  secondary  separation  occurred  at  n  *  t  which 
led  to  a  small  secondary  vortex. 

From  the  flowfield  measurements  by  means  of  a  5-holes-probe  [7]  the  total  pressure  contours  are  shown 
in  Fig.  9  and  the  local  velocity  vectors  in  Fig.  10  for  four  different  planes  behind  the  wing.  Downstream 
of  the  trai 1 ing-edge  the  vortex  sheet  is  distinctly  warped  and  a  concentrated  trailing  vortex  is  formed 
the  rotation  of  which  Is  opposite  to  that  of  the  corresponding  leading-edge  vortex.  According  to 
inductions  from  the  primary  vortex  the  counter-rotating  trailing  vortex  moves  outwards  and  upwards  and 
its  center  follows  a  helical  path  around  the  leading-edge  vortex.  The  existence  of  the  trailing  vortex  is 
due  to  the  distribution  of  vorticity  in  the  lifting  surface.  This  effect  is  also  present  in  inviscid 
flow.  Therefore  the  experimental  results  [7]  on  the  flowfield  in  the  vicinity  of  the  trai 1 ing-edge  of  a 
delta  wing  are  a  widely  used  test  case  for  all  kinds  of  theoretical  representations  of  the  delta  wing 
flow  such  as  potential  flow,  Euler  and  Navier-Stokes  solutions. 


2.4  Results  for  other  delta  wings  [12],  [13],  [14] 

The  delta  wing  A  *  1.0  discussed  so  far  is  part  of  a  series  of  delta  wings  which  has  been 
investigated  at  Institut  fiir  Strdmungsmechanik  of  TU  Braunschweig.  The  other  wings  of  this  series  had 
aspect  ratios  A  =  1.6  and  A  =  2.3,  the  cross-section  shapes  were  the  same  as  shown  in  Fig.  2  for  the 
A  =  1.0  delta  wing.  The  results  of  the  three-component  measurements  as  well  as  the  vortex  breakdown  posi¬ 
tions  as  functions  of  the  angle  of  attack  may  be  taken  from  D.  Hummel,  P.S,  Srin-’vasan  [13].  The  results 
of  six-component  measurements  as  well  as  the  locations  of  vortex  breakdown  for  various  combinations  of 
the  angle  of  attack  a  and  the  angle  of  sideslip  g  have  been  published  by  D.  Hummel  [12]  and  D.  Hummel,  G. 
Redeker  [14].  Pressure  distribution  measurements  and  surface  oilflow  patterns  in  unsymmetrical  flow 
(g  f  0)  have  been  carried  out  only  for  the  A  =  l.O  delta  wing  of  the  series.  Some  results  are  available 
from  D.  Hummel  [12],  [15]. 

2.5  Vortex  breakdown  flowfield  [12] 

The  structure  of  a  vortex  with  vortex  breakdown  has  been  studied  by  D.  hummel  [12]  by  means  of  probe 
measurements.  These  investigations  have  been  carried  out  over  an  A  =  0.78  cropped  delta  wing  with  a  taper 
ratio  A  *  0.125.  At  an  angle  of  attack  a  =  31®  vortex  breakdown  has  been  generated  over  the  wing  by  an 
artificial  pressure  gradient  produced  by  a  large  obstacle  downstream  of  the  wing,  and  the  additional 
pressure  gradient  generated  by  the  probe  itself  could  be  regarded  as  small.  A  typical  result  of  these 
measurements  Is  shown  in  Fig.  11.  The  velocity  destribution  is  given  for  different  planes  perpendicular 
to  the  free-stream.  Upstream  of  the  breakdown  point  the  velocity  Increases  very  much  towards  the  vortex 
axis  whereas  downstream  of  the  breakdown  point  a  large  region  of  the  retarded  flow  Is  present  in  the 
vortex  center. 

Modern  methods  of  computational  fluid  dynamics  such  as  solutions  of  the  Euler  and  the  Navier-Stokes 
equations  could  be  applied  to  delta  wing  flows  with  vortex  breakdown  over  the  wing.  In  this  case  velocity 
distributions  as  shown  In  Fig.  11  should  turn  out.  Although  artificial  conditions  led  to  the  experimental 
results,  the  data  can  nevertheless  be  used  for  comparison  by  a  proper  adaptation.  For  this  purpose  the 
calculations  should  be  carried  out  for  an  angle  of  attack  ^  >  31®,  at  which  vortex  breakdown  takes  place 
at  5  *  0.46  as  In  the  experiments.  In  this  condition  the  velocity  distributions  in  the  vicinity  of  the 
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vortex  breakdown  point  should  be  comparable.  It  would  be  very  much  interesting  to  see  whether  methods  of 
computational  fluid  dynamics,  which  are  able  to  calculate  a  itjaximum  lift  coefficient  for  a  delta 

wing,  lead  to  reasonable  results  for  the  velocity  distributions  in  the  vortex  flow.i^a  with  vortex 
breakdown  over  the  wing. 


2.6  Test  cases 

In  conclusion  the  experimental  data  for  delta  wings  contain  the  following  test  cases  for  comparison 
with  results  of  computational  fluid  dynamics: 

Test  case  1:  Delta  wing  A  =  l.Q,  flowfield  at  =  20.5° 

Aval lable  data:  Model  geometry 

Aerodynamic  coefficients 
Pressure  distribution 
Surface  oilflow  patterns 
Bound  vortex  lines 
Flowfield  behind  trailing*edge 
Reference  D.  Hummel  [7] 


Test  case  2:  Delta  wing  A  =  1.0,  laminar  boundary  layers  at  o  ^  -  20.5°  (pressure  and  suction  side) 
Available  data:  Model  geometry 

Aerodynamic  coefficients 
Pressure  distribution 
Surface  oilflow  patterns 
Three-dimensional  velocity  profiles 
Reference  :  0.  Hummel  Cl9T 


Test  case  3:  Delta  wing  A  =  0.78,  velocity  distribution  in  a  vortex  with  vortex  breakdown 
AtTaila^e  data:  Model  geometry 

Total  pressure  contours  and  dynamic  pressure  contours  in  four  planes 
Static  pressure  along  vortex  axis 
Velocity  profiles 
Reference  :  0.  Hummel  Cl2T 


3.  INVESTIGATIONS  ON  DOUBLE-DELTA  WINGS  AT  LOW  SPEED 

3.1  General  properties  of  the  flow 

For  modern  fighter  aircraft  wings  with  kinked  leading-edges  such  as  double-delta  wings  or 
strake-wings  are  mainly  used.  Basic  experiments  on  this  kind  of  wings  are  due  to  W.H.  Wentz,  M.C.  McMahon 
C23],  C24],  W.  Staudacher  C25],  J.E.  Lamar,  O.M,  Luckring  C263,  M.J.  Liu  “t  al.  C273,  U.  Brennenstuhl  und 
0.  Hunmel  C283,  t293,  C303,  C3l3,  [343,  C373,  H.W.M.  Hoeijmakers,  W.  Vaatstra,  N.G.  Verhaagen  C323, 
N.G.  Verhaagen  C333  as  well  as  M.  Beukenberg  and  0.  Humnel  [3S3,  [363.  At  low  angles  of  attack  two 
primary  vortices  are  shed  on  each  side  of  the  wing,  originating  from  the  wing  apex  and  from  the 
leading-edge  kink.  For  large  k1nk  angles  this  kind  of  vortex  system  Is  present  up  to  high  angles  of 
attack  until  the  vortices  are  destroyed  by  vortex  breakdown.  For  small  and  moderate  kink  angles  In  the 
leading-edge  the  two  vortex  systems  merge  into  one  system  with  increasing  angle  of  attack.  This  process 
is  a  fundamental  feature  of  the  flow  over  wings  with  kinked  leading-edges.  At  very  high  angles  of  attack 
vortex  breakdown  occurs  in  the  joined  vortices  too,  which  leads  to  the  wellknown  limitations  of  the 
aerodynamic  coefficients. 

3.2  Survey  of  the  experimental  program  at  TU  Braunschweig 

A  large  number  of  experimental  investigations  on  double-delta  wings  have  been  carried  out  at  the 
Institut  fur  Strbmungsmechanik  of  Technische  Universitat  Braunschweig.  In  these  tests  a  series  of  wings 
according  to  Fig.  12  was  used.  The  wings  I  to  VIII  form  a  subseries  having  the  same  front  part  with  a 
semi  apex  angle  T  =  10°  and  the  same  kink  position  at  x^/c.  =  0.5,  whereas  the  kink  angle  e  is  varied 
from  -15°  (wing  I)  to  40°  (wing  VIII).  Another  subseries  vs  formed  by  the  wings  VI,  IX  and  X  for  which 
the  wing  span  is  kept  constant  and  the  kink  position  X|./c.  is  altered  between  Xj./c.  =  0.5  (wing  VI)  and 
x^/c.  =  0  (delta  wing  X).  All  wings  were  manufactured  as  thin  flat  plates  having  a  Ihickness/chord  ratio 
or  d/c^  =  0.006. 

For  all  these  wings  three-component  measuretnents  have  been  carried  out  and  the  positions  of  vortex 
breakdown  were  determined.  The  results  of  these  Investigations  have  been  published  In  [283,  [293,  [303, 
[313,  C343.  Details  of  the  flow  have  been  derived  from  surface  oilflow  patterns  and  from  pressure 
distribution  measurements  which  have  been  carried  out  for  the  subseries  of  wings  VI,  IX  and  X  in  [283  , 
[34]  and  the  subseries  of  wings  IV  to  VIII  in  [293,  [343.  in  the  course  of  these  investigations  the 
merging  process  of  the  vortices  and  Its  relation  to  the  wing  geometry  has  been  studied.  It  turned  out, 
that  within  the  wing  series  according  to  Fig.  12  the  wing  VI,  having  an  aspect  ratio  of  2.05,  showed  the 
corresponding  flow  phenomena  quite  clearly  and  therefore  this  planform  was  chosen  for  further  studies  of 
the  merging  process  of  the  two  vortex  systems.  Some  preliminary  flowfield  measurements  have  been 
performed  using  a  5  mm  probe  [283.  Intensive  flowfield  studies  have  been  carried  out  by  means  of  a  2  mm 
probe  ^293,  C31],  [343.  The  case  of  two  separate  vortex  systems  was  measured  at  o  =  10°  and  the  merging 
process  of  the  two  vortex  systems  was  analyzed  at  o  »  12°  in  several  planes  perpendicular  to  the  free- 
stream.  In  order  to  detect  more  details  of  the  flow  at  a  constant  probe  diameter  a  half-model  of  the 
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double-delta  wing  A  =  2,05  was  built  and  by  means  of  this  model  the  details  of  the  flowfield  were  deter¬ 
mined.  Separate  vortex  systems  were  measured  at  a  =  7®  and  merging  vortex  systems  at  a  *  11®  ii.  several 
planes  over  the  wing  [34]. 

Finally  these  investigations  were  extended  to  include  double-delta  wings  in  unsymmetrical  flow  C35], 
[363.  For  the  wings  V,  VI  and  VII  according  to  Fig.  12  six-component  measurements  have  been  carried  out 
and  the  positions  uf  vortex  breakdown  were  determined.  In  addition  the  status  of  the  flow  has  been 
derived  from  pressure  distribution  measurements  and  surface  oilflow  patterns  for  various  unsymmetrical 
tree-stream  flow  conditions.  It  turned  out  that  in  unsymmetrical  flow  c  separated  vortex  system  on  one 
side  and  a  merged  vortex  system  on  the  other  side  may  be  present  and  with  increasing  angle  of  attack  the 
different  vortices  are  destroyed  gradually  by  vortex  breakdown.  For  some  cases  the  flowfield  has  been 
measured  in  different  planes  perpendicular  to  the  free-stream  [35J,  [36J. 


3.3  Results  for  the  double-delta  wing  A  =  2.05 

A  survey  of  all  measurements  carried  out  on  the  double-delta  wing  A  =  2.05  (wing  VI  of  the  series 
according  to  Fig.  12)  is  shown  in  Tab.  2.  These  experimental  data  can  be  used  for  comparison  with 
computational  fluid  dynamics  and  some  guidelines  how  to  use  this  material  are  given  subsequently. 

3.3.1  Windtunnel  models  t28J,  [31],  [34] 

The  measurements  have  been  carried  out  on  the  double-delta  wing  A  =  2.05  according  to  Fig.  13. 
Concerning  the  planform  the  sweep  of  the  front  part  is  =  80®  and  of  the  rear  part 
leading-edge  kink  is  located  at  x„/c-  =  0.5.  Two  different  model  versions  have  been  usefT  Model  A  has  a 
flat  plate  cross-section  with  a  constant  thickness  d/c.  =  0.006.  All  edges  of  this  wing  are  rounded  by  a 
radius  of  naif  wing  thickness.  It  turned  out  that'  this  tiny  radius  was  small  enough  to  produce 
leading-edge  separation  already  at  very  small  angles  of  attack.  The  model  size  is  c.  =  500  mm.  Model  B  is 
a  half  model  with  triangular  cross-sections  in  the  front  parts  and  trapezoidal  cross-sections  in  the 
rearmost  parts  of  the  wing.  The  maximum  thickness  -  0.045  is  located  at  x  /c-  =  0.82  and  the 

front  part  the  center  line  tnickness  increases  by  an”?ng1e  3  =  1.64®.  The  model  size  is  1500  mm  and  at 
all  edges  the  model  has  a  constant  thickness  of  1  m.  The  mode)  has  an  effective  negative  camber  and  the 
flat  surface  has  been  used  as  suction  side  during  the  tests. 

All  measurements  have  been  performed  in  the  1.3  m  Low-speed  Windtunnel  of  Institut  flir 
Strbmungsmechanik  at  Technisc^e  Universitat  Braunschweig.  The  Reynoldsgumber  based  on  the  root  chard  c. 
of  the  wing  was  Re  =  1.3  •  10^  for  tests  with  model  A  and  fie  *  4.0  •  lO''  for  tests  with  model  B. 

3.3.2  Forces  and  moments  C28"  [30],  [313,  [34] 

The  results  of  the  three-component  measurements  on  model  A  are  shown  in  Fig.  14.  At  angles  of  attack 
a  <  10®  the  two  vortices  each  side  of  the  wing  are  separate  and  the  aerodynamic  coefficients  depend 
nonlineariy  on  the  angle  of  attack.  For  larger  angles  of  attack  a  >  10®  the  vortices  join  over  the  wing. 
Tnis  flow  phenomenon  moves  upstream  with  increasing  angle  of  attack  quite  rapidly  ana  leads  to  a 
considerable  reduction  in  lift  and  nose-down  pitching  moment.  The  movement  of  the  vortex  breakdown  point 
within  tne  joined  vortices  as  function  of  the  angle  of  attack  may  be  taken  from  [343,  C353,  [36l.  The 
tral  1  Ing-edge  of  the  wing  Is  reached  at  o  *  26®  and  for  even  larger  angles  of  attack  the  aerodynamic 
coefficients  are  strongly  influenced  by  vortex  breakdown. 

3.3.3  Pressure  distributions  [283,  [303,  1313.  t343,  1353 

The  pressure  distribution  on  the  suction  side  of  model  A  has  been  measured  for  various  angles  of 
attack.  Typical  examples  are  shown  in  Fig.  15  for  the  rear  part  of  the  wing.  At  a  *  10®  in  each  section 
two  vortices  are  clearly  Indicated,  which  do  not  merge.  Tne  outer  vortex  which  originates  from  the 
leading-edge  kink  is  much  stronger  than  the  Inner  one  which  is  no  longer  fed  with  circulation  downstream 
of  the  leading-edge  kink.  The  shape  of  the  pressure  distributions  in  the  region  between  the  suction  peak 
and  the  leading-edge  indicate  that  the  boundary  layer  at  the  secondary  separation  line  was  turbulent.  At 
a  *  12®  two  separate  vortices  can  be  detected  up  to  t  =  0.75.  More  downstream  the  vortices  join  quite 
rapidly  and  already  at  5  =  0.875  only  a  single  suction  peak  is  found.  For  pressure  distributions  at 
a  >  12®  see  [343. 

3.3.4  Flowfield  measurements  [293,  [313,  [343,  [353 

The  investigations  on  the  structure  of  the  flowfield  on  the  double-delta  wing  A  =  2.05  have  been 
concentrated  on  the  angles  of  attack  a  *  10®  and  a  =  12®  in  order  to  get  a  documentation  of  the  two  flow 
states  with  separated  and  merging  vortex  systems.  Fig.  17  shows  the  flowfield  on  model  A  downstream  of 
the  wing  tralling-edge  at  a  =  10®,  taken  from  [31J.  The  two  separated  vortices  are  clearly  indicated. 
Additional  measurements  in  planes  more  upstream  and  more  downstream  may  be  taken  from  [343.  The 
counter-rotating  vortex  related  to  the  outer  primary  vortex  is  the  trailing  vortex  which  had  already  been 
found  for  the  simple  delta  wing  as  shown  in  Figs.  9  and  10.  In  order  to  understand  the  occurrence  of  the 
counter-rotating  vortex  related  to  the  Inner  primary  vortex  additional  measurements  have  been  carried  out 
on  model  B  at  a  ■  7®  In  several  planes  over  the  wing.  It  turned  out  that  downstream  of  the  leading-edge 
kink  the  vortex  sheet  between  the  two  primary  vortices  joins  the  upper  surface  boundary  layer  and  more 
downstream  a  counter-rotating  trailing  vortex  is  formed  which  originates  from  a  vortex  sheet  leaving  the 
wing  surface  close  to  the  inner  primary  vortex.  These  details  are  described  in  [343.  Concerning  compari¬ 
sons  of  these  results  with  computational  fluid  dynamics  one  has  to  conclude  that  both  counter-rotating 
vortices  are  due  to  inviscid  effects.  This  means  that  solutions  of  the  Euler  equations  or  even  results 
according  to  potential  flow  theories  should  contain  these  counter-rotating  vortices. 

The  flowfield  on  model  A  downstream  of  the  wing  tralling-edge  at  a  =  12®,  taken  from  [313,  is  shown 
in  Fig.  18.  The  joined  vortex  associated  by  Its  counter-rotating  trailing  vortex  is  clearly  indicated. 
The  deve^Iopment  of  this  flow  can  be  taken  from  additional  measurements  in  several  planes  located  more 
upstream  [313,  [343  and  further  details  have  been  found  by  measurements  on  model  8  in  two  planes  over  the 
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wing  at  a  »  11**  [34].  If  the  angle  of  attack  is  Increased  from  a  ■  10^  to  a  ■  12**  a  sudden  change  of  the 
flow  structure  over  the  wing  is  observed*  vhich  is  due  to  Inviscid  flow  phenomena.  Concerning  comparisons 
with  computational  fluid  dynamics  it  should  be  expected  that  this  change  of  the  flow  structure  Is 
discribed  by  theory  even  in  the  case  of  inviscid  flow. 


3.4  Results  for  other  double-delta  wings  C283*  [29],  C31]»  C34],  C35] 

Similar  results  as  for  the  A  -  2.05  double-delta  wing,  wing  VI  of  the  series  according  to  Fig.  12, 
are  also  available  for  other  wings  of  this  series.  Apart  from  three-component  measurements,  which  exist 
for  all  wings  of  this  series  [283,  [343,  the  flow  on  the  A  >  1.31  (wing  V)  and  the  A  ■  3.01  (wing  VII) 
double-delta  wing  has  also  been  studied  quite  intensively  by  means  of  pressure  distribution  measurements 
and  surface  oilflow  patterns  in  symmetrical  [34]  and  unsynmetrical  flow  [353,  [363.  From  these 
Investigations  the  general  flow  structure  including  the  occurrence  of  vortex  breakdown  may  be  regarded  as 
fully  understood,  but  flowfield  measurements  for  comparison  with  computational  fluid  dynamics  do  not 
exist. 


3.5  Test  cases 

In  conclusion  the  experimental  data  for  double-delta  wings  contain  the  following  test  cases  for 
comparison  with  result  of  computational  fluid  dynamics: 

Test  case  4:  Double-delta  wing  A  *  2.05,  flowfield  at  a  °  10**,  system  of  separate  vortices 

Available  data:  Model  geometry 

Aerodynamic  coefficients 
Pressure  distribution 
Surface  oilflow  patterns 
Flowfield  over  and  behind  the  wing 
Reference  U.  Brennenstuhl  [343 


Test  case  5:  Double-delta  wing  A  =  2.05.  flowfield  at  a  =  12**,  system  of  merging  vortices 


Available  data: 


Reference 


Model  geometry 
Aerodynamic  coefficients 
Pressure  distribution 
Surface  oilflow  patterns 
Flowfield  over  and  behind  the  wing 
U.  Brennenstuhl  C34] 


4.  INVESTIGATIONS  ON  CANARD  CONFIGURATIONS  AT  LOW  SPEED 

4.1  General  properties  of  the  flow 

Close-coupled  canard-wing  configurations  play  an  important  role  in  modern  fighter  aircraft  design  as 
discussed  by  H.  John,  W.  Kraus  [383.  The  benefits  of  such  a  tall  configuration  are  known  since  H.  Behr- 
bohm  [403.  The  value  of  maximum  lift  coefficient  Cj^  and  the  corresponding  angle  of  attack  o  ) 

can  be  considerably  increased  by  adding  a  delta  TSn^rd  to  a  delta  wing.  This  advantage  is  du^®to 
favourable  interference  effects  between  the  vortex  systems  of  canard  and  wing.  A  lot  of  experimental 
investigations  on  series  of  canard-wing  combinations  have  been  carried  out  (see  [463)  In  order  to  find 
practicable  configurations.  Investigations  on  the  physics  of  the  interfering  vortex  systems  of  canard  and 
wing  are  rare.  Some  informations  may  be  taken  from  B.8.  Gloss,  D.D.  Miner  C413,  J.  Er-El,  A.  Se- 
giner  [423,  K.  Hartmann  C43J,  L.  Hjelmberg  [443  and  K.A.  BUtefisch  et  al  [453. 

4.2  Survey  of  the  experimental  program  at  TU  Braunschweig 

At  Institut  fur  Stromungsmechanik  of  TU  Braunschweig  an  experimental  program  on  close-coupled  canard 
configurations  is  in  progress.  The  aim  is  to  get  detailed  insight  into  the  interference  between  the 
vortex  systems  of  canard  and  wing  and  to  provide  data  for  a  cOTip'*r1son  with  theoretical  investigations. 
In  particular  it  is  intended  to  give  a  detailed  quantitative  docun)entation  of  the  three-dimensional  flow- 
field. 


The  experimental  investigations  were  started  on  a  configuration  with  delta  planforms  A  *  2.31  for 
wing  and  canard.  The  longitudinal  and  the  vertical  distance  of  the  canard  as  well  as  its  setting  angle 
relative  to  the  wing  have  been  varied  systematically.  Three-component  and  pressure  distribution 
measurentents  have  been  carried  out  and  additional  surface  oilflow  patterns  have  been  taken  on  canard  and 
wing  for  several  angles  of  attack.  To  identify  the  main  interference  effects  results  for  canard-off  and 
canard-on  configurations  have  been  compared.  The  main  results  of  these  investigations  have  been  published 
by  0.  Hummel,  H.-Chr.  Oelker  [463,  [473.  The  canard  induces  at  the  wing  a  non-uniform  distribution  of 
reduced  local  angles  of  attack  which  leads  to  a  non-conical  vortex  formation  at  the  wing  and  to  a  delay 
in  the  occurrence  of  vortex  breakdown.  On  the  other  hand  the  wing  produces  upwash  at  the  canard,  which 
increases  its  lift.  Another  favourable  effect  at  the  canard  results  from  longitudinal  velocity  components 
induced  by  the  wing  which  lead  again  to  a  delay  of  canard  vortex  breakdown.  Starting  from  this  basic 
understanding  of  the  flow  an  angle  of  attack  of  a  *  8.8®  was  chosen  for  flowfield  measurements.  In  this 
case  no  vortex  breakdown  was  present  at  the  configuration.  Preliminary  results  of  these  investigations 
have  already  been  included  in  [463  and  [473  for  one  plane  close  to  the  trai  1  ing-edge  of  the  wing.  The 
complete  flowfield  study  will  be  published  in  [483. 
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After  the  formation  of  the  International  working  group  for  Euler  code  validation  the  Investigations 
have  been  extended  to  the  new  model  geometry  with  an  A  =  1.65  swept  canard  and  a  sharp-edged  A  »  1.38 
cropped  delta  wing,  within  the  International  program  these  investigations  form  the  limiting  case  for 
M  ♦  0.  Three-coinponent  and  pressure  distribution  measurements  have  been  carried  out  and  surface  oilflow 
patterns  have  been  taken  for  various  angles  of  attack,  in  addition  a  complete  flcwfleld  study  has  been 
performed  in  different  planes  over  the  wing.  The  measurements  have  already  been  terminated,  the 
evaluation  is  in  progress  and  the  results  will  be  published  as  soon  as  possible. 

4.3  Results  for  the  A  =  2.31  delta  canard  configuration 

The  experimental  data  available  for  the  A  *  2.31  delta  canard  configuration  are  put  together  in 
Tab.  3.  These  results  can  be  used  for  comparisons  with  computational  fluid  dynamics,  but  the  following 
remarRs  should  be  noticed. 

4.3.1  Windtunnel  niodel  [46],  [471,  [48] 

The  measurements  have  been  carried  out  for  a  canard-fuselage-wing-configuration  which  is  shown  in 
Fig.  19.  Wing  and  canard  have  delta  planforms  of  aspect  ratio  V  "  \  "  ^*31  and  a  corresponding 
leading-edge  sweep  of  ♦(:  =  ♦u  =  60®.  In  both  cases  symmetric  parabolic  are  airfoils  for  the  root  section 
and  parabolic  contours  in  spanwise  direction  have  been  used.  All  edges  are  sharp.  Both  wing  and  canard 
are  equipped  with  a  tube  system  underneath  the  surface  and  with  pressure  holes  to  measure  the  surface 
pressure  distribution.  A  very  flat  fuselage  has  been  chosen,  which  consists  of  a  cylindrical  portion  of 
length  Up  =  8hp  and  front  and  rear  parts  of  length  l.p  '  Up  =  2hp.  The  detailed  geometric  data  may  be 
taken  from  [46j.  The  test  case  to  be  used  for  companson  with  computational  fluid  dynamics  is  the  so 
called  "normal  configuration"  according  to  [46]  which  is  characterized  by  a  coplanar  canard-wing 
combination  having  a  very  small  distance  between  wing  apex  and  canard  tral  1  ing-edge  of  =  L).05. 

4.3.2  Forces  and  moments  [46],  [47],  [48] 

The  results  of  the  three-component  measorenients  are  shown  In  Fig.  20.  For  the  canard-off  configura¬ 
tion  the  vortex  breakdown  poitit  crosses  the  wing  trai  1  ing-edge  atosTo®  and  the  corresponding  reduc¬ 
tions  in  lift  and  nose-down  pitching  moment  are  clearly  indicated.  For  the  canaro-on  configuration  due  to 
the  favourable  interference  effects  vortex  breakdown  occurs  over  the  wing  not  till  a  «  20®.  On  the  other 
hand  in  the  canard  vortices  vortex  breakdow .  is  present  at  the  canard  trailing  edge  at  o  >  12®,  but  due 
to  favourable  wing-inouced  pressure  gradients  the  burst  canard  vortices  are  restored  to  a  non-burst  state 
in  the  region  of  the  leading-edge  of  the  wing.  Kith  increasing  angle  of  attack  vortex  breakdow/j  moves 
upstream  over  the  canard  very  slowly. 

4.3.3  Pressure  distributions  [46],  [47],  [48] 

The  pressure  distribution  on  the  suction  side  of  canard  and  wing  has  been  measured  for  various 
angles  of  attack.  A  typical  example  is  shown  in  Fig.  21  for  <»  =  8.8®.  The  traces  of  the  leading-edge  vor¬ 
tices  can  dearly  be  detected  from  the  suction  peaks  on  canard  and  wing.  At  this  angle  of  attack  no  vortex 
breakdown  is  present  at  the  configuration.  The  pressure  distribution  on  the  wing  of  the  canard  configura¬ 
tion  snows  1n  the  front  part  considerably  lower  suction  peaks,  which  lie  closer  to  the  leading-edge  than 
in  the  non-interfering  case.  In  the  rear  part  of  the  wing  the  suction  peaks  reach  again  the  same  level  as 
for  the  canard-off  configuration  but  their  spanwise  position  is  different.  The  corresponding  formation  of 
the  leading-edge  vortex  Is  therefore  distinctly  non-conical. 

Similar  pressure  distribution  are  also  available  in  [46],  [47]  for  angles  of  attack  a  *  14.7®  and 
a  =  29.6®,  but  for  these  angles  of  attack  one  has  to  bear  In  mind,  that  vortex  breakdown  is  present  over 
the  configuration.  At  a  ®  14.7®  vortex  breakdown  occurs  in  the  canard  vortices  between  the  canard  trai- 
liiig-edge  and  the  wing  leading-edge  and  at  a  =  29.6®  vortex  breakdown  occurs  also  in  the  wing  vortices. 
Comparisons  of  results  of  compuational  fluid  dynamics  and  these  experiments  for  large  angles  of  attack 
should  be  made  for  theories  which  are  able  to  treat  the  vortex  breakdown  phenomenon  properly.  In  all 
other  situations  the  comparisons  should  be  earned  out  for  a  *  8.8®  which  is  a  test  case  without  any 
vortex  breakdown. 

4.3.4  Surface  oilflow  patterns  [46],  [47] 

Flow  studies  have  been  carried  out  by  means  of  oilflow  patterns  on  the  upper  surface  of  the  A  =  2.31 
canard  configuration.  The  result  for  a  »  8.8  is  shown  in  Fig.  22.  The  non-conical  state  of  the  flow  on 
the  suction  side  of  the  wing  is  clearly  Indicated.  For  this  tree-stream  condition  the  vortex  systems  of 
canard  and  wing  do  not  merge.  It  should  be  noticed  that  neither  the  press’  re  distribution  according  to 
Fig.  21  nor  the  surface  oilflow  patterns  according  to  Fig.  22  show  any  Indication  of  the  slope  of  the 
canard  vortices  over  the  wing.  This  is  due  to  the  fact  that  the  canard  vortices  He  at  relatively  large 
distance  over  the  inner  portion  of  the  wing. 

Similar  oilflow  patterns  are  available  in  [46],  [47]  for  a  =  14.7®  and  a  *  29.6°.  In  combination  with 
the  pressure  distribution  they  indicate  vortex  breakdown  in  the  canard  and  wing  vortices. 

4.3.5  Flowfield  measurements  [46],  [47],  [48] 

The  investigations  on  the  structure  of  the  flowfield  on  the  A  =  2.31  delta  canard  configuration 
have  been  concentrated  on  the  angle  of  attack  a  8.8®  In  order  to  get  a  documentation  uf  the  flow  state 
without  vortex  breakdown  at  the  configuration.  A  typical  result  for  a  plane  at  the  wing  tralHng-edge  is 
shown  in  Fig.  23  [46],  the  flowfield  in  other  planes  upstrem  and  downstream  of  the  wing  trai 1 ing-edge  may 
be  taken  from  1!48]. 

On  the  righthand  side  the  primary  wing  vortex  is  located  at  n  ■  0.81  and  a  corresponding  secondary 
vortex  is  found  at  n  >  0.93.  The  estiniated  trace  of  the  vortex  sheet  Is  Indicated  by  a  dash-dotted  line 
and  its  position  has  been  determined  from  local  maxima  of  total  presjsure  loss.  Another  region  of  large 
total  pressure  reductions  is  found  at  some  distance  over  the  wing  at  n  *  0.30  indicating  the  position  of 
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the  canard  vortex.  The  total  pressure  losses  within  this  vortex  are  not  as  large  as  in  the  wing  primary 
vortex.  This  indicates  that  the  canard  vortex  is  the  weaker  one.  The  isobars  of  the  canard  vortex  show  an 
attached  region  of  increased  pressure  losses  which  results  from  the  wake  of  the  canard  trai ling-edge.  The 
measurements  in  planes  over  the  wing  i;4d]  showed  clearly  that  this  region  contains  the  remains  of  a 
canard  secondary  vertex  as  well  as  those  of  a  counter-rotating  canard  trai 1 ing-edge  vortex  which  is 
formed  downstream  of  the  canard  trailing-edge  in  the  same  way  as  for  a  delta  wing  according  to  Figs.  9 
and  10.  Another  interesting  phenomenon  which  has  been  deduced  from  the  flowfield  measurements  over  the 
wing  [48]  is  the  fact  that  the  vortex  sheet  originating  from  the  trailing-edge  of  the  canard  Joins  the 
upper  surface  of  the  wing  and  contacts  the  upper  surface  boundary  layer  in  the  inner  portion  of  the  wing. 
Underneath  the  canard  vortex  the  free  vortex  sheet  separates  again  from  the  wing  boundary  layer  and  rolls 
up  into  the  canard  vortex. 

Even  for  low  angles  of  attack  for  which  vortex  breakdown  is  not  present,  a  rather  complicated  struc¬ 
ture  of. the  flowfield  on  a  canard  configuration  turned  out.  Apart  from  secondary  separations  and  some 
mixing  of  the  free  vortex  sheet  with  the  upper  surface  boundary  layer  of  the  wing,  the  main  characte¬ 
ristics  of  the  flowfield  on  this  sharp-edged  configuration  are  dominated  by  nonviscous  effects.  Concer¬ 
ning  comparisons  with  computatv'inal  fluid  dynamics  important  features  of  this  flowfield  should  be  des¬ 
cribed  properly  even  by  inviscid  flow  theories. 

Similar  r'xperimental  data  for  overall  forces  and  moments,  pressure  distributions  and  surface  oilflow 
patterns  are  also  available  for  a  =  14.7*  and  a  =  29.6*  [46],  [47],  but  flowfield  measurements  exist 
only  for  one  plane  at  the  wing  trailing-edge  and  a  -  14.7*.  These  measurements  could  also  be  used  for 
comparison  with  computational  fluid  dynamics,  but  in  this  case  a  theory  should  be  used  which  is  able  to 
cover  vortex  breakdown  properly.  More  flowfield  measurements  are  not  available  since  the  disturbances 
from  the  probe  influence  the  phenomenon  of  vortex  breakdown  considerably. 


4.4  Test  case 

In  conclusion  the  experimental  data  for  the  A  -  2.31  delta  canard  configuration  contain  the 
following  test  case  for  comparison  with  results  of  computational  fluid  dynamics: 

Test  case  6:  Delta  canard  configuration  A  =  2.31,  flowfield  at  a  «  8.8*,  no  vortex  breakdown 

Available  data:  Model  geometry 

Aerodynamic  coefficients 
Pressure  distribution 
Surface  oilflow  patterns 
Flowfield  over  and  behind  the  wing 
Reference  ;  H.-Chr.  Oelker,  D.  Hummel  [48] 


5.  INVESTIGATIONS  ON  CORNER  CONFIGURATIONS  IN  HYPERSONIC  FLOW 
5.1  General  properties  of  the  flow 

Hypersonic  flight  vehicles  are  subject  to  considerable  thermal  stress  due  to  kinetic  heating.  High 
heat  transfer  rates  are  not  restricted  to  the  nose  region  and  the  wing  leading-edges,  but  they  occur 
similarly  also  in  the  junctions  between  wing  and  body  as  well  as  in  rectangular  air  intakes. 

Apart  from  various  pressure  distribution  and  heat  transfer  measurements  at  the  wall  of  corner 
configurations  the  first  investigations  on  the  structure  of  the  flowfield  are  due  to  A.F.  Charwat,  L.G. 
Redekopp  [49]  for  the  supersonic  flow  in  a  90*-corner  between  two  wedges.  The  general  features  of  this 
type  of  flow  are  shown  schematically  in  Fig.  24  for  the  case  of  a  swept  corner  configuration.  At 
supersonic  free-stream  velocity  the  flowfield  can  be  divided  in  two  parts:  In  the  outer  region  inviscid 
flow  is  predominant.  A  shock  system  is  formed  which  consists  of  the  two  wedge  shocks,  the  connecting 
corner  shock,  two  embedded  shocks  and  two  sup  surfaces.  Embedded  shocks  and  slip  surfaces  are  necessary 
in  order  to  fulfil  the  shock  relations  in  the  vicinity  of  the  two  intersecting  lines  between  the  wedge 
shocks  and  the  corner  shock.  The  pressure  distribution  generated  by  this  shock  system  has  a  strong 
influence  on  the  formation  of  the  viscous  layer  in  the  corner  region.  Due  to  the  embedded  shocks  flow 
separations  occur  in  the  inward  directed  viscous  flow,  which  leads  to  highly  non-uniform  distributions  of 
static  pressure  and  local  heat  transfer  rate  along  the  walls.  In  hypersonic  flow  the  shock  system  is 
located  close  to  the  configuration  and  a  strong  interference  between  the  boundary  layer  flow  and  the 
outer  shock  system  takes  place.  Summaries  of  the  existing  knowledge  on  the  three-dimensional  flow 
separations  in  axial  corners  are  due  to  R.H.  Korkegi  C50]  and  T.J.  Peake,  M.  Tobak,  R.H.  Korkegi  [513. 


5.2  Survey  of  the  experimental  program  at  TU  Braunschweig 

At  the  Institut  fur  Strdmungsmechanik  of  TU  Braunschweig  a  long-term  program  on  according  to  Tab.  4 
hypersonic  flow  in  axial  corners  has  been  started  in  1972.  The  first  part  of  the  investigations  was 
concerned  with  synnetric  corners  between  unswept  wedges  and  wedge  angle  6,  corner  angle  6  and  free-stream 
Machnumber  M  were  varied  systematically.  For  a  large  number  of  configurations  pressure  distributions  and 
heat  transfer  measurements  at  the  walls  as  well  as  pitot  pressure  measurements  in  the  flowfield  have  been 
carried  out.  The  flow  at  the  walls  has  been  visualized  by  means  of  an  oil-dot  technique  and  the  resulting 
surface  oilstreak  patterns  have  been  evaluated  quantiatively  to  detect  separation  and  reattachement 
lines.  First  results  have  been  published  by  K.  Kipke,  0.  Hummel  C52j.  It  turned  out  that  the  shock  system 
according  to  Fig.  24  leads  to  flow  separation  and  to  the  formation  of  primary  vortices  close  to  the  wall 
which  are  accompanied  in  some  cases  by  secondary  vortices.  In  the  vicinity  of  the  corner  center  very  high 
static  pressures  and  heat  transfer  rates  have  been  found,  but  these  high  values  could  be  reduced  con¬ 
siderably  by  Increasing  the  corner  angle  0. 
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In  the  second  pert  uf  the  program  the  Investigations  have  been  extended  to  Include  aUn  a  systematic 
Variation  of  the  sweep  angle  «  for  symmetric  corners  of  Intersecting  wedges  with  different  comer  angles. 
These  investigations  are  due  to  W.  Mdllenstadt  [53].  The  results  showed  the  dependence  of  the  shock 
system  and  uf  the  flow  separations  from  the  sweep  angle  e.  It  turned  out  that  the  high  values  of  static 
pressure  and  heat  transfer  rate  In  the  corner  center  can  be  considerably  reduced  by  sweeping  the  lea¬ 
ding-edges  of  the  wedges. 

Almost  all  results  from  this  experimental  program  which  has  been  suimarlzed  by  D.  Hummel  [55]  may  be 
used  as  test  cases  for  computational  fluid  dynamics.  Some  typical  results  are  shown  subsequently  and  some 
guidelines  for  the  use  of  this  material  are  given. 


5.3  Results 


5.3.1  Windtunnel  models  [52],  [53] 

All  corner  configurations  according  to  Fig.  24  were  symmetrical  with  respect  to  the  plane  through 
the  apex  and  the  (d/2)-line.  The  corner  angles  were  e  =  bO'",  90**  and  120'*,  the  wedge  angles  normal  to  the 
leading-eoges  6  =  6.3°,  a.0°  and  10.0°,  and  the  sweep  angles  of  the  leading-edges  ♦  =  -30°,  0°,  15°,  30°, 
45°  and  60°.  The  dimensions  of  all  models  were  1  *  100  mni  in  free-stream  direction  and  b  «  50  mm 
perpendicular  to  it. 

The  measurements  have  been  performed  in  the  gun  tunnel  of  the  Institut  fur  Strdmungsmechanik  at  TU 
Braunschweig  [55].  The  free-stream  Machnuc^ers  were  ^  12.3  ^d  16.0,  corresponding  to  Reynoldsnumbers, 
based  on  model  length  1,  ot  Re,  =  5  *  10^  and  Re,  =  1.7  •  10^  and  the  stagnation  pressure  was  150  bar. 
Since  a  nearly  conical  flowfielowas  investigated,  *he  pitot  pressure  and  wall  pressure  measurements,  the 
heat  transfer  investigations  by  means  of  the  transient  thin  skin  technique  and  the  evaluation  of  the 
oil-dot  streaks  have  been  earned  out  in  the  plane  x/1  =  0.9  close  to  the  rear  end  of  the  model. 

5.3.2  Flowfield  characteristics  [52],  [53] 


General  features  of  the  flowfield  in  a  90°-corner  may  be  taken  from  Fig.  25,  which  shows  the  results 
for  a  -30°  (forward)  swept  configuration.  The  pitot  pressure  isobars  In  the  measuring  plane  are  drawn  in 
Fig.  25a.  Since  the  flowfield  Is  symmetric  with  respect  to  the  (0/2)-line  the  upper  part  of  the  diagram 
shows  the  measurements  and  in  the  lower  part  the  interpretation  is  given.  In  the  corner  region  the  system 
of  wedge  shock,  corner  shock,  secondary  or  embedded  shock  and  slip  surface  can  be  detected.  The  shocks 
are  characterized  by  a  steep  increase  of  the  pitot  pressure,  which  is  strongest  for  the  corner  shock. 
Behind  the  shocks  pitot  pressure  plateaus  at  different  levels  are  present.  For  the  measured  shock 
positions  the  strengths  of  all  shocks  can  be  calculated  from  the  shock  relations  and  the  corresponding 
pitot  pressure  plateau  values  are  in  good  agreement  with  the  measured  ones.  The  shocks  interfere  along 
the  line  between  the  wedge  shock  and  the  corner  shock  which  1$  marked  in  the  measuring  plane  by  the 
triple  point  Tr.  Due  to  the  different  pitot  pressure  levels  on  both  sides  the  slip  surface  is  also 
characterized  by  a  pitot  pressure  jump.  The  slip  surface  divides  the  flow  through  the  corner  shock  from 
that  through  the  wedge  shock  whKh  crosses  also  the  embedded  shock.  On  both  sides  of  the  slip  surface  the 
same  static  pressure  is  present,  but  different  velocities  tangential  to  the  slip  surface  as  well  as 
different  pitot  pressures  and  therefore  different  values  of  the  entropy  exist.  According  to  Crjcco's 
theorem  the  slip  surface  is  a  vortex  sheet.  The  slip  surfaces  from  both  sides  tend  to  meet  at  the  plane 
of  sytmetry.  Therefore  the  flow  through  the  corner  shock  does  not  reach  the  inner  part  of  the  corner 
flowfield.  The  flow  behind  the  embedded  shock  and  in  front  of  the  slip  surface  is  not  yet  parallel  to  the 
wall.  The  corresponding  changes  in  the  flow  direction  towards  the  corner  center  is  achieved  by  passing 
some  expansion  and  compression  regions  as  Indicated  in  Fig.  25a.  Finally  in  the  corner  center  very  high 
pitot  pressures  have  been  found,  but  the  peak  values  in  the  hatched  regions  of  the  flowfield  could  not 
be  determined  due  to  limitations  of  the  available  pressure  transducers. 


Underneath  the  weage  shock  a  decrease  of  the  pitot  pressure  towards  the  wall  is  observed.  The  onset 
of  the  pitot  pressure  reduction  marks  the  outer  edge  of  the  boundary  layer.  In  conical  coordinates  the 
flow  within  the  boundary  layer  is  directed  inwards.  At  Z  =  0.1  oval  isobars  show  a  relative  pitot 
pressure  minimum,  which  has  been  interpreted  by  K.  Kipke,  D.  Hummel  [52]  as  a  total  pressure  loss  due  to 
a  vortex  in  the  viscous  layer.  The  corresponding  flow  separation  is  caused  by  the  pressure  rise  due  to 
the  embedded  shock  and  it  occurs  already  far  upstream  at  S.  and  the  corresponding  reattachment  line  lies 
at  Rj. 


The  measured  pressure  distribution  at  the  wall  Is  shown  in  Fig.  25b.  Its  slope  Is  similar  to  that  in 
two-dimensional  flow  underneath  a  shock  impinging  on  a  boundary  layer.  The  separation  takes  place  at  S. 
far  upstream  of  the  point  of  impingement  (1.  plateau)  and  Increases  downstream  to  the  value  at  re- 
attachment  R,  (2.  plateau).  In  the  present  situation  this  scheme  is  modified  by  the  strong  vortex  in 
three-dimensfonal  flow,  which  produces  additional  negative  static  pressures  at  the  wall.  Underneath  the 
primary  vortex  o  positive  pressure  gradient  In  ?-direct1on  is  present  which  leads  to  a  secondary  sepa- 
ratior.  it  and  corresponding  reattachment  at  R2. 


The  positions  of  separation  and  reattachment  lines  have  been  taken  from  oil  flow  streaks.  A 
quantitative  e'  'luation  is  shown  in  Fig.  25d.  The  angle  T  between  the  wall  streamlines  and  the  conical 
direction  is  •  ced  acjinst  the  coordinate  ?.  Positive  values  of  T  indicate  a  flow  towards  the  corner 
center  whe''.r<'  .  .gative  values  belong  to  a  flow  directed  outwards.  The  effect  of  the  second  wedge  on  the 
flow  at  t  ■  w.'  <  under  consideration  starts  at  the  conical  line  A  at  7  *  0.7  which  may  be  regarded  as  an 
inHuenre  ^  .  which  is  located  far  more  outwards  than  e.  g.  the  second  wedge  shock.  Fig.  25d 

indicates  .i.oc  tne  flow  In  the  corner  region  converges  at  the  separation  lines  S.  and  S..  and  diverges  at 
the  reatt  ichmenr  !«..»*•  K.  and  R2.  At  these  lines  the  flow  follows  the  conical  lines  at  ^  ■  0.  Between  S, 
and  k,  a  primer  '  a  formw  and  between  and  a  smaller  secondary  vortex  Is  present  as  sketcheA 
schematral ly  if.  f  g.  25a.  This  kind  of  vortex  formation  Is  well  known  from  delta  wings  with  subsonic 
leaoing- r  Ige' ,  s':.:  e.  g.  D.  Hummel  [7].  Due  to  the  strong  primary  vortex  a  large  portion  of  the  viscous 
layer  moves  outwaros  and  does  not  reach  the  corner  center.  Correspondingly  the  viscous  layer 

becomes  very  thin  close  to  the  corner  center.  This  means  that  in  the  region  of  high  energy  inviscid 
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flow  comes  very  close  to  the  corner  center  and  causes  very  high  wall  pressures  and  heat  transfer  rates 
there. 

The  measured  heat  transfer  rates  are  plotted  in  Fig.  25c.  It  turns  out  that  In  the  region  of  the 
reattachment  line  Rt  the  heat  transfer  rate  is  7  times  as  large  as  on  an  unswept  wedge.  A  second, 
relative  heat  transfer  maximum  Is  found  In  the  vicinity  of  the  reattachment  line  of  the  secondary 

vortex.  ^ 


5.4  Test  cases 


In  the  course  of  the  experimental  program  a  total  of  22  flowfields  have  been  measured  in  detail  and  13 
of  them  have  been  published  [52],  [53],  [55].  They  can  be  used  as  test  cases  for  comparison  with  com¬ 
putational  fluid  dynamics: 


Test  case  7:  Hypersonic  flows  in  corners  of  unswept  wedges  at  =  16  for  different  wedge  angles  6  and 
corner  angles  e. 

Aval Vaible  data:  Model  geometry 

Wall  pressure  distribution 
Wall  heat  transfer  distribution 
Flow  directions  at  the  wall 
Pitot  pressure  isobars  in  the  flowfield 
Reference:  K.  Kipke,  0.  Hummel  [52] 


Test  case  8:  Hypersonic  flows  in  corners  of  swept  wedges  at  =  12.3  for  different  sweep  angles  ♦  and 
corner  angles  e.  “ 

Available  data:  Model  geometry 

Wall  prerssure  distribution 
Wall  heat  transfer  distribution 
Flow  directions  at  the  wall 
Pitot  pressure  Isobars  in  the  flowfielo 
References:  W.  Mdllenstadt  [53],  [54] 


6.  CONCLUSIONS 


From  comprehensive  experimental  investigations  on  separated  flows  carried  out  at  Institut  fur 
Strbmungsmechanik  of  TU  Braunschweig  ti  test  cases  for  computational  fluid  dynamics  validation  have  been 
deduced.  These  are 

Delta  wing  A  *  1,0,  flowfield  at  o  *  20.5®,  low  speed. 

Delta  wing  A  »  1.0,  laminar  boundary  layers  at  a  -  t  20.5®,  low  speed 

Delta  wing  A  »  0.78,  velocity  distribution  in  a  vortex  with  vortex  breakdown,  low  speed 

Double-delta  wing  A  «  2.05,  flowfield  at  a  *  10®,  separate  vortices,  low  speed 

Double-delta  wing  A  *  2,05,  flowfield  at  o  *  12®,  merging  vortices,  low  speed 

Delta  canard  configuration  A  *  2.31,  flowfield  at  <s  *  8.8®,  no  vortex  breakdown,  low 
speed 

Hypersonic  flows  in  corners  of  unswept  wedges  at  *  16  for  different  wedge  angles  6  and 
corner  angles  0 


Test  case 

1; 

Test 

case 

2: 

Test 

case 

3; 

Test 

case 

4; 

Test 

case 

5: 

Test 

case 

6; 

Test  case  7: 

Test  case  8: 


Hypersonic  flows  in  corners  of  swept  wedges  at 
corner  angles  0 


12.3  for  different  sweep  angles  ♦  and 


For  these  test  cases  the  main  results  are  presented  and  a  detailed  documentation  is  provided  on  where 
and  in  which  form  these  results  are  available. 
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Tab.  1:  Survey  of  experimental  Investigations  on  delta  wing  A  *  1.0 


Data 

8C"] 

Re 

RemarV- 

j  Reterences 

6-coinponent 

0  to  29.4 

-30  to  +30 

2  •  10® 

n^asurements 

14.7  to  23.5 

0  to  30 

3-coinponent 

'10  to  +42 

0 

(0.9-)2.0  •  10® 

C7],[8:,[13],[19] 

measurements  1 

breakdown  i 

24  to  42 

0 

2  •  10® 

position 

17  to  42 

-10  to  30 

2  •  10® 

20.5 

0 

9  •  10® 

lami  nar 

[7].C8],[16].C191 

pressure 

20.5 

0 

- 

artificially 

C7],:8],C20] 

distribution 

turbulent 

measurements 

5,  15 

2-10® 

[12] 

0  to  30 

2-10® 

115] 

! 

0 

9  •  10 

[16] 

boundary 

upper  and 

layer 

20,5 

0 

9-10 

lower  surface* 

[19] 

1  measurements 

1 

laminar 

1 

0 

9-10® 

laminar 

[7], [8], [16], [19] 

surface 

0 

- 

artificial ly 

[7], [8], [20] 

'  oilflow 

1 

turbulent 

i  patterns 

0 

(0.9-)2.0  •  10 

[15] 

0  to  30 

2-10® 

[15] 

1  bound 

1 

0 

5 

9  *  10 

lami nar 

[7], [8], [16] 

vortex 

1  0 

1  - 

artificially 

[7],[8],[20] 

lines 

turbulent 

1  Flowfield 

20.5 

0 

2-10® 

4  planes 

[71.  [81 

measurements 

Tab.  2:  Survey  of  experlmentdl  Investigations  on  double-delta  wing  A  »  2.05 


Data 

a[“] 

6[«] 

Re 

Model 

References 

6-coniponent 

measurements 

-6  to  40 

-5 

to  30 

1.3  • 

10® 

A 

[35], [36] 

3-component 

measurements 

-6  to  40 

0 

1.3  • 

10® 

A 

[28], [30], [31], [34] 

breakdown 

-6  to  40 

-5 

to  30 

■a 

fSm 

A 

[353, [36] 

position 

-6  to  40 

0 

m 

A 

[28], [29], [30], [31], 

[34] 

12  to  30 

0 

1.3  - 

A,  1  section 

[28], [30], [31], [34] 

pressure 

10  to  30 

0 

1.3  • 

10“ 

A,  5  sections 

[34], [37] 

distributions 

10  to  30 

0 

to  20 

1.3  • 

mm 

A,  2  sections 

[353.[36] 

7,  11 

0 

4.0  • 

10 

6*  5  sections 

[34]. [37] 

10  to  32 

0 

1.3  • 

10® 

A 

[36] 

surface 

10  to  30 

1.3  • 

10® 

A 

[28], [29], [30], [31], 

oilflow 

[34], [35] 

patterns 

26 

0 

to  20 

1.3  • 

A 

[35] 

7,  11 

0 

4,u  • 

10® 

B 

[34] 

- 1 

10 

0 

1.3  • 

10® 

A,  1  plane 

[28], [29], [31] 

12 

0 

1.3  • 

lOg 

A,  1  plane 

[29] 

Flowfield 

12 

0 

1.3  • 

1°6 

A*  4  planes 

[31], [34] 

measurements 

10 

0 

1.3  • 

A,  3  planes 

[34] 

7 

0 

io| 

B,  3  planes 

[34] 

11 

0 

8,  2  planes 

[34] 

10 

10,  20 

1.3  • 

10® 

A,  3  planes 

[35],[36] 
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Tab.  3:  Survey  of  experimental  Investigations  on  A  =  2.31  canard-wing  configuration 


Data 

aC°] 

6C°] 

Re 

Remarks 

References 

3-cocnponent 

0  to  40 

0 

canard 

[46.]. [47] 

measurefnents 

off  and  on 

pressure 

8.8 

canard 

[46].  [47] 

distribution 

14.7 

0 

1.4  .  lO® 

off  and  on 

measurements 

29.6 

surface 

8.8 

canard 

oilflow 

14.7 

0 

1.4  .  10® 

off  and  on 

[46].  [471 

patterns 

29.6 

Flowfield 

8.8 

0 

7.0  .  10^ 

[46].  [47] 

visualization 

19.6 

Flowfield 

8.8 

1  plane 

[46].  [47] 

measurements 

8.8 

0 

1.4  .  10® 

5  planes 

[48] 

14.7 

1  plane 

[46].  [47] 

Tab.4:  Test  program  for  the  measurements  in  corner  configurations 


Part  I  Corners  between  Part  H:  Corners  between  swept 

unswept  wedges  wedges  tW  MoltenstddtlSCII 

(K.KIpke,  D.  Hummel  1521) 


Moo 

123 

5 

80° 

0 

m 

Ega 

El 

153 

1^ 

B 

a 

D 

n 

a 

a 

e 

ESI 

B 

a 

a 

a 

a 

a 

• 

• 

_!L 

_  M 

ao 

16.0 

ms 

BBS 

BBS 

ms 

0 

• 

• 

e 

pga 

D 

B 

s 

D 

• 

m 

a 

B 

B 

a 

• 

o  heat  flux,  oil  flow  pictures 

•  pitot  pressure  (flow  field),  wall  pressure,  heof  flux,  oil  flow  pictures 


secondary  vortex  primary  vortex 


0 


© 


Fiq.l:  Flow  over  a  slender  sharp-edged 
wing  (schematic) 

a)  Vortex  formation 

b)  Pressure  distribution 

c)  Lift  characteristic 


•_  Windtunnel  model  of  delta  wing  A  *  1.0  F i q . 3 :  Results  of  the  three-component  measurements  on 
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measurements 


Fig. 4:  Oilflow  patterns  on  delta  wing  A  =  1.0  at  Re 
(laminar  boundary  layers) 

a)  a  *  -20.5®  (flat  surface  =  pressure  side) 

b)  a  *  +20.5®  (flat  surface  =  suction  side) 
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9  •  10®  Fig. 5:  Oilflow  pattern  at  the  upper  surface 
of  tbe  A  s  1.0  delta  wing  at  a  =  20.5®»  arti¬ 
ficially  turbulent  boundary  layers 
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FTq.6:  Measured  pressure  distribution 
on  del ta  wing  A  =  1.0  at  o  =  -20.5° 
{flat  surface  =  pressure  side)  and 
Re  =  9  '  105 

a)  in  cross-sections  c  =  const. 

b)  on  rays  n  =  const. 


Fig.7:  Measured  pressure  distribution 
on  del  ta  wing  A  *  1.0  at  a  =  20.5'^ 
(flat  surface  *  suction  side)  and 
Re  *  9  •  105 

a)  in  cross-sections  c  *  const. 

b)  on  rays  n  *  const. 
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Fig. 11:  Flow  in  a  vortex  with  vortex  breakdown  measured  in  four  planes 
{  l:  K  =  0.425,  II  ;  c  =  0.491,  III  :  e  =  0.566,  IV  :  5  =  0.761  )  over 
an  A  =  0.78  cropped  delta  wing  at  o  =  31®  with  an  obstacle  behind  the  wing. 

a)  Lines  of  constant  dynamic  pressure,  <1  /  =  const. 

b)  Velocity  component  parallel  to  the  measuring  planes 
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ABSTRACT 

An  overview  of  previously  published  aerothermal  investigations  which  demonstrate  the  capabilities  of 
detailed  computational  fluid  dynamics  and  engineering  codes  to  predict  the  aerothermal  environment  about 
an  entry  vehicle  is  presented.  The  overview  consists  of  a  brief  discussion  of  the  computational  methods 
and  experimental  data  and  includes  comparisons  between  the  computed  results  and  data.  The  overview 
focuses  primarily  on  analyses  of  flight  data  since  these  data  provide  the  unlciue  capability  to  assess  the 
real-gas  chemistry  options  in  the  codes.  The  computed  results  are  based  on  a  series  of  codes  which  are 
employed  by  the  Aerothermodynamlcs  Branch  of  the  Space  Systems  Division  at  the  NASA  Langley  Research 
Center.  The  flight  data,  which  were  measured  on  the  Reentry  F,  the  Space  Shuttle,  and  the  Fire  II 
vehicles,  represent  a  wide  range  of  vehicle  configurations  and  freestream  conditions.  Also,  results  of 
one  recent  set  of  ground  tests  are  Included  since  the  tests  provide  data  on  a  model  of  a  pending  flight 
project.  The  comparisons  of  the  predicted  results  and  data  demonstrate  the  adequacy  of  the  present  CFO 
capabilities  and  indicate  the  potential  to  predict  the  aerothermal  environment  about  future  flight 
vehicles. 


INTRODUCTION 

Recent  interest  in  hypersonic  vehicles  has  Increased  the  need  for  verification  and  application  of 
computational  flowfleld  techniques  in  many  areas.  These  prediction  techniques  are  useful  for  design 
studies,  and  they  can  aid  In  developing  improved  methodology  for  extrapolating  wind-tunnel  data  to  flight 
conditions.  Obviously,  before  any  method  can  be  used  with  confidence,  it  must  be  verified  as  accurately 
as  possible.  This  is  especially  true  if  future  mlsslo*'  goals  are  so  demanding  that  excessive 
conservatism  applied  to  computational  predictions  (or  experimental  data)  will  inhibit  the  successful 
design  of  these  vehicles. 

The  present  paper  addresses  the  verification  and  application  of  aerothermal  prediction  techniques 
which  may  be  useful  in  such  design  studies.  One  purpose  of  this  paper  Is  to  provide  an  overview  of  the 
numerical  capabilities  and  the  applicability  of  a  series  of  computer  codes  employed  by  the 
Aerotherraodynamlcs  Branch  of  the  Space  Systems  Division  at  the  HASA  Uangley  Research  Center.  These 

codes,  such  as  a  Direct  Simulation  Monte  Carlo  method,^  Navler-Stokes  methods,^  subsets  of  the  Navier- 

Stokes  equations, and  engineering  methods, have  been  used  to  define  the  flowfleld  and  aeroheating 
environment  over  a  range  of  freestream  conditions  for  flight  and  ground-test  configurations.  The 
detailed  computational  fluid  dynamics  (CFD)  methods  are  useful  also  in  studies  of  generic  body  shapes  and 
provide  detailed  information  such  as  surface  heat-transfer  and  pressure  distributions,  force-and-moraent 
values,  and  shock-layer  properties.  In  general  terms,  the  engineering  programs  employ  various  levels  of 
approximation  in  determining  surface  pressure,  heat-transfer,  and  real-gas  effects.  They  are  typically 
used  for  conceptual  design  because  they  can  be  run  quickly,  and  they  can  be  used  for  extensive  parametric 
studies.  Another  purpose  of  this  paper  is  to  present  a  summary  of  available  flight  data  sources  for 
future  reference  by  the  aerospace  conmunlty  and  to  Illustrate  the  type,  quality  and  extent  of  these  data. 

The  applicability  of  the  CFD  codes  has  been  demonstrated  in  previews  investigations,  e.g.,  Refs.  8- 
11,  by  comparisons  of  the  predicted  results  with  flight  and  ground-test  data  and  with  predicted  results 
of  other  codes.  This  paper  presents  an  overview  of  an  extensive  number  of  such  investigations.  The 
comparisons  present  a  sound  approach  for  code  verification  and  in  addition  provide  the  opportunity  to 
assess  potential  errors  or  problems  associated  with  the  codes. 


COMPUTATIONAL  METHODS 

The  codes  used  by  the  Aerothermodynamlcs  Branch  of  the  Space  Systems  Division  at  the  NASA  Langley 
Research  Center  for  flowfleld  studies  are  reviewed  In  this  section.  One  of  the  functions  of  this  branch 
Is  to  develop  detailed  codes  which  can  be  used  to  study  various  technology  areas,  such  as  turbulent  flow, 
radiation,  reacting  chemistry,  low  density,  and  vehicle  geometry  effects,  on  the  aerothermal  environment 
about  an  entry  vehicle  and  to  assess  the  effect  of  these  technology  areas  for  various  missions.  In 
addition,  engineering  codes  which  are  based  on  various  levels  of  approximation  are  developed  to  assist 
researchers  in  conceptual  design  and  parametric  studies  of  proposed  missions.  We  will  briefly  describe 
the  engineering  and  detailed  codes  used  in  the  present  paper. 

ENGINEERING  CODES 

12 

MINIVER:  The  MINIVER  program  is  a  simple  engineering  code  that  can  be  easily  used  in  computer-aided 

design  systems  such  as  AVID.  ^  The  code  provides  a  menu  for  the  user  to  select  methods  to  compute  p(»t- 
shock  and  local  flow  properties  as  well  as  heating  rates.  The  stagnation-point  heating  is  computed  with 
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the  Fay-ftlddell  method;  the  local  laminar  values  are  confuted  by  the  Blasius  skin*f rlctlon  method 

with  Eckert  reference  enthalpy^^  to  account  for  compressibility  effects  and  a  modified  Reynolds  analogy; 

and  the  turbulent  heating  levels  can  be  computed  by  the  Schultz-Grunow  ^  skin-frlctlon  technique  with 

1 8 

reference  enthalpy  and  a  Reynolds  analogy  or  with  the  Spaldlng-Chl  skln-frictlon  method  and  a  Reynolds 
analogy.  In  addition,  several  boundary-layer  transition  criteria  are  provided.  The  calculations  can  be 
based  on  perfect  gas  or  equilibrium  air  chemistry,  Angle-of-attack  effects  are  simulated  by  a  tangent- 
cone  or  an  approximate  cross-flow  option,  and  the  flow  can  be  computed  for  two-  or  three-dimensional 
surfaces.  However,  the  three-dimensional  effects  are  available  only  through  use  of  the  Mangier 
transformation  (laminar  or  turbulent)  for  flat  plate  to  sharp  cone  conditions.  The  code  does  not  provide 
any  method  to  account  for  the  pressure  overexpansion  or  variable-entropy  effects  on  heat  transfer  along 
blunted  vehicles. 

INCHES:  The  INCHES  code^  Is  an  approximate  combined  Invlscid  and  boundary-layer  method  that  was 
initially  developed  for  engineering  calculations  of  inviscld  radiative  and  convective  heating  rates  for 

to 

planetary  missions.  The  code  uses  a  modified  Maslen  technique  and  computes  the  axisynnetrlc  zero 
degree  angle-of-attack  flowfield  over  paraboloids,  ellipsoids,  hyperboloids,  and  sphere-cones.  Variable 
entropy  can  be  included  by  using  local  inviscld  properties  located  a  boundary-layer  thickness  away  from 
the  body  surface.  The  code  uses  the  Cohen  stagnation-point  heating  method  and  Blasius  skin-frlctlon 
coefficient  based  on  momentum  thickness  with  Eckert  reference  enthalpy  and  a  modified  Reynolds  analogy  to 
compute  local  laminar  heating.  The  turbulent  heating  equation  also  employs  a  skin-frlctlon  expression 
based  on  a  momentum  thickness.  A  velocity  profile,  typically  given  by  the  one-seventh  power  profile,  is 
assumed  to  compute  the  required  exponents  and  constants  in  the  skin-frlctlon  relation.  However,  the 
power-law  velocity  profile  has  been  shown  to  be  a  function  of  the  moraentum-thlckness  Reynolds  number. 

This  dependence  has  been  incorporated  In  the  INCHES  turbulent  heating  method.  The  study  of  Ref.  6 

20 

Incorporated  angle-of-attack  effects  (crossflow)  based  on  the  DeJarnette  and  Davis  method  in  the 
heating  calculations  over  the  windward  and  leeward  synnetry  planes  of  sphere-cones.  At  angle  of  attack, 
the  inviscld  shock  shape  and  flowfield  are  computed  based  on  the  equivalent  cone  value.  With  the 
available  experimental  data,  the  comparisons  of  predicted  results  and  data  were  good.  However,  a  recent 

Investigation®  has  shown  that  this  technique  for  accounting  for  angie-of-attack  effects  on  the  laminar 
heat  transfer  is  not  satisfactory  for  slender  blunted  cones  at  small  angles  of  attack,  e.g.,  a  5*  cone  at 
3®  angle  of  attack. 
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LISCi  An  approximate  method  has  been  developed  for  predicting  laminar  and  turbulent  heating  rates  on 
the  windward  side  of  the  Space  Shuttle  Orblter.  The  method  is  based  on  a  "local  infinite  swept  cylinder" 
(LISC)  analysis  and  Includes  both  equUlbrlum-alr  chemistry,  variable  boundary-iayer-edge  entropy,  and 
lateral  velocltygradient  correlations.  The  three-dimensional,  compressible  turbulent  boundary-layer 
equations  are  solved  In  terras  of  time-average  mean  flow  quantities.  Following  an  infinite  swept  cylinder 
22 

analysis,  the  flow  direction  derivatives  are  assumed  to  be  smaller  than  the  normal  or  the  lateral 
derivatives  and  thus  can  bo  be  neglected.  Further,  if  surface  curvature  effects  are  neglected,  the 
boundary-layer  equations  describing  the  flow  at  an  axial  station  can  be  solved  along  a  given  cross 
section  independent  of  other  cross  sections.  The  surface  pressure  at  any  point  along  the  windward- 
symmetry  plane  of  the  Shuttle  Orblter  is  calculated  using  a  tangent-cone  approximation  where  the  half 
angle  of  the  cone  la  equal  to  the  local-flow-defleotlon  angle  (l.e.,  the  looal-body-deflectlon  angle  plus 
the  angle  of  attack).  The  real-gas,  axisymmetrlc,  flowfield  solution  over  a  cone  is  obtained  using  a 

time-asymptotic,  numerical  procedure  with  equilibrium  thermodynamic  properties, 

DETAILED  METHODS 

Direct  Simulation  Monte  Carlo 


In  the  Direct  Simulation  Monte  Carlo  (DSMC)  method,  the  Interraolecular  collisions  are  considered  on 
a  probabilistic  rather  than  a  deterministic  basis.  Furthermore,  the  real  gas  is  modeled  by  thousands  of 
simulated  molecules.  The  velocity  components,  internal  states,  and  position  coordinates  of  these 
molecules  are  stored  and  are  modified  with  time  as  the  molecules  are  concurrently  followed  through 
representative  collisions  and  boundary  interactions  In  simulated  physical  space.  The  time  parameter  in 
the  simulation  may  be  identified  with  physical  time  In  the  real  flow,  and  all  calculations  are  unsteady. 
When  the  boundary  conditions  are  such  that  the  flow  is  steady,  then  the  solution  is  the  asymptotic  limit 
of  the  unsteady  flow.  The  computation  is  always  started  from  an  Initial  stat«j  that  permits  an  exact 
specification  such  as  a  vacuum  or  uniform  equilibrium  flow.  A  dlscuse’on  of  the  "variable  hard  sphere" 
(VHS)  molecular  model,  the  recommended  model  for  the  simulation  of  gases  in  an  engineering  context,  Is 
given  In  Ref.  24.  Of  particular  relevance  is  the  discussion  of  the  models  that  account  for  Internal 
energy  effects  and  chemical  reactions, 

Navier-Stokes 


2 

SLNS;  The  Steady  Navier-Stokes  (NS)  equations  are  solved  along  the  stagnation  streamline  of  a  blunt 
axisymmetrlc  body  by  integrating  a  set  of  coupled  nonlinear  ordinary  differential  equations  with  respect 
to  distance  normal  to  the  body  Solution  to  the  nonlinear  algebraic  equations  resulting  from  a  finite- 
difference  approximation  of  differential  equations  is  obtained  by  a  numerical  method  known  as  the 
successive  accelerated  replacement  method.  In  this  method,  the  corrections  applied  to  the  unknown 
variable  at  each  of  the  mesh  points  are  controlled  by  an  acceleration  factor  which  prevents  the  iteration 
scheme  from  diverging.  The  name  successive  replacement  for  the  method  comes  from  the  fact  that  new 
values  are  used  as  soon  as  they  are  obtained.  The  method  employs  an  eleven-species  kinetics  model  for 
air  with  a  wall  of  arbitrary  catalyticlty.  The  thermodynamics  and  transport  properties  for  air  are 
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employed  to  temperatures  of  30,000  K.  The  flowfield  equations  are  coupled  to  an  equilibrium  radiation 
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model,  and  an  approximate  electron  energy  equation  is  used  for  the  electron  temperature.  Solutions 
obtained  with  this  method  Include  surface  slip  boundary  conditions. 

LAURA;  Program  LAURA^^  (Langley  Aerothermodynamics  Upwind  Relaxation  Alg(^ithm)  is  used  to  solve  the 
fully  coupled  set  of  governing  equations  using  a  finlte**'Voluffl6,  symmetric'total'variation'dlminlshing 
scheme.  The  equation  set  includes  the  Navier-Stokes  equations,  eleven-specles  continuity  equations,  a 
total  energy-  conservation  equation,  and  a  vibrational/electronic  energy  conservation  equation.  The 
translational  and  rotational  energy  modes  are  assumed  to  be  in  equilibrium  at  temperature  T,  and  the 
vibrational  and  electronic  modes  are  in  equilibrium  at  temperature  T^.  Flow  simulations  using  the  two* 

temperature  model  have  been  implemented  for  the  forebody  alone  and  for  the  complete  flow  including  the 
near  wake  for  the  Aeroasslst  Flight  Experiment  (AFE)  configuration  (Fig.  1).  A  two-dimensional  or 
axisymmetric  flow  option  has  been  added  to  enable  relatively  quick  parametric  studies  of  the  various 
kinetic  and  relaxation  models  available  in  the  code.  Two  different  kinetic  models  are  available  as  well 
as  some  options  for  defining  the  mechanisms  for  vibrational  energy  relaxation. 

Vi scous- Shook-Layer 


The  Viscous-Shock-Layer  (VSL)  method  has  been  widely  used  during  the  last  decade  for  numerical 
solutions  of  hypersonic  flows  over  a  range  of  body  shapes  and  freestream  conditions.  Because  of  the 
simplicity  of  the  technique,  many  physical  models  have  been  Incorporated  into  VSL  codes  for  further  in- 
depth  study  of  detailed  flowfield  calculations.  The  VSL  method  has  been  applied  to  planetary  entry 

bodies  with  massive  ablation  and  radiatlon,^^  to  slender  vehicles  with  transitional  and  turbulent  flow,^° 
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and  to  complex  reentry  vehicles  with  nonequilibrium  chemistry.  *  The  VSL  approach  has  received  much 
attention  because  of  the  computational  advantages  it  offers.  The  VSL  equatio:»d  are  obtained  from  the 
Navler-Stokes  equations  by  retaining  terms  through  the  shock  layer  up  to  second  order  in  the  Inverse 
square  root  of  the  Reynolds  number.  Parabolic  approximations  are  ":ade  in  both  the  streamwlse  and 
crossflow  directions,  and  the  equations  can  be  solved  by  marcMiig  techniques  which  are  efficient  in  terms 
of  computer  time  and  storage  requirements.  The  VSL  method  Is  easier  to  apply  than  a  matched  boundary- 
layer  and  Invlscld  method  since  no  coupling  problem  exists  between  Invlscid  and  viscous  regions.  The 
equations  are  limited,  however,  to  attached  flow  in  both  the  streamwlse  and  crossflow  directions,  unlike 
some  higher  approximations. 

A  three-dimensional  vlscous-^hock-layer  code  was  developed^®  In  a  nonorthogonal  coord Inate -system 
which  allowed  the  analysl.-^  '•f  nonaxlsymmetrlc  bodies  and  was  extended  to  include  equilibrium  air  and 
turbulent  flow  models.  Subsequent  study  indicated  the  need  for  modifications  and  corrections,  and  the 

u 

resulting  version  has  been  redesignated  as  VSL84,  A  nonequilibrium  version  (SHTNEQ)  of  the  code  was 
develop  :  2'^^  and  also  was  subsequently  modified. 

Invlscid 


The  methodology  and  structure  of  the  KALIS  (High  Alpha  Invlscid  Solution)  code  are  presented  In 
detail  in  Ref,  32.  Briefly,  the  code  is  a  time-asymptotic  solution  of  the  Euler  equations  which  utilizes 
an  unspllt  MacCorraack  differencing  scheme.  The  solution  space  is  the  volume  between  the  body  surface  and 
the  bow-shock  wave  which  Is  treated  as  a  time-dependent  boundary  condition.  This  leads  to  a  coordinate 
system  defined  by  the  position  of  the  bcw  shock  and  body  as  well  as  the  spatial  derivatives  along  these 
surfaces,  A  spherical  coordinate  system  Is  used  to  describe  the  blunt  nose-cap  region  of  the  flowfield, 
while  a  cylindrical  coordinate  system  is  used  for  the  rest  of  the  flowfield.  For  very  blunt  vehicles, 
e.g.,  the  AFE  configuration  (Fig.  1),  a  spherical  coordinate  system  Is  used  for  the  entire  Invlscid 

flowfield  solution. The  KALIS  code  was  written  for  use  on  the  CDC  Cyber  203,  a  vector  processing 
computer. 

For  the  Shuttle  results  presented  in  this  paper,  the  KALIS  code  was  configured  in  the  following 
manner.  There  are  a  total  of  1^*5  planes  down  the  vehicle,  15  in  the  spherical  coordinate  system,  and  130 
in  the  cylindrical  coordinate  system.  There  are  39  planes  around  the  body  which  Include  two  rays  of 
information  reflected  across  the  upper  and  lower  symmetry  planes,  and  there  are  15  points  located  along 
each  ray  between  the  body  and  bow-shock  wave, 

Boundary-Layer 


The  AA3DBL  (Axisymmetric  Analogue  for  3-Dlmen3ional  Boundary  Layer)  code  was  developed  following 

the  procedure  of  Cooke.  Therefore,  the  general  three-dimensional  boundary-layer  equations  are  first 
written  In  a  streamllne-orlent#*d  cooiulnate  system.  If  the  crossflow  velocity  in  the  boundary  layer  is 
neglected,  the  boundary-layer  equations  reduce  to  the  same  form  as  for  axisymmetric  flow,  provided  that 
distance  along  a  steamline  is  interpreted  as  distance  along  an  equivalent  axisymmetric  body  and  that  the 
metric  coefficient  that  describes  the  spreading  of  streamline  is  Interpreted  as  the  radius  of  an 
equivalent  axisymmetric  body.  This  greatly  simplifies  the  viscous  problems  and  means  that  approximate 
three-dimensional  heating  rates  on  a  body  can  be  computed  along  IrdlvlduTl  streamlines  independent  of 
what  happens  along  other  streamlines. 

With  the  axisymmetric  analogue,  any  axisymmetric  boundary-layer  method  can  be  applied  along  an 
Invlscid-surface  streamline  to  obtain  an  approximate  three-dimensional  boundary-layer  solution.  For  many 
aerothermal  studies,  surface  heating  rates  are  the  primary  objective,  and  while  these  heating  rates  could 
be  obtained  from  a  finite-difference  solution  of  the  full  axisymmetric  boundary-layer  equations,  this  is 
unnecessary  because  very  accurate  results  for  both  laminar  and  turbulent  flow  can  be  obtained  more  easily 

from  approximate  heating  relations. The  heating  results  can  be  obtained  at  only  a  fraction  of  the 
computational  effort  required  for  a  full  boundary-layer  solution. 
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Invlscld'3urface  streamline  paths  and  the  metric  coefficient  associated  with  the  spreading  of  the 
streamlines  are  needed  in  the  application  of  the  axisymmetrlc  analogue.  Previous  approaches  using  a 

known  surface  pressure  distribution^^  were  found  to  be  unsatisfactory  except  for  relatively  simple  cases 
such  as  sphere  cones.  (For  a  further  discussion  of  this  problem,  see  Refs.  5,  7,  and  8.)  The  reason  can 
be  traced  to  the  fact  that  the  streamline  metric  calculations  require  first  and  second  derivatives  of  the 
pressure.  When  these  derivatives  were  calculated  by  finite-difference  techniques,  they  proved  to  be 
inaccurate  In  many  cases.  A  better  approach  is  to  use  invlsc id-surface  velocity  components,  when  they 
are  available,  to  perform  the  streamline  and  metric  computations.  This  approach  requires  only  the  first 
derivatives  of  the  velocity  components,  and  they  can  be  generated  numerically  more  accurately  than  secc^id 
derivatives. 
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For  the  AA3DBL  technique,  the  velocity  components  should  be  calculated  by  an  accurate  three- 

dimensional  flowfield  solution  such  as  HALTS. Boundary-layer  edge  properties  are  obtained  by 
interpolating  in  the  Inviscid  flowfield  at  a  distance  equal  to  the  boundary-layer  thickness  away  from  the 
wall.  An  initial  assumption  is  made  for  the  boundary-layer  edge  properties  (usually  equal  to  the  wall 
values),  and  then  the  solution  is  Iterated  until  the  assumed  values  for  the  edge  properties  are  equal  to 
the  calculated  values. 


EXPERIMENTAL  DATA 

Experimental  data  which  were  measured  on  flight  vehicles  are  discussed  in  this  section.  The  data 
were  obtained  over  a  wide  range  of  vehicle  configurations  (Fig.  1)  and  freestream  conditions.  A  brief 
discussion  of  the  vehicle  geometry,  experimental  technique,  and  prime  data  period  for  each  of  the  flight 
tests  is  presented.  A  discussion  of  a  ground-test  model,  test  conditions,  and  the  corresp^ding  data  is 
also  presented  since  this  model  represents  a  possible  near-term  flight  project,  the  Aeroassist  Flight 
Experiment  (AFE). 

REENTRY  F  FLIGHT  TEST 

Laminar,  transitional,  and  turbulent  heating  data  were  measured  on  a  slender  conical  body  during 

free  flight.-’  This  flight  experiment,  known  as  Reentry  F,  was  performed  in  1968  to  provide  accurate 
measurement  of  turbulent  heating  rates  on  a  nearly  sharp  conical  vehicle  In  regions  where  Mach  number, 
Reynolds  number,  freestream  enthalpy,  and  ratios  of  wall-to-total  temperature  could  not  be  obtained  by 
ground-based  experiments.  The  Reentry  F  vehicle  (Pig.  1)  was  a  spherically-blunted  cone  with  a  half 
angle  (6^)  of  5®  and  was  13  ft  In  length  with  an  Initial  nose  radius  of  0.1  inch.  A  graphite  nosetlp 

extended  for  the  first  7.69  Inches  followed  by  a  conical  beryllium  frustrum.  Temperature  measurements 
were  obtained  for  the  prime  data  period  at  altitudes  between  120,000  and  60,000  ft  at  a  freestream  Mach 
r  jnber  of  approximately  20.  These  temperature  data  were  reduced  to  heating  rates  and  compared  with  data 
generated  by  existing  prediction  techniques.  In  addition,  the  measurements  provided  experimental 

information  on  hypersonic  boundary-layer  transition^®  in  the  flight  environment.  Today,  after  nearly  20 
years,  these  data  continue  to  hold  importance  for  the  same  reasons.  They  are  useful  for  comparison  of 
prediction  techniques,  and  practical  application  of  transition  criteria  continues  to  be  of  primary 
Importance  since  transition  to  turbulence  affects  both  thermal  design  and  aerodynamic  performance. 

SHUTTLE  FLIGffT  DATA  SYSTEM 

Through  its  first  five  flights,  the  Space  Shuttle  Orblter  had  a  data  acquisition  system  to  record 
the  surface  pressures  and  temperatures  on  the  vehicle  through  both  the  ascent  and  descent  phases  of  its 
flights.  The  development  flight  instrumentation  (DFI)  system  consisted  of  a  matrix  of  pressure 
transducers  and  thermocouples  covering  the  surface  of  the  vehicle. 

The  pressure  transducers  were.  In  general,  sized  for  the  pressure  levels  expected  during  the  peak 
heating  phase  of  the  reentry  trajectory,  which  limited  the  availability  of  some  pressure  data  during  the 
latter  portion  of  the  reentry.  In  general,  15-psla  and  150-psf  transducers  provided  pressure  data 
through  the  entire  reentry  over  the  range  of  Mach  number  and  angle  of  attack  of  interest  (M^  ^  6  and 

25*  ^  o  £  **5*),  whereas  the  data  from  the  75-psf  gauges  are,  with  some  exceptions,  only  available  for  M^ 

>  15.  The  only  complete  sets  of  pressure  data  are  from  the  third  (STS-3)  and  fifth  (STS-5)  Shuttle 
flights.  The  reduction  and  analysis  of  the  flight  pressure  data  follow  the  procedures  outlined  in 
Ref.  39. 


Thermocouples  which  were  mounted  within  the  thern»al  protection  system  (TPS)  and  in  thermal  contact 
with  the  surface  coating  were  located  at  over  200  vehicle  surface  locations.  The  measurements  provide 
time  histories  of  TPS  surface  temperature  throughout  the  entry  and  are  the  basis  for  the  determination  of 
convective  heating  rates.  The  measured  temperature-time  histories  were  smoothed  and  subjected  to  an 
interactive  review  process  to  assure  that  the  smoothed  data  provide  an  accurate  representation  of  the  raw 

uo 

temperature  data.  An  inverse,  one-dlmenstonal,  transient  heat-transfer  analysis  was  used  to  determine 
the  convective  heating  rate  to  the  TPS  surface.  The  lo^jortance  of  using  the  transient  analysis  to 
compute  the  convective  heating  rate  rather  than  assuming  a  radiation  equilibrium  condition  was 
demonstrated  at  trajectory  times  when  the  heating  level  was  low,  e.g.,  early  In  the  trajectory  or  late  in 
the  trajectory  when  the  convective  flux  was  less  than  the  surface  reradlative  cooling  term.  Also,  the 
radiative  equilibrium  assumption  was  not  adequate  for  conditions  when  some  transient  phenomenon  such  as 
boundary-layer  transition  Influenced  the  vehicle  aerothermodynamics.  The  impact  on  the  confuted 
experimental  heating  rates  due  to  uncertainties  in  parameters,  such  as  the  thermal  properties  of  the  TPS, 
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the  surface  emittance,  teoqierature  measurements,  and  the  thermocouple  depth  location,  was  Investigated. 
Such  uncertainties  were  reported  to  contribute  a  ±  10  pw'cent  error  in  the  measured  heating  rates. 


FIRE  II  DATA 

The  Fire  II  vehicle,  launched  In  1965,  was  used  to  measure  the  radiative  heating  and  the  total 
(convective  plus  absorbed  radiative)  heating  to  a  blunt^nose  body  at  an  entry  velocity  of  approximately 
U2  4^ 

36,100  fps.  '  ^  The  forebody  configuration  was  a  truncated  hemispherical  shape  with  a  small  corner 
radius  (Fig,  1)  and  had  a  layered  heatshteld  composed  of  three  beryllium  layers  with  each  backed  by 
phenolic  asbestos,  Heatshields  1  and  2  were  ejected  during  the  entry  to  expose  a  clean,  non-melted 
surface  for  the  next  data  period.  The  dimensions  of  the  heatshields  were  smaller  from  heatshleld  1  to  3. 
Heating  data  were  measured  at  several  locations  around  the  body,  but  the  present  work  considers  only  the 
data  measured  at  the  centerline  location.  The  vehicle  entered  at  an  angle-of -attack  of  zero  degrees; 
thus,  the  centerline  location  was  the  flow  stagnation  point. 
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Two  types  of  radiometers  were  used  to  measure  the  radiative  heating.  A  total  radiometer 
(thermopile)  measured  the  radiative  Intensity  in  the  0.2  to  6.2  eV  range,  limited  by  the  quartz  window. 

A  ?p^''tral  radl^'T.eter  measured  the  epectrai  Intensity,  which  was  then  Integrated  t'  provide 
intensity  in  the  2  to  4  eV  interval.  Only  the  data  for  the  0.2  to  6.2  eV  range  are  discussed  In  the 
present  paper.  The  error  band  for  the  intensity  data  was  estimated  to  be  ±  20  percent. 

Thermocouples  were  installed  in  the  beryllium  layers  allowing  the  layers  to  be  used  as  calorimeters 
tnat  measured  the  total  heating  rate;  that  Is,  the  sum  of  the  convective  heating  rate  and  the  absorbed, 
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radiative  heating  rate.  The  maximum  measured  value  was  1000  Btu/ft  -sec,  and  the  estimated  error  was 
2 

±  44  Btu/ft  -sec  at  this  maximum  value. 

The  Fire  II  data  were  categorized  in  prime  data  periods  for  each  heatshleld;  that  Is,  dat*  'Obtained 
at  times  when  the  outer-surface  temperatures  of  the  quartz  or  beryllium  were  calculated  to  net  interfere 
with  the  measurement  and  to  be  below  the  melt  point.  The  prime  data  period  of  Intensity  measurements  for 
heatshields  2  and  3  was  less  than  0.5  seconds.  Anomalies  seen  in  the  data  are  explained  in  terms  of 
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melting  of  the  materials,  exposure  of  the  phenolic  asbestos,  and  ejection  of  the  heatshields. 

AFE  (GROUND-TEST  DATA) 

For  future  opportunities  in  near  and  far  space,  a  new  family  of  vehicles,  known  as  aeroassist 
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vehicles,  has  been  proposed,  Walberg  has  reviewed  several  aeroassist  vehicle  concepts.  These  vehicles 
will  typically  operate  in  the  upper  reaches  of  the  atmosphere  at  higher  velocites  than  those  usually 
encountered  by  reentry  vehicles.  The  aerodynamic  characteristics  of  these  vehicles  will  be  used  to 
execute  orbital  maneuvers  associated  with  their  mission  and  to  reduce  the  amount  of  propellant  required 
to  make  these  orbital  changes.  An  aeroassist  vehicle  of  current  interest  is  the  aeroassisted  orbital 
transfer  vehicle  (AOTV),  which  will  be  used  to  transfer  payloads  from  low-to  hlgh-Earth  orbit  and  back. 

For  a  better  understanding  of  the  flowfields,  surface  pressures,  heating  distributions,  and 
aerodynamics  of  such  vehicles,  a  flight  experiment  has  been  proposed  by  research  organizations  within 
NASA  and  Is  called  the  Aeroassist  Flight  Experiment  (AFE).  Of  the  numerous  body  shapes  initially 
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proposed  for  this  vehicle,  a  configuration  developed  by  the  NASA  Johnson  Space  Center  has  been  selected 
for  the  flight  project.  The  AFE  body  (Fig.  1)  is  generated  by  a  60®  elliptic  cone  which  has  been  raked 
off  at  a  75®  angle.  The  nose  Is  an  ellipsoid  which  is  tangent  to  the  cone  at  all  points  of  their 
intersection.  The  forebody  Is  Jointed  to  a  skirt-type  afterbody  which  reduces  the  flow  expansion  near 
the  base  of  the  cone  and  also  reduces  the  heating  in  this  region. 

The  success  of  the  AFE  project  will  depend  on  a  number  of  factors,  including  the  proper  placement  of 
Instrumentation  on  the  vehicle  surface  and  the  ability  to  fly  tJie  maximum  science  weight.  Both  rf  ^.hese 
factors  are  directly  Impacted  by  the  accuracy  of  the  aerodynamic  data  base  through  ^he  rieterminatlon  of 
two  parameters:  (1)  trim  angle  of  the  vehicle  and  thus  the  location  of  the  stagnation  point  on  the 
surface  and  (2)  pitching  moment  characteristics  which  will  determine  what,  If  any,  active  control  system 
will  be  required  to  stabilize  the  vehicle. 

Data,  from  three  ground-based  test  facilities  located  at  the  Langley  Research  Center,  have  been 
obtained  to  provide  an  understanding  of  the  effects  of  these  parameters  on  the  AFE  vehicle.  The 
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Hypersonic  Helium  Tunnel  Facility  provides  a  test  stream  with  a  ratio  of  specific  heats  (T)  of  1.667  at 
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a  nominal  Mach  number  of  20.  The  3'''Inch  Mach  10  Tunnel  has  a  Y  •  1.4  at  a  nominal  Mach  number  of  10. 
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The  Hypersonic  CFj^  Tunnel,  which  utilizes  tetrafluoromethane  (Freon  14)  to  simulate  the  low-T  effects 

of  real  air,  provides  a  nominal  freestream  Mach  nuntoer  of  6.  The  model  was  tested  in  each  of  the  three 
ground-based  facilities  through  the  angle-of-attack  range  -10®  <  a  <  10®.  The  same  balance  was  used  in 
each  facility  to  maintain  consistency  In  the  data  measurement.  ” 


COMPARISON  OF  PREDICTIONS  WITH  EXPERIMENTAL  DATA 

In  this  section  of  the  paper,  highlights  from  Investigations  which  compare  results  of  the  previously 
discussed  flowfleld  codes  and  experimental  data  are  presented.  These  comparisons  of  predicted  results 
and  experimental  data  are  presented  primarily  at  fll^t  conditions.  Thus,  the  chance  to  assess  the  real- 
gas  chemistry  capabilities  In  a  code  is  provided  with  the  comparisons.  Such  an  opportunity  is  not 
typically  available  with  ground-test  results.  However,  all  of  these  codes  have  been  compared  with 
ground-test  data  measured  on  models  of  the  flight  vehicles,  with  other  available  ground-test  data,  and 
with  results  of  other  CFD  codes. 


P16-6 


The  comparisons  will  be  presented  for  the  Reentry  F  vehicle,  the  Shuttle  Orblter,  the  Fire  II 
vehicle,  and  the  AFB  model,  respectively.  This  order  provides  a  review  of  aerothermal  comparisons  for 
slightly  blunted  slender  vehicles,  for  a  complex  blunted  winged  vehicle,  amd  then  for  very  blunt  bodies. 

REENTRY  F 

Figures  2*4  contain  comparisons  of  flight  data  amd  heating^rate  predictions  using  a  detailed 
vlscous*'Shock-layer  code  and  engineering  codes  for  two  Reentry  F  trajectory  points.  Equilibrium  air 
chemistry  was  used  in  all  of  the  calculations.  Figure  2  presents  heatlng*rate  data  at  an  altitude  of 
120,000  ft  with  a  freestream  Mach  number  of  19.25.  The  flow  in  this  case  was  laminar  over  the  entire 
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vehicle,  amd  angle  of  attack  was  approximately  zero.  The  comparison  between  experiment  and  VSL3D 
prediction  shows  agreement  within  10  percent.  The  heating  distribution  computed  usir^  the  INCHES  code^ 

Is  also  In  similar  agreement. 

Figures  3  and  4  ^how  the  experimental  heating-rate  data  compared  with  the  VSL3D  and  engineering  code 
predictions,  respectively,  for  a  trajectory  point  at  80,000  ft.  The  Mach  number  remained  near  20  for 

this  case,  but  a  small  angle  of  attack  (0.14®)  existed  for  the  flight  vehicle.  In  the  MINIVER  code,'^ 
the  equlvalent'Cone  approximation  was  used  to  account  for  the  pitch.  Such  a  simplifying  approximation  in 
the  MINIVER  solutions  Is  adequate  In  this  case  but  will  not  be  accurate  at  larger  angles  of  attack.  The 
data  and  predictions  shown  In  Figs.  3  and  4  are  for  the  most  leeward  plane  (the  primary  thermocouple 
ray).  The  data  show  that  boundary-layer  transition  occurred  about  halfway  down  the  vehicle,  and  for  the 

present  calculations,  the  transition  location  was  taken  at  the  reported  distance.'^  In  Fig.  3.  the 
overall  agreement  between  heating  data  and  predicted  results  Is  excellent  except  In  the  transition 
region. 

Figure  4  presents  laminar  and  turbulent  heating-rate  predictions  using  the  INCHES  and  MINIVER  codes 
for  the  same  conditions  shown  In  the  previous  figure.  Both  engineering  codes  assume  instantaneous 
transition  for  this  comparison.  As  shown,  the  INCHES  prediction  Is  in  good  agreement  (within  10  percent) 
with  both  the  laminar  and  fully  turbulent  data.  The  laminar  heating  method  In  MINIVER  also  yields 
results  In  good  agreement  with  the  data.  After  transition,  the  results  of  two  turbulent  heating  methods 
used  in  MINIVER  are  compared  with  the  data.  The  first,  based  on  the  Schultz-Gruncw  sk In-frlctlon 
relation.  Is  In  very  good  agreement  with  the  data.  Conversely,  the  Spalding  and  Chi  skin-f rlctlon 
relation  results  In  turbulent  heating  rates  15  to  20  percent  lower  than  the  data.  Similar  results  have 
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been  noted  for  the  Spalding  and  Chi  relation  in  other  codes. 

SHUTTLE  ORBITER 

The  comparisons  of  predicted  results  and  Shuttle  data  are  shown  first  for  results  typical  of 
published  invlscld  analyses.  The  pressure  coas>arl3on3  are  shown  because  the  data  were  important  In 
understanding  the  aerodynamic  behavior  of  the  Shuttle  entry  and  because  the  Inv Isold  code  results  were 
necessary  for  boundary-layer  calculations.  Next,  the  nonequilibrium  flow  results  based  on  the  low- 
density  (^  300,000  ft)  data  are  presented.  Then,  the  remaining  nonequilibrium  results  representative  of 
aUltudes“from  approximately  250,000  ft  to  160,000  ft  are  presented,  Finally,  comparisons  are  presented 
typical  of  lower  altitude  results  that  Illustrate  capabilities  to  predict  off-centerline,  lower  wing  and 
turbulent  heating  data. 

Shuttle  Invlscld  Results 


The  flight  data  point,  -  21,6,  was  chosen  for  comparison  because  the  SrS-3  and  STS-5  entry 

trajectories  were  coincident  at  this  point,  providing  two  sets  of  flight  data.  At  these  high  Mach 
numbers,  real-gas  effects  become  important.  Thus,  both  a  perfect  gas  and  an  effective  Y  solution  have 
been  computed  using  the  HALIS  code  for  comparison  with  flight  data.  (The  effective  Y  Is  the  perfeot-gas 
value  required  to  compute  the  same  shock  density  ratio  as  obtained  for  a  given  equllibrlum-air 
condition. ) 

The  centerline  pressure  distribution  is  shown  In  Fig.  5,  where  both  perfect  gas  and  effective  Y 
HALIS  solutions  have  been  plotted  along  with  the  STS-3  and  STS-5  flight  data.  The  two  HALIS  solutions 
are  similar  up  to  an  x/L  value  of  0.5,  except  for  the  stagnation  region  which  is  poorly  detailed  in  this 
figure.  (For  detailed  plots  of  pressure  distributions  in  the  stagnation  region,  see  Ref.  50.)  However, 
for  x/L  >  0.5,  the  Y^  -  1.18  solution  produces  a  lower  pressure  level  along  the  centerline  with  the 

greatest  effect  occurring  in  the  expansion  region  on  the  aft  end  of  the  vehicle.  The  computed  solutions 
are  In  good  agreement  with  the  flight  data.  At  this  Mach  number,  pressure  sensors  located  on  the 
centerline  just  upstream  of  and  on  the  body  flap  are  not  yet  saturated.  These  pressures  have  also  been 
plotted  on  Fig.  5.  In  Figs.  6(a>-6(e),  the  chordwlse  pressure  distributions  on  the  lower  surface  of  the 
wing  are  compared  with  the  flight  di*ta  at  spanwlse  locations  of  0.4,  0.5,  0.6,  0.7,  and  0.8.  In  all  of 
these  figures,  the  real-gas  effects  have  a  large  impact  on  the  pressure  distributions  over  the  wing 
surface,  and  the  flight  data  strongly  support  the  results  of  the  effective  Y  HALIS  solution.  At  this 
flight  condition,  the  STS-3  eleven  deflection  is  approximately  5®  whereas  the  deflection  Is  only  2®  for 
STS-5. 

Shuttle  Nonequlllbrlum  Results 


The  DSMC  calculations  for  the  flow  past  an  axisyometric  representation  of  the  windward  centerline  of 
the  Space  Shuttle  Orblter  over  an  altitude  range  of  300,000  to  500,000  ft  are  presented  In  Ref.  1.  The 
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DSMC  results  were  compared  with  similar  results  based  on  a  VSL  code  (HYVIS  )  and  a  NS  method  (SLNS  ). 
Results  of  those  comparisons  are  presented  In  Fig.  7  in  terms  of  the  heat-transfer  coefficient,  C^j,  (C^  - 

2q/p^U^),  where  q  la  the  heat-transfer  rate  and  and  are  the  freestream  density  and  velocity, 
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respectively,  versus  the  overall  Knudsen  number.  The  DSMC  numerical  simulations  used  a  five-species 
model  for  air  (O2.  Mg,  0,  N,  and  MO)  and  a  noncatalytic  wall  at  temperatures  corresponding  to  the  flight 

measured  values.  For  the  DSMC^  calculations,  the  wall  was  also  assumed  to  be  diffuse  with  full  thermal 
accomtftodatlons.  At  an  altitude  of  300,000  ft,  the  heat -transfer  coefficient  computed  by  both  DSMC  and 
KYVIS  are  in  good  agreement  with  the  Orblter  flight  data.  However,  as  the  altitude  increased,  the  HYVIS 
results,  without  slip  boundary  conditions,  began  to  depart  rapidly  from  the  DSMC  results  for  values 

greater  than  O.03.  (The  Is  the  ^"eestream  mean-free  path  length,  and  the  nose  radius,  r^,  was  used  as 

4.25  ft  for  the  calculations  at  300,000  ft).  Results  of  more  recent  continuum  calculations^"  using  the  NS 
equations  for  the  stagnation  streamline  (SLNS)  have  been  compared  with  DSMC  data  for  altitudes  of  300,000 
to  400,000  ft  fhoffl  0.028  to  1.22),  and  the  agreement  Is  good  for  the  conditions  over  which  the 

comparisons  are  made.  Even  though  all  three  numerical  methods  are  in  agreement  with  respect  to 
stagnation-point  heat  transfer  at  an  altitude  of  300,000  ft,  the  investigation  of  Ref.  1  shows  that  there 
are  substantial  differences  in  the  flowfleld  structure,  and  these  differences  increase  with  increasing 
rarefaction.  The  calculations  of  Ref.  1  show  that  the  flowfleld  disturbance  extends  a  greater 

distance  upstream  of  the  body;  that  is,  the  shock  wave  is  of  the  same  order  of  thickness  as  the  shock 
layer.  The  inability  of  the  NS  equations  to  properly  describe  the  shook  structure  is  not  surprising, 
since  investigators  (e.g.,  Ref.  51)  have  shown  that  the  NS  equations  do  not  adequately  describe  the 
structure  of  strong  planar  shock  waves  for  Mach  numbers  greater  than  approximately  2. 

The  results  of  the  calculations  shown  in  Fig.  7  are  in  good  agreement  with  the  flight  heating-rate 
data  up  to  an  altitude  of  300,000  ft.  With  increasing  altitude,  the  agreement  between  flight  and 
calculated  heating  becomes  progressively  poorer.  While  the  DSMC  calculated  heat-transfer  coefficient 
asymptotically  approaches  a  value  of  1.0  for  large  Knudsen  numbers,  the  flight  data  results  never  reach  a 
value  much  greater  than  0.22.  If  an  energy  accommodation  coefficient  less  than  1.0  is  assumed,  the 
agreement  is  improved,  but  the  discrepancy  cannot  be  totally  resolved  with  realistic  values  of  the 
accommodation  coefficient.  The  reason  for  the  experimental  trend  with  increasing  Knudsen  number  is  not 
known  at  present.  However,  two  areas  of  concern  are  obvious:  one  being  the  accuracy  of  the  flight 
heating  values  at  low  heating  conditions  and  the  second  being  that  some  event  may  have  occurred  in  flight 
that  has  not  been  included  in  the  Monte  Carlo  simulation.  The  accuracy  of  the  flight  heating  data  is 
discussed  in  detail  in  Ref.  40.  Therefore,  If  it  is  assumed  that  the  thermocouple  measurements  and  the 
heating  rates  deduced  from  those  measurements  are  reasonably  accurate,  then  the  question  arises  to  the 
cause  of  the  apparent  low  heating  values  for  Knudsen  nunA>^3  of  the  order  of  0.1  and  greater.  Two  events 
that  would  produce  lower  heating  values  are  mass  addition  to  the  flowfleld  and  the  lack  of  full  thermal 
accommodation.  If  there  is  any  outgasslng  as  the  orblter  encounters  the  onset  of  the  heating  pulse,  then 
this  would  reduce  the  heating.  It  should  be  noted  that  a  fuel  dump  occurred  prior  to  entry  with  fuel 
from  the  reaction  control  jets  in  the  nose  region  being  ejected  forward  of  the  orblter.  The  effect  of 
mass  addition  was  not  considered  in  the  present  calculations;  however,  the  effect  of  the  surface 
reflection  model  was  examined. 

For  the  altitude  range  from  approximately  250,000  to  160,000  ft,  the  experimental  wall  temperature 
measurements  and  resulting  heat-transfer  rates  obtained  during  the  first  flights  of  the  Space  Shuttle 
9.52-54 

have  been  demonstrated  to  be  lower  than  predicted  equilibrium  values  at  least  over  the  first  40 

percent  of  the  Shuttle  length  and  for  much  of  the  altitude  range  of  interest.  The  flight  data  from  the 

Catalytic  Surface  Experiment  (CSB),^^  which  was  a  Space  Shuttle  Orblter  experiment  by  NASA  Ames  Research 
Center,  have  verified  that  the  lower  rates  can  be  attributed  primarily  to  the  relatively  noncatalytic 
nature  of  the  TPS  and  not  to  unknowns  in  freestream  or  flowfleld  quantities  and  that  some  degree  of 
nonequilibrium  flow  persists  to  altitudes  as  low  as  160,000  ft. 

The  importance  of  finite  catalytic  surface  effects  (surface  reaction-rate  coefficient  or  energy- 
transfer  recombination  coefficient)  on  the  heat  transfer  in  a  dissociated  nonequilibrium  environment  has 
55  52  5"^ 

long  been  recognized.  Both  temperature-dependent  and  constant  values  of  the  coefficients  for 
surface  oxygen  and  nitrogen  recombination  have  been  used  to  calculate  laminar  heat  fluxes  to  the  Space 

Shuttle.  The  reaction  rates  (k^  ^  and  were  inferred  from  ground-test  arc-jet  heat-transfer 

measurements^^'  conducted  at  wall  temperatures  higher  than  flight-measured  values.  The  heating  rates, 
or  surface  temperatures,  which  have  been  calculated  with  the  existing  reaction  rates  yield  only  a  fair 
9  52  5T 

comparison  '  ’  with  the  Shuttle  experimental  windward-ray  thermal  data.  In  fact,  at  altitudes  lower 

than  approximately  210,000  ft,  the  calculated  heating  rates  are  as  much  as  30  to  40  percent  lower  than 
the  experimental  data. 


Results  typical  of  these  comparisons  were  recently  presented^^  and  are  shown  in  Fig.  8.  The 
windward-symmetry  plane  heat-transfer  data  measured  at  234,000  ft  are  compared  with  the  results  of  the 

modified  SHTNEQ  code^^  using  temperature-dependent  reaction  rates, The  axlsymmetrlc  VSL  (HYVIS)  code 
9 

results  using  the  same  rate  expressions  and  employing  an  "equivalent  hyperboloid"  concept  are  also 
shown  on  the  figure.  The  predicted  results  of  both  codes  are  shown  to  be  approximately  20  percent  lower 
than  the  data.  However,  good  agreement  Is  obtained  with  the  predicted  results  from  the  nonequll ibrlum 
VSL  methods  based  on  the  3D  and  the  axlsymmetrlc  equivalent  body  techniques. 

The  concept  that  an  axlsymmetrlc  equivalent  body  could  model  the  windward-centerline  flowfleld  over 
the  Shuttle  at  a  given  angle  of  attack  was  proposed  in  Ref.  58  based  on  comparisons  of  ground-test  data 

measured  on  a  Shuttle  model  at  30®  angle  of  attack.  This  concept  was  then  verif led^^'^^  over  an  angle- 
of-attack  (AOA)  range  of  25*  to  45®.  For  this  AOA  range,  a  hyperbola  with  a  computed  nose  radius  and 
body  half-angle  was  used  to  model  the  Shuttle  windward-symmetry  plane  coordinates.  The  primary  reason 
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for  the  good  coarparlso/J  13  that  the  Shuttle  has  a  rather  wide  flat-bottom  surface  with  a  smoothly 
decreasing  slope,  and  the  equivalent  body  approximately  models  the  longitudinal  and  circumferential  cross 
sections. 

Also  shown  on  Fig.  8  is  a  comparison  of  the  data  with  results  predicted  by  the  modified  SHTNEQ  code 
using  an  oxygen  recomblnatlon-rate  expression^^  determined  from  STS-2  flight  data.  A  substantial 

Improvement  in  the  comparisons  Is  observed.  The  rate  expression  was  determined^®  by  a  "best"  fit  to  the 
experimental  STS-2  heating  rates  at  altitudes  from  260,000  to  23^,000  ft.  The  expression  was  correlated 
as  a  function  of  the  surface  teqp^atures  In  an  Arrhenius  fora.  Based  on  the  data  used  to  develop  the 
rate  expressions,  improved  comparisons  similar  to  those  shown  in  Pig.  8  should  not  be  surprising,  but  it 
is  irepCM'tant  to  note  that  the  rate  expression  is  not  uniquely  dependent  on  the  code  used  In  the  analysis 
process.  Good  agreement  Is  obtained  for  calculated  results  based  on  codes  using  different  computational 

techniques. Two  encouraging  results  were  observed  in  the  study  of  Ref.  60.  First,  the  comparisons 
of  the  data  and  predicted  results  were  significantly  Improved  for  altitudes  lower  than  23^,000  ft. 
Secondly,  both  the  STS-2  and  STS-3  heating  data  and  predicted  nonequllibrluro  results  approached  the 
corresponding  equilibrium  levels  in  a  very  similar  manner  with  decreasing  altitude  (Figs,  9(a)  and  9(b)). 

An  additional  illustration  of  the  ioproved  agreement  obtained  with  the  Shuttle  3D  VSL  code^^  using  the 
rate  expression  derived  from  flight  data  is  shown  In  Fig.  10.  The  windward-symmetry  plane  heating-rate 
data  at  199,000  ft  are  coopared  with  the  predicted  results.  Good  agreement  is  shown. 

Since  the  SHTNEQ  code  solves  the  full  three-dimensional  flowfleld  over  the  windward  surface,  it  is 
of  Interest  to  make  comparisons  between  prediction  and  flight  for  regions  away  from  the  symmetry  plane. 
These  comparisons  are  presented  In  Fig.  11  at  an  altitude  of  199,000  ft.  This  figure  compares  the 
transverse  heating  distributions  at  axial  locations  (x/L)  of  0.098,  and  0.592,  Figures  11(a)  and  lt(b), 
respectively.  The  predictions  shown  in  these  figures  are  those  obtained  using  the  oxygen  recombination 
rate  fran  Ref.  60.  In  general,  the  heating-rate  predictions  for  the  off -centerline  data  are  quite  good 
and  are  typically  within  10  to  15  percent  of  the  flight  data.  Also,  the  trends  of  the  heating 
distributions  In  the  crossflow  direction  are  In  agreement.  The  peak  In  heating  occurring  at  the  corner 
between  the  low^  surface  and  side  fuselage  is  generally  predicted. 

Shuttle  Data  at  Lower  Altitudes 


Experimental  laminar  heating  rates  from  STS-2  measured  along  the  windward-symmetry  plane  at  - 

9.15  are  shown  In  P)g.  12.  Heating  rates  calculated  by  the  LISC,^'  INCHES,^  HIVIS,^  VSLSI,^*  and  AAJDBL^ 
codes  are  shown  on  the  figure.  The  results  of  the  calculations  are  In  reasonably  good  agreement,  While 
there  is  some  scatter  in  the  experimental  data,  the  predicted  results  are  also  In  generally  good 
agreement  with  the  data. 

Circumferential  distributions  of  heating  are  presented  at  two  axial  stations  (x/L  •  0.1  and  0.4)  in 
Fig.  13.  At  the  two  stations,  the  calculated  results  are  in  good  agreement  with  the  data.  The 
calculated  results  are  based  on  the  VSL8U,  AA3OBL,  and  LISC  codes.  Note  the  relatively  small  differences 
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In  the  results  of  the  two  Invlscid-boundary-layer  methods  *  and  the  VSL  method. 

A  unique  capability  of  the  AA3DBL  method  is  the  capability  to  accurately  predict  heating  rates  on 
the  Shuttle  Orblter  wing.  A  comparison  of  calculated  heating  with  flight  data  for  the  "mld-wing” 
location  (2y/b  •  0.5)  Is  presented  In  Fig.  14  as  a  function  of  x»/c  (where  x*  is  the  distance  from  the 
leading  edge  and  c  is  the  chord  length).  Two  predictions  are  shown,  one  for  laminar  flow  and  one  for 
turbulent  flow.  The  turbulent  calculations  were  made  by  starting  transition  at  x/L  •  0.2.  At  first 
glance  the  flight  data  appear  to  behave  very  strangely;  first  being  laminar,  then  transitional,  then 
laminar,  then  transitional,  then  laminar  again,  and  finally  fully  turbulent  near  the  trailing  edge  of  the 
wing.  This  behavior  is  quite  easily  explained  when  It  is  realized  that  the  flow  at  different  cord 
locations  on  the  wing  has  traveled  along  different  streamlines.  Thus,  flow  along  one  streamline  can  be 
transitional  or  even  turbulent  while  the  flow  on  adjacent  streamlines  remains  laminar.  In  fact  this 

behavior  fits  the  transition  pattern  obs«'v€d^^  for  this  case  which  is  illustrated  by  the  transition 
front  locations  shown  in  Fig.  15. 

The  heating  at  the  more  outboard  location  on  the  wing  (2y/b  •  0.8)  is  presented  In  Fig.  16.  The 
heating  pattern  for  this  case  is  typical  of  what  is  expected  for  a  flow  undergoing  transition.  The  flow 
near  the  leading  edge  of  the  wing  is  laminar,  then  It  undergoes  transition,  and  finally  becomes  fully 
turbulent  near  the  trailing  edge.  The  calculated  heating  In  the  laminar  and  turbulent  regions  of  the 
flow  Is  In  reasonably  good  agreement  with  the  flight  data. 

Shuttle  Turbulent  Data 


9 

The  Shuttle  flowfleld,  based  on  nonequUtbrtum  calculations,  is  at  an  equilibrium  state  prior  to 
the  onset  of  boundary-layer  transition.  For  the  purpose  of  investigating  both  uhe  boundary-layer 
transition  movement  and  associated  turbulent  heating  levels,  laminar  and  "fully"  turbulent  results 

predicted  by  the  INCHES  code  were  compared'^  with  the  experimental  data  at  numerous  freestream  conditions 
from  the  time  corresponding  to  the  onset  of  the  transition  front.  While  this  complete  set  of  results  is 
not  presented,  the  turbulent  comparisons  presented  in  Fig.  17  are  typical.  Also  shown  on  the  figure  are 

21 

the  swept-cyllnder  (LISC)  results  for  this  condition.  The  turbulent  data  from  STS-1  are  shown  to  be 
about  10  percent  lower  than  the  STS-2  data.  Discrepancies  of  less  than  10  percent  are  obtained  when  the 
predicted  results  are  compared  with  data  for  either  flight. 
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FIRE  II 

The  Fire  II  data  are  presented  in  Figs.  18  and  19  tor  the  time  histories  of  the  radiative  intensity 
measured  from  0.2  to  6.2  eV  and  of  the  total  heating  rate  (convective  plus  absorbed  radiative  fluxes), 
respectively.  Time  of  zero  seconds  for  Fig.  19  corresponds  to  actual  trajectory  time  of  1617.75  seconds. 
All  the  measured  data  for  radiative  intensity  are  presented  In  Fig.  18  without  denoting  the  prime  data 
periods.  This  omission  was  done  for  clarity  in  presenting  the  results,  and  the  reader  is  referred  to 
Refs.  42  and  62  for  additional  details. 


The  computational  results  based  on  a  VSL  oode^^  and  a  detailed  Invlscid  code^^  both  using 

equilibrium  chemistry  and  coupled  with  the  Aerotherm  radiation  code^^  are  presented  also  in  Fig.  18. 

These  results  are  in  reasonably  good  agreement  with  the  flight  data  throughout  the  trajectory.  Results 

of  another  VSL  code^^  have  been  shown^  to  be  slightly  lower  than  the  present  results.  Comparisons  of 
calculated  results  with  the  Fire  II  data  for  the  radiative  intensity  in  the  2  to  4  eV  spectral  Interval 
are  presented  in  Refs.  25,  62,  and  64.  Also,  Ref.  62  provides  detailed  comparisons  of  the  radiative 
heating  for  a  large  ground'based  experimental  data  base  and  results  from  the  Apollo  4  flight  data. 

25 

The  results  from  the  VSL  code  and  from  the  invlscid  code  coupled  with  a  convective  heating 

equation^^  are  compared  with  the  total  heating-rate  data  in  Fig.  19.  Also  shown  is  the  calculated 
convective  heating  rate.  Again,  the  computed  results  are  in  reasonably  good  agreement  with  the  flight 
data.  At  the  time  of  the  third  heatshield,  the  heating  is  dominated  by  convective  heating.  At  the  time 
of  p?ak  heating,  heatshield  2,  the  calculated  results  are  slightly  lower  and  occur  slightly  earlier  than 
the  flight  data.  The  calculations  show  that  35  percent  of  the  maximum  total  heating  rate  is  due  to 
absorbed  radiation.  Furthermore,  70  percent  of  the  absorbed  radiation  comes  from  the  spectra  greater 
than  6.2  eV.  Thus,  while  the  actual  measured  flight  data  for  radiation.  Fig.  18,  provided  a  tntans  to 
compare  theoretical  results  at  a  spectral  range  less  than  6.2  eV,  the  total  heating  data  provide  some 
results  to  infer  a  comparison  with  radiation  data  for  the  vacuum  ultraviolet  region. 

The  agreement  between  the  calculated  results  and  flight  data  prior  to  peak  heating  was  unexpected 
and  is  probably  fortuitous  due  to  the  dominating  low-density  nonequilibrium  flow  at  the  higher  altitudes. 

2 

To  explore  these  effects,  the  nonequtllbrtum  Navler-Stokes  (SLNS  )  solution  was  coupled  with  the 

Aerotherm  radiation  code,^^  as  described  in  detail  In  Ref.  25,  and  the  results  are  shown  also  in  Figs.  i8 
and  19.  This  radiation  code  is  based  on  the  assuiqption  of  thermal  equilibrium,  but  several  attempts  were 
still  made  to  adapt  the  code  to  the  nonequtlibrlum  condition.  Unfortunately,  the  efforts  are  depicted  by 
the  large  discrepancies  shown  in  the  comparisons.  The  poor  nonequilibrium  predictions  highlight  the  need 
for  a  detailed  nonequillbrlum  radiation  code,  such  as  discussed  in  Ref,  65,  that  can  be  fully  coupled  and 

exercised  efficiently  in  a  detailed  flowfield  calculation.  Two  recent  studles^^'^^  have  shown  that 
results  based  on  chemical  and  thermal  nonequilibrium  concepts  can  provide  good  agreement  with  the  Fire  II 
radiation  data;  however,  the  radiation  transport  was  not  coupled  to  the  flowfield  solution  in  these 
solutions. 

AFE  MODEL 

Heating  calculations  have  been  made  over  the  AFE  geometry  for  angles  of  attack  from  -10*  to  10*. 

All  of  the  calculations  were  performed  at  M  -  9.86,  p  •  1.256  Ibs/ft^,  and  T  •  94*  R,  whloh  produced  a 

freestreara  unit  Reynolds  number  of  approximately  0.5  x  10^/ft.  The  calculated  heat-transfer  coefficients 

from  LAURA^^  and  aa3DBL^'  are  compared  with  experimental  data  obtained  in  the  Bl'lnch  Mach  10  Hypersonic 
Tunnel  in  Fig.  20  to  help  verify  these  computational  methods  for  this  configuration  and  to  show  the  types 
of  heating  distributions  that  will  occur  over  this  class  of  vehicle.  Boundary-layer  edge  properties  for 
the  AA3DBL  code  were  computed  by  the  KALIS  three-dimensional,  Invisold  flowfield  code. 

The  results  for  a  -  0*  are  presented  in  Fig.  20.  These  data  are  presented  as  (where  h  is  the 

heat-transfer  coefficient)  versus  nondlraenslonal  surface  distance  measured  from  the  nose  of  the  body. 

The  data  in  Fig.  20(a)  are  located  in  the  pitch  plane  with  positive  values  of  s/L  for  the  lower  symmetry 
plane  and  negative  values  of  s/L  for  the  upper  syinnetry  plane.  The  data  In  Fig.  20(b)  are  located  In  a 
lateral  plane  passing  through  the  nose.  The  experimental  data  were  obtained  on  moderate  fidelity  stycast 
models  using  the  phase-change  paint  technique,  and  the  accuracy  is  probably  ±  20  percent. 

In  the  symmetry  plane,  (Fig.  20(a)),  the  predicted  heating  near  the  stagnation  point  is  slightly 
higher  for  the  LAURA  code  than  for  the  AA3UBL  ''ode  and  should  be  more  accurate  since  the  LAURA  code  is 
based  on  a  solution  of  the  full  Navier-Stoke.*  equations;  however,  there  are  no  experimental  data 
available  in  this  region.  In  the  leeward-syonnetry  plane,  the  heating  data  is  very  low  over  the  entire 
skirt.  The  LAURA  code  results  show  a  slight  rise  In  heating  near  the  end  of  the  cone  or  the  beginning  of 
the  skirt  (l.e.,  x/L  -  -0.21)  which  is  caused  by  the  rapid  expansion  of  the  flow  in  this  region.  Along 
the  windward-symmetry  plane,  the  heating  decreases  rapidly  at  first  but  levels  out  over  the  aft  portion 
of  the  elliptic  cone  section.  As  the  skirt  Is  approached,  both  methods  predict  an  increase  in  heating 
which  peaks  near  s/L  «  0.77  which  is  again  caused  by  a  rapid  flow  expansion.  Although  the  LAURA  code 
results  are  much  higher  than  the  experimental  data  measurements,  regions  such  as  this  are  subject  to  much 
larger  than  normal  errors,  and  the  data,  without  corrections  for  three-dimensional  conduction  effects, 
would  be  expected  to  fall  below  the  theoretical  predictions.  Both  sets  of  predictions  are  In  reasonably 
good  agreement  with  the  experimental  data. 


In  the  lateral  plane,  (Fig.  20(b)),  the  AA3DBL  results  reach  a  small  plateau  slightly  ahead  of  the 
skirt  and  then  fall  continuously  to  a  very  low  value  near  the  base  of  the  body.  The  LAURA  results  again 
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show  a  peak  in  heating  Just  ahead  of  the  skirt  (x/L  -  0.39)  and  then  decrease  very  rapidly.  The 
experimental  data  show  no  peak  In  heating  as  also  noted  for  the  symmetry  plane.  In  general,  the 
predictions  are  in  again  reasonably  good  agreement  with  the  experimental  data. 

For  the  AFE  model,  the  HALIS  aerodynamic  coefficients  have  been  shown^^  to  be  in  good  agreement  with 
experimental  data  taken  over  a  range  of  Mach  numbers  and  ratios  of  specific  heats  (Y);  whereas  the 
corresponding  results  for  Newtonian  theory  are  In  poor  agreement  with  either  the  computational  or 
experimental  data.  The  aerodynamics  are  computed  also  at  a  flight  condition  of  maximum  dynamic  pressure 
using  the  HALIS  code  with  an  equilibrium  air  chemistry  option  to  assess  the  validity  of  extrapolating 
ground-test  data  to  flight.  The  AFE  vehicle  will  fly  in  the  free  molecular,  transitional,  and  continuum 
flow  regimes  and  experience  the  effects  of  nonequilibrium  chemistry.  For  the  present  calculations,  the 
point  of  maximum  dynamic  pressure  corresponding  to  the  minimum  flight  altitude  was  selected  to  minimize 
the  effects  of  nonequllibriura  chemistry  and  to  be  assured  of  continuum  flow.  An  equilibrium  chemistry 
solution  should  provide  a  reasonable  simulation  of  the  actual  flight  condition.  The  HALIS-calculated 
results  for  ground-  and  flight-test  conditions  were  obtained  at  angles  of  attack  between  -!0*  and  10"  in 
5"  increments. 

The  results  of  these  equilibrium  calculations  for  the  critical  aerodynamic  coefficients  of  pitching 

moment,  C  ,  are  shown  on  Fig,  21  along  with  the  computed  values  at  the  three  tunnel  conditions  and  the 
m 

Newtonian  values  for  the  flight  condition.  HAHS  flight  computations  indicate  that  the  vehicle  trims  at 
zero  degrees.  Clearly,  results  from  the  M  -21.5  helium  and  -  10  air  tests  would  misrepresent  the 

aerodynamic  and  trim  characteristics  of  the  AFE  vehicle  at  this  flight  condition.  Surprisingly,  from  a 
stability  standpoint,  the  C  values  at  zero  degree  angle  of  attack  are  similar  for  the  Newtonian, 
a 

flight,  and  CFj^  curves  even  though  in  magnitude,  the  Newtonian  value  is  seriously  in  error,  whereas 
the  Cjjj  in  CF^  is  considerably  closer  to  the  flight  value.  From  the  standpoint  of  magnitude,  the  CF^ 
results  are  the  best  approximation  to  the  flight  values  of  for  a  <  5*.  However,  over  the  same  values 

of  a,  there  are  considerable  differences  in  C  .  Again,  these  predicted  flight  values  are  for  air  in 

a 

thermodynamic  equilibrium,  and  the  impact,  if  any,  of  nonequilibrium  chemistry  on  the  vehicle 
aerodynamics  has  yet  to  be  determined.  Under  no  circumstances,  either  for  tunnel  or  predicted  flight 
values,  was  the  use  of  Newtonian  pressures  to  determine  aerodynamics  of  any  practical  use  for  this 
configuration  whose  flowfield  is  dominated  by  subsonic  flow  behind  the  bow-shock  wave. 


CONCLUSIONS 

An  overview  of  previous  investigations  demonstrating  the  capabilities  of  both  detailed  and 
engineering  codes  to  predict  the  aerothermal  environment  about  an  entry  vehicle  has  been  presented.  The 
overview  consists  of  a  brief  discussion  of  the  computational  methods  and  the  experimental  data  and 
presents  comparisons  of  the  predicted  results  and  data.  The  focus  is  primarily  on  flight  data  analyses. 

The  predicted  results  are  based  on  a  series  of  computer  codes  employed  by  the  Aerotherroodynamlcs 
Branch  of  the  Space  Systems  Division  at  the  NASA  Langley  Research  Center.  The  detailed  codes  range  from 
a  Direct  Simulation  Monte  Carlo  method  to  investigate  the  high-altitude,  low-density  noncontinuum  flow  to 
three-dimensional  invlscld  plus  boundary-layer  methods  to  investigate  the  lower  altitude,  contlnunm 
conditions.  The  computational  capabilities  also  Include  engineering  codes  which  use  various  levels  of 
approximation  to  predict  the  aerothermal  environment.  The  flight  data  represent  measurements  over  a 
diverse  set  of  vehicle  configurations.  Aerodynamic  and  aeroheatlng  results  of  recent  ground  tests  are 
also  included  because  the  tests  provide  data  on  a  model  of  a  pending  flight  project. 

The  overview  provided  the  opportunity  to  demonstrate  in  a  single  source  the  capability  of  these 
codes  to  predict  the  aerothermal  environment  about  an  entry  vehicle.  Comparisons  based  on  flight  data 
were  selected  because  these  results  yield  the  unique  chance  to  assess  the  coupled  real-gas  chemistry 
procedures  included  in  the  codes.  The  analyses  of  flight  data  were  preceded  by  studies  in  which  the 
results  of  the  codes  were  compared  to  predictions  of  other  computational  methods  and  existing 
experimental  data.  While  no  one  method  was  used,  nor  probably  should  be  expected,  to  predict  the  whole 
range  of  entry  environment  and  vehicle  configurations,  the  collection  of  codes  demonstrated  good  existing 
capabilities  and  future  potential  for  predicting  the  aerothermal  environment  about  flight  vehicles.  The 
overview  also  illustrated  procedures  which  were  and  should  be  used  to  verify  a  computational  technique. 
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Fig.  10  Comparison  of  nonequlllbrlum  cencerLtne 
heating-rate  predictions  on  the  Shuctle 
Orblter. 


STS -2 
-AA3DBL 


- ^VSL84 

- LISC 


(a)  x/L  -  0.1. 


-90 


I  i  I  I 
•30  30 

♦.  deg 


(b)  x/L  -  0. 


'  157000  ft 
9.15 
34.8“ 


Fig.  13  Circumferential  heating-rate  distributions 
on  Shuttle  Orblter. 
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Fig.  11  Nonequlllbrlum  heating-rate  predictions  in 
circumferential  direction  on  ':he  Shuttle 
Orblter . 
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Fig.  14  Streaffl%rlse  heating-rate  distribution  on 
Shuttle  Orblter  wing  at  2y/b  ■  0.5. 
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Fig.  12  Comparltoo  of  centerline  heating-rate 
predictions  with  Shuttle  flight  data. 
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Fig.  15  Transition  front  on  Shuttle  Orblter  wing 
from  STS-2  flight. 
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Fig.  16  Streamwise  heating-rate  distribution  on 
Shuttle  Orbiter  wing  at  2y/b  =  O.ft. 
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Fig.  19  Comparisons  with  total  heating-rate  data 
from  Fire  TI. 
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Fig.  17  STS-2  centerline  heating-rate 
distributions . 
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Fig.  20  Comparisons  of  wind-tunnel  heating 
distributions  on  AFE  configuration. 
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Fig.  18  Comparisons  with  the  radiation  Intensity 
data  from  Fire  11. 
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Fig.  21  Comparison  of  pitching-moment  predictions 
at  ground-test  and  flight  conditions  for 
AFE  configuration. 
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